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ABSTRACT

PHILCO- FORD SRS-TR146 UNC LASSIFIED

MULTIPLE SATELLITE

SYSTEMS STUDY FINAL REPORT 449 Pages
6 March 1967 Contract NAS2-3926

A feasibility study has been performed for a multiple launch of

four scientific satellites into highly elliptical earth orbit, to

make simultaneous field and particle measurements in the region

of the interaction between the solar wind and the magnetosphere.

This report covers parametric mission analyses which examine

methods of deploying the four satellites into the desired orbital

array, the specification of the important resultant system re-

quirements, and the development of a configuration concept which
will meet the requirements. The basic conclusions are that the

mission is indeed feasible, and that the most promising configu-

ration concept is one in which four satellites are deployed simul-

taneously, near apogee, with radial velocities obtained from the

centrifugal forces of a spinning payload cluster.
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SECTION 1

INTRODUCTION

This report conveys the results of a study which has been performed by Philco-Ford

under contract to NASA Ames Research Center, for the purpose of examining the

feasibility of a multiple launch of satellites to accomplish a specified scientific

mission. The mission objectives and requirements were defined in the NASA/ARC

Specification A-11967 Rev. B. The task of the study then was to perform the para-

metric analyses necessary to define the system requirements, to develop deploy-

ment strategies which would optimize the experiment value, to derive corresponding

spacecraft requirements and to develop a configuration concept which would meet

the requirements. A basic objective was to identify any problem areas which would

require resolution before proceeding to a design study phase of the program. The

preliminary design was to be carried to the extent necessary to establish the major

features and feasibility of approach of the deployment method and of each satellite

subsystem.
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SECTION 2

MISSION OBJECTIVES

2.1 SCIENTIFIC MEASUREMENTS

The purpose of the proposed missies is to make measurements that better define

the physioM olmraoteristies of the region of the interaction between the solar wind

and the earth's magnetosphere. The region of interest encompasses the entire

progression from the interplanetary plasma (freely expanding solar wind), to the

shook wave, boundary layer (magnetosheath), and the magnetosphere itself. Of

particular interest are:

• Separation of temporal and spatial variations (relatively

1ong-term structural feature s )

• Detailed definition of the disturbances responsible for

temporal variations.

To accomplish this requires the making of simultaneous measurements over a

spatial matrix which, over a period of time, maps the region of interest. The

shape and size of this matrix (array of satellites) is defined only as being three

dimensional, and being characterized by initial separation distances of approx-

imately 500 to 1000 kilometers, with separations at the end of mission life

increasing (due to drifts) to no more than 15, 000 kilometers. Each satellite

measures magnetic field strength, using a boom-mounted magnetometer, and

makes energetic particle counts, using a plasma probe. To correlate the data

from the four satellites, a time reference is added to each measurement.

2.2 ORBIT REQUIREMENTS

Size and Shape. The orbit is highly ellipticalto allow the satelliteto pass through

the region of interest, which lies, approximately, between 10 and 14 earth radiL
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The nominal apogee is 20 earth radii. Perigee, established by direct injection, is

only high enough to preclude unacceptable drag effects; the actual value of perigee,

which depends on the launch window, is approximately 140-160 nautical miles.

Orbit Plane. From the experimenter's standpoint, a minimal dihedral angle

between the plane of the orbit and the ecliptic plane is desirable, consistent with

other launch date and azimuth constraints.

Line of Apsides. Initially, the line of apsides should be so oriented with respect

to the sun that most of the early part of the mission is spent with the apogee

region toward the sun. This implies an orbit with its major axis pointed at a

certain angle "behind" the sun, so that the earth's orbital motion causes the

apparent sun vector to sweep the apogee region at approximately one degree

per day. Thus, the contemplated angle (15 to 20 degrees)gives 15 to 20 days

between launch and the point when the sun vector projection passes through

apogee.

2.3 SPACECRAFT REQUIREMENTS

Orientation. The satellite is spin-stabilized, with the spin axis approximately

normal to the ecliptic plane. The scientific instruments dictate a spin rate of

50 to 70 rpm.

Magnetic Cleanliness. The magnetic field produced by the satellite does not

exceed 0.5 gamma at the magnetometer sensor.

Lifetime and Reliability. The nominal orbit life is a minimum of six months.

However, since the most important part of the mission occurs in the first three

months, the prima_T design consideration is to achieve a high reliability for the

three month's operation, rather than to extend the mission life. As a design goal,

the reliability of the four-satellite system for a period of three months is 0.70.
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SECTION 3

SUMMARY AND CONCLUSIONS

3.1 STUDY APPROACH

The approach that has been taken in the feasibility study is as follows: The mission

objectives were exercised to determine what sort of satellite arrays would be de-

sirable. Then the question was addressed, what are the essential features of the

deployment schemes which are required to establish these arrays ? The parametric

studies of these deployment schemes constituted the major part of the mission

analysis work, and then resulted in the specification of certain important system

requirements, particularly values for velocity increments and allowable execution

errors. These requirements which derive from the deployment scheme to-

gether with other mission-related spacecraft requirements, formed the basis for

the configuration studies which were done. The basic alternative configuration

concepts then were identified. There were two of these, and parallel preliminary

design efforts were carried out on both. Subsystem requirements and mechaniza-

tion were developed for each satellite configuration and for the carrier modules

which are associated with each configuration concept. Involved in this was a con

siderable amount of tradeoff analysis within subsystems, particularly in the areas

of communications and attitude control. At the end of the parallel design studies,

a detailed comparison was made between the two configuration concepts, and a single

preferred configuration selected. In parallel with this, additional mission analysis

tasks were proceeding to optimize launch date, and position in orbit of the deploy-

ment maneuvers.

3. 2 MISSION ANALYSIS

The mission analysis tasks have been divided into three main categories: reference

orbit studies, separation studies, and orbit determination predictions. In the refer-

ence orbit category, studies were made to establish the relationships between
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D

launch date, ecliptic inclination of the orbit plane, line of apsides location relative

tt, the stm, and perigee height variations. Definition of the perigee variation due

to lunar and solar gravitational forces was necessary in order to select a launch

date for which the relative positions of the earth, the sun, and the moon are such

that subsequent decay in perigee height does not result in an unacceptable level of

aerodynamic drag. This requirement results in a tradeoff between the initial orbit

relation to the sun (determined by time of day of launch) and initial perigee (injec-

tion altitude, which has a strong effect on launch vehicle payload capability). In

addition, it is desirable to minimize the inclination of the orbit plane with respect

to the ecliptic, which also varies with launch date. An optimization of all of these

parameters resulted in choosing an initial orientation of the line of apsides about

fifteen degrees from the sun's position, so that the apparent sun vector sweeps

through apogee about fifteen days after launch. Three launch windows of a few days'

duration each were selected in late January, mid-February, and late February.

These choices result in an initial perigee altitude requirement of about 150 n. mi.

A drag analysis and an occulation time analysis were then done on this reference

orbit; the results of these simulations are given in the report.

A principal task of the separation studies was the generation of parametric satellite

array configurations as a function of position in orbit. The parameters which were

varied are the true anomaly, the velocity increment magnitude, and velocity incre-

ment direction of the separation events. To obtain maximum separation distances

in the regions of scientific interest, the analysis showed that the best place to make

the separation maneuvers is in the region of apogee. If that is done, separations

on the order of 500 km can be obtained with total relative velocity increments of

about 10 mcters/sec between satellites.

Two methods of separation were extensively investigated. The first of these, called

the radial case, makes use of centrifugal forces to supply the separation velocity

increments. The four satellites are clustered radially, in a single plane. The

launch vehicle imparts a spin to the entire payload at injection, which is near the

perigee point of the orbit with the spin axis colinear with the orbital velocity vector.

The payload coasts, spin-stabilized, to apogee, where the spin axis again is along

the velocity vector. At that point, the four satellites are released simultaneousl> _,
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so that they acquire separation velocities in four quadrants, all in a plane perpendi-

cular to the orbital velocity. Subsequent to separation, the invidiaul satellites

extend booms for spin stability, erect their spin axes normal to the ecliptic, and

spin up to the desired orbital spin rate.

The other deployment method is called the stacked case. The four satellites are

stacked longitudinally and employ a carrier module which has attitude and orbit

control capability. Following separation from the launch vehicle, the entire pay-

load, which is spinning and has booms extended for stability, is erected so that its

spin axis is normal to the orbit plane. At any desired point in the orbit, the two

outer satellites are separated, and an axial solid rocket on each satellite is used

to impart a velocity increment normal to the orbit plane. The reaction control

system of the carrier module is then used to give the remaining two satellites a

velocity increment in the orbit plane and normal to the velocity vector. These

satellites are then separated as the first two were normal to the orbit plane.

In both of the above concepts, all of the velocity increments are nominally perpendi-

cular to the orbital velocity vector. This is because any component of the increment

which is additive (or opposite) to the orbit velocity causes changes in period, and

thus secular drift rates between satellites. The principal constraint on execution

errors is the need to limit these drift rates; the experiment requires that two

satellites be separated by no more than 15, 000 km at the end of the six month mis-

sion life. Analyses of the propagation of direction errors in the two cases have

resulted in the conclusion that a nominal 5 degree pointing accuracy will result in

drift rates which will not violate this condition.

It should be noted thatboth of the concpets, as described herein, result in arrays

which, in the absence of errors, remain planar throughout their life. In the stacked

configuration concept, however, certain combinations of direction errors result in

a degree of three-dimensionality. It is recommended that further studies be made

of the statistics of these separation errors and the corresponding effects on array

configuration, particularly on the three-dimensional features of the resulting arrays.

There are also many methods of establishing intentionally a tetrahedral array with

the stacked configuration, but these involve the addition of in-plane velocity increm_
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capability to individual satellites. In the radial case, this can be done with the

existing capability by imparting velocity increments normal to the separation

plane to two of the four satellites, prior to erecting their spin axes. The only

effect on satellite requirements is a very small additional full requirement, and

a pointing accuracy of about 3 degrees, which can be met by the proposed attitude

control concept.

The final mission analysis task was the tracking analysis, and the establishment

of orbit determination capabilities. The results were that angle tracking of the

payload prior to satellite separation is adequate to determine the actual orbit

apogee with the precision required for proper sequencing of the separation maneu-

vers. For the determination of the relative positions of the individual satellites to

the desired accuracy, the study showed that determining the position of each indi-

vidual satellite by RF tracking and then combining the data would be a feasible

method. The Goddard range-and-range-rate system (S-band) will be used to ac-

complish this tracking to the desired accuracy. Simulations have been made of

both tracking modes using six appropriate ground stations of the STADAN network,

and the results are presented in terms of velocity and position prediction errors,

as a function of accumulated tracking time.

3.3 CONFIGURATION STUDIES

The configuration studies which have been done consisted primarily of parallel

efforts for the preliminary design of a configuration to implement each of the two

separation methods, stacked and radial. Each configuration evolved through a

series of iterations of overall satellite shape and general arrangement, and various

methods of equipment packaging. Packaging of satellites during ascent and the

preliminary design of appropriate mounting and release mechanisms received

particular attention. In the stacked case, a major objective was to make the inertia

ratios of the entire spinning payload as nearly as possible dynamically stable; how-

ever, it was found that in any arrangement it is necessary to deploy the satellite

booms to achieve stability. In the radial case, the clustered payload is inherently

stable without boom deployment. Extensive work was done on the design of deploy-

able booms and of trusswork adapter structures.
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The two configurations which resulted from this work are described in detail in

the report. The satellite in each case is essentially a cylinder covered with solar

cells, with three single-hinged radial booms. The radial satellite, which is longer

and of smaller diameter, also has an axial mast which supports a biconical antenna,

and has a band around the center from which sensor viewing angles are provided.

In the stacked configuration; the basic cylinder is essentially a skirt, with the

equipment platform protruding above it to provide field of view for the sensors and

for a strip-array antenna around its circumference. The carrier module for the

stacked case is a trusswork structure which contains the attitude and reaction

control equipment, and is located between the two pairs of satellites. In the radial

case, there is a small structure in the center of the cluster which serves to hold

the four satellites together and then to release them simultaneously on command;

it has no maneuvering capability. Comprehensive weight estimates were developed

for each configuration. The results, including an assumed 12-pound science load

to each satellite, were 266 pounds total payload for the radial case and 302 pounds

for the stacked case.

Subsystem tradeoff analyses were done and subsystem functional designs were

developed for each configuration. For the telecommunications subsystem, there

is no difference between the two configurations, except for requirements during the

ascent and deployment sequence. The orbital system serves to record ten hours

of scientific data per orbit, and then to play it back and transmit it to a ground

station on command. Telemetry of a small amount of engineering status informa-

tion also is provided. Studies of the relation between satellite separations and
i

ground antenna coverage capabilities revealed that readout of the four satellites

must be sequential rather than simultaneous. This, together with an assumed

single ground station coverage allocation of three hours per orbit resulted in speci-

fication of a nominal readout time of 30 minutes per satellite. A solid-state S-band

transponder is used for data transmission, PCM command reception, and range-

and-range-rate tracking. For a two-watt output transmitter, which can be operated

by the solar power system without any battery capacity, a total capacity of 1.3 x 107

bits per orbit and a corresponding experiment information rate of 360 bps are ob-

tained. It is intended to use the Goddard designed six pound tape recorder, which

has a storage capacity of about 4 x 107 bits. To fully utilize this capacity, a six-
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watt output transmitter would be used and a small rechargeable battery would

supplement the solar array power in this high-rate mode for 30 minutes per orbit.

This will provide capability for experiment data rates of about 1100 bps.

The altitude control studies addressed the major areas of defining the initial orien-

tation and control requirements, developing orientation sequences and operational

modes for the two configuration concepts, and specifying subsystem functional

design and equipment requirements to accomplish these procedures. First, the

orbital disturbance torque environment was evaluated, and it was determined that,

for orbital spin axis alignment accuracy requirements on the order of five degrees,

an initial orientation will be sufficient, i.e., no updating of attitude throughout the

life of the mission is required. Therefore in the stacked configuration, where

initial orientation of the entire payload is accomplished prior to satellite separation

by the carrier module, the satellites will contain no attitude control subsystem. In

the radial case, initial orientation is done by individual satellite, and therefore this

capability will be available throughout the mission, should it be desired. For the

stacked case, a comparative study was made of a self-contained system for orien-

tation during the first half orbit vs a ground-commanded system which requires

delaying satellite separation until the second apogee, with the result that the ground-

commanded system is recommended. The orientation of the radial satellites also

is by ground command. Preliminary subsystem designs were developed for each

configuration. In the stacked case, this involved a single system on the carrier,

consisting of infrared earth horizon sensors and narrow angle sun sensors for

reference and pulse synchronization, and a monopropellant hydrazine system for

reaction control. In the radial case, there is a system on each satellite; a simpler

albedo sensor can be used in place of IR sensors. Essentially the same sun-sensor

network is needed, and a simpler and much smaller ammonia vapor reaction con-

trol system is used, mounted on one of the booms. Error analyses of the operation

of these systems showed that the pointing accuracy requirements of about three

degrees could be met.

A satellite electrical power subsystem preliminary design also was done. The

design is conventional for a solar array-powered, regulated direct current bus,

including a small secondary battery. With the current solar array configurations,
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total conditioned load power available at the end of six months is 22.8 watts in both

cases. The radial configuration has solar array growth potential to about 30 watts,

while the stacked configuration is now near its limit, and could provide 25 watts

maximum.

3. 4 SYSTEM STUDIES

Certain tradeoff studies of an overall nature were necessary in order to define the

system configuration. The first of these was the selection of the preferred launch

vehicle from the Thor-Delta family. This selection was made on the basis of pay-

load capability, injection accuracy, projected vehicle availability, and comparative

costs. The principal contenders were the DSV-3E and DSV-3J vehicles; based on

a comfortable payload margin and growth potential at a modest incremental cost,

the DSV-3J was selected. Also, a cursory examination was made of the applica-

bility of the Burner II upper stage to this mission. This assumes the use of the

DSV-3L (long-tank Thor) booster (or an Atlas booster). The conclusion was that

this is feasible, and should be further evaluated as an alternative approach.

Studies were made to establish detailed sequences of operations required during

ascent and coast and during the extended orbital operations, and identify the resul-

tant equipment requirements on the satellites and on the carrier modules. It was

found that for both configurations, it is not feasible to use the satellite orbital

S-band antennas prior to satellite separation. Therefore, a separate VHF beacon

and command receiver were included in the carrier module in each case, to allow

tracking, command control, and, in the case of the stacked configuration, some

telemetry transmission during the coast phase. Orbital operations were broken into

four modes, and power requirement summaries made for each mode. These are

record, playback, standby, and a real time transmission at reduced data rate for

backup mode. Selection of bit rate during the playback mode determines the need

for battery capacity to support orbit operations. Inclusion of a secondary battery

of under two pounds allows for operation of the data link in a high-rate, 6 watt out-

put mode, as well as standby operation during eclipse periods of up to one hour.

For longer eclipse periods which, depending on launch date, might occur during the

later months of the mission, the satellite will have the capability to turn itself
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completely off after one hour, and to be reactivated when it emerges into the sun-

light.

A study was made of possible spin axis orientations. In the stacked configuration,

the spin axis is constrained by the separation method to be normal to the orbit

plane. In the radial configuration, analysis showed that the increase in the antenna

beamwidth requirement to maintain earth coverage due to aligning normal to the

ecliptic plane is acceptable, and therefore this experimentally desirable orienta-

tion is feasible.

Finally, a detailed comparison of the two alternative configuration concepts was

made on the basis of salient features of design, reliability, operational considera-

tions, and experiment suitability. The result of this comparison was that the radial

configuration is the lighter, simpler, and more reliable of the two concepts, and

offers at least equivalent mission value, and therefore should be the recommended

concept.

3. 5 CONCLUSIONS

The conclusions resulting from the study are as follows:

1 Accomplishment of the proposed mission is feasible, based on satellite

technology either existing now or projected for the time period of inter-

est, and using a standard launch vehicle of the Thor-Delta series.

. The most promising system concept is one in which four identical

satellites are clustered in a plane during ascent, and are simultaneously

released near apogee, where the spin axis is colinear with the velocity

vector, and deployed by centrifugal force.

. Based on preliminary design of the radial configuration concept the

following fundamental system parameters and spacecraft requirements

have been established:
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Separation velocity increment magnitudes of approximately

10 meters/sec (between satellites) are required to obtain the

desired initial separations in the region of interest on the order

of 500 kin.

The radial deployment concept can provide the required velocity

increments with centrifugal forcealone, based on angular

momentum capabilities of the standard Delta spin table.

The radial deployment concept requires a spin axis pointing

accuracy of the payload prior to satellite separation of about

3 degrees, which can be provided. An orbital pointing accuracy

of about 5 degrees is adequate for the experiments, provided the

actual attitude is accurately known. The attitude control system

described in this report will satisfy these requirements.

The reaction control system can be used to give two of the

satellites an additional velocity increment, should it be desired

to establish a particular three-dimensional array.

A total capacity for experiment information of approximately

4 x 10 7 bits of data can be collected per satellite per orbit.

An S-band data link using a solid-state transmitter of 6 watts

output power will provide the necessary communications capability.

. Based on the results of this feasibility study, it is recommended that

further investigation be made of the following items:

a. More detailed array analysis to establish the effect of separation

errors and orbit perturbations on the initial formation of the

array and the change in that formation with time.

D
b. A more detailed investigation of secular orbit determination

problems including all secondary orbit perturbation effects
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of station location errors and measurement

biases.

C. Additional system trade-off studies to define in more

detail optimum separation and attitude control techniques

for the various alternatives.

d. A more detailed examination of the operational problems and

communications requirements for the coast phase prior to

satellite separations.

e. A more extensive examination of the application of the

Burner II stage to this mission, including a detailed definition

of the required maneuver sequence and flight system modifi-

cation requirements and a comprehensive cost analysis.
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SECTION 4

ORBIT ANALYSIS

4.1 REFERENCE ORBIT

The launch analysis was performed to determine the best possible launch window

for the Ames project. The mission calls for the injection of a multiple satellite

package into a highly elliptical orbit, using a booster from the Thor-Delta series.

The apogee radius for the orbit was set at twenty earth radii, with a perigee alti-

tude of 318.76 km. The general information on the orbit, as well as the nominal

injection conditions used to achieve this orbit, is presented below:

• Radius = 6696. 959 km

• Latitude - 14.2 deb

• Longitude - 328.0 deg

• Inertial velocity - 10. 63615 km/sec

• Inertial flight path angle = 2. 199 deg

• Inertial azimuth = 114.984 deg

• Period - 1 d 23 h 48 m

Figures 4.1-1 through 4.1-3 are concerned with this nominal orbit and the approxi-

mate times at which several of the critical events occur. Figure 4.1-1 is a plot of

true anomaly and radial distance as a function of time and suggests the approxi-

mate shape of the orbit. Figure 4.1-2 presents in greater detail the orbit in the

neighborhood of perigee. Figure 4.1-3 shows the subsatellite points on the first

orbit about the earth. The period of the orbit is so close to two days that the

vehicle will pass over nearly the same points for the first few weeks l

Several orbital requirements must be considered when choosing the launch window.

One is that the inclination of the orbit plane with respect to the ecliptic plane should

be minimized. The other is that the line of apsidies should lead the sun by an angle

of up to 26 degrees. Figure 4.1-4 indicates that to put the inclination in the desired

* The injection conditions are based on a specific Pioneer trajectory, which is rep-
resentative of the type of ascent which will be used for this mission. The perigee
altitude of 172 nautical miles represents an upper bound; launch date optimization
will result in the selection of a perigee altitude of about 150 nautical miles.
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region, the launch date must be picked in late January or early February. These

dates are independent of year since the inclination repeats itself from year to year.

Once the approximate time of launch is determined, it becomes a question of what

effect the lunar-solar perturbation forces have on the perigee altitude. The 31

January, 1969 date was chosen as a possible launch date and the complete set of

equations of motion were integrated for 16 orbits (about a month) to see how peri-

gee altitude is affected by these forces. If the line of apsidies lies ahead of the sun

by 26 degrees, the perigee altitude drops far below the minimum allowable altitude.

However, it is noted that if injection had occured a little later in time (around four

days), the perigee altitude would have been at the bottom of the ripple and would

have started up instead of down, thus keeping the minimum perigee altitude above

the 120 n. mi. limit.

It may also be noted from Figure 4.1-5 that the various curves of 0, 13, and 26

degrees seem to be of the same form, but shifted to the right for larger lead angles.

If the orbit is integrated for a longer period of time, as was done with the results

presented in Figure 4.1-6, it is noted that the perigee altitude curve is composed

of two parts: an oscillation with a period of half a year due to the sun's apparent

motion about the earth, and a short period oscillation due to the moon's motion.

The period of the rapid oscillation is nearly 14 days.

D

An attempt was then made to separate the sun's effectfrom thatof the moon. The

sun's effectis best represented by the lines passing between the sun-moon oscilla-

tions in Figure 4.1-6. These curves are very similar and are shiftedabout two days

to the right for each degree lead of the sun by the line of apsides. The best place

to start on this curve is at the minimum point, which corresponds to pointing

directly at the sun. However, to lead the sun by some angle, the corresponding

perigee altitudeloss must be accepted. Ifthe moon's position is picked properly

this loss will not be great. To lead the sun by much more than 26 degrees is not

advisable. To assure this, the nominal launch window was chosen to be 13 degrees

ahead of the sun. To show that the perigee altitudenever drops below its first

minimum, the equations were integrated for 256 days and the perigee altitude

plotted in Figure 4.1-7.
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The most important consideration is to inject the satellites when the moon is in

its most favorable position. To determine this, the positions of the sun and the

moon were plotted on polar paper with the probe at perigee. By comparing the

points at the bottom of the lunar perturbation curve with their positions in Figure

4.1-8, it can be seen the best time to inject is when the moon lies ahead of the

line of apsides by 0 to 45 degrees. This will always put the perigee altitude curve

on the upswing portion of the lunar curve. Figure 4.1-9 shows three possible

launch windows for 1969 and 1971 in which this condition is satisfied.

The above analysis did not include drag. The program was then run with drag

included, and it was found that the perigee altitude was hardly affected by the drag.

However, the drag did tend to decrease the energy on each pass and thus caused the

apogee altitude to decrease. Figure 4.1-10 presents this effect in terms of the

change in period as a function of orbit number. Again, the effect is very small.

Figure 4.1-11 is a plot of occultation time (the time the vehicle is occulted from

the sun by the earth) as a function of time from injection into an orbit whose line

of apsides leads the sun by 13 degrees and which has an inclination of 6.6 degrees

with respect to the ecliptic plane. The date of injection was 31 January, 1971.

The period of least occultation occurs when the right ascension of the sun is 180

degrees ahead of the right ascension of the probe at perigee and the maximum

occurs when the sun is in the same position with respect to the right ascension

of the probe at apogee. This injection inclination corresponds to maximum occulta-

tion times and any increase in inclination will tend to reduce the occultation times.
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Figure 4. 1-8 Lunar-Solar Positions with Respect to Probe at Perigee
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PERIOD CHANGE VS. ORBIT NUMBER
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4.2 SATELLITE DEPLOYMENT

4. 2.1 Introduction

The object is to deploy four satellites in an array to facilitate a study of the solar

wind, the magnetosheath, and the magnetosphere. The satellites must be arranged

so that time and space gradients can be computed from the observations. The

region of principal interest is ten to sixteen earth radii from the center of earth.

In this region a minimum separation of 500 km between satellites is required to

obtain the desired data. Also, the distance between any two satellites must not

exceed 15, 000 kin.

The satellites are deployed from a highly eccentric orbit with a perigee height of

approximately 100 nm (185 km) and an apogee height of approximately 19 earth

radii (120, 000 km). The deployment is implemented by imparting a small relative

velocity (AV) to the satellites at appropriate points along the orbit.

The first step in determining optimum deployment conditions was a parametric

study of satellite separation. The parameters examined were the separation

true anomaly, and the magnitude and direction of AV. The effect of these

parameters on the subsequent motion of the satellites was studied in detail. The

position of the satellite relative to the nominal orbit was determined as a function

of the nominal true anomaly, as well as the change in the orbit parameters.

Some of the main results of the study are discussed briefly in the following. For a

detailed discussion of these results, the reader is referred to the body of this

report.

D

It was found that the effect of AV could be studied most effectively in terms of its

components along (or opposed to) the velocity vector of the satellite; normal to the

velocity vector and also normal to the orbit plane (up or down); and finally normal

to the velocity vector but in the orbit plane. See Figure 4. 2-1. A _V applied nor-

mal to the orbit has the effect of slightly rotating the orbit about the line from the

satellite to the center of earth, that is, the perturbed satellite oscillates above and
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Figure 4.2-1 Velocity Increment, _V, Resolved Into Components
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Figure 4. 2-3 Radial Array
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below the nominal position with the same period as the orbital period. A AV

applied normal to the velocity vector and in the plane of the orbit may be directed

either in (along HXV--) or out (along VXTI). In-plane maneuvers cause small changes

in the shape and orientation of the orbit. The orbit may be rotated either clockwise

or counter-clockwise depending upon whether the maneuver is "in" or "out" and

also upon the true anomaly at which the maneuver is made. It was found that the

most desirable separation points are in the neighborhood of apogee, 175 to 185

degrees true anomaly. In this region, in-plane "in" maneuvers cause the orbit to

rotate clockwise about earth, and "out" maneuvers cause the orbit to rotate counter-

clockwise. The magnitude of these rotations is small compared to other effects.

The main significance of the rotation is the phase shift introduced, i. e., apogee

occurs at a slightly different time, hence the satellite in the perturbed orbit tends

to lead or lag the nominal position. The separation between satellites is due prin-

cipally to this effect. Clockwise rotations cause the perturbed satellite to lead the

nominal position, while counter-clockwise rotations cause the perturbed position

to lag the nominal position.

A AV along (or opposed to) the velocity causes the orbit to increase (or decrease) in

size and hence the orbitalperiod increases (or decreases). Ifthe orbital period of

two satellitesdiffers, their relativepositions are not periodic, but change with

every orbit. Thus, itis generally undesirable to have a component of AV along the

velocity vector. Itis this secular driftthat tends to cause the satellitesto drift

apart and eventually exceed the operating range. To maintain a useable array for

the lifetime of the experiment it has been assumed that the AV direction is _3

degrees of being normal to the velocity vector. This is a reasonable value to

achieve, and results in dispersions at the end of life that are within the 15,000 km

limit.

The magnitude of the velocity increment(s) was chosen to give an initialseparation

of 500 km when the satellitesare at about twelve earth radii. The values may be

readily scaled since the relation between AV and separation is linear, where AV

is much smaller than V.

4-17
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Two configurations are considered, both of which result in satisfactory arrays.

One configuration, referred to as the "stacked" configuration consists of four satel-

lites stacked one on top of another {Figure 4. 2-2.) The other configuration, called

the "radial" configuration, consists of four satellites symmetrically arranged in a

plane normal to the spin axis of the carrier so that when released they have a AV

normal to the velocity vector. (See Figure 4. 2-3. )

The stacked array is deployed by a series of maneuvers executed at predetermined

points on the orbit. These maneuvers result in a planar array with a satellite

separation of 100 to 500 Km in the region of interest. Small errors in directing

AV (3 degrees or less) do not greatly effect the initial orientation of the array.

Errors in directing AV, however, are the prime source of array decay.

The radial array is deployed by simultaneously releasing all four satellites. This

must be done at a time when the spin axis and the orbit velocity vector are within

3 degrees of each other to ensure that the AV components along V will be small.

A non-planar array then can be obtained by giving two of the satellites an additional

velocity impulse. The spin axis and the velocity vector are nominally aligned at

perigee and apogee. Separation is at apogee since this is point that is most efficient

and least sensitive to direction errors.

Both modes result in satisfactory arrays; however, the sequence of positioning

events is simpler for the radial configuration. The resulting array in either case

tends to become elongated and unsymmetrical over the lifetime of the mission if

stationkeeping is not performed.

4.2.2 Theory

The analysis is based on elliptic orbits, therefore it will be useful to give several

definitions and formulas which will be used in the derivations to follow.

D
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Given the radius at apogee, ra,

a, is given by

and the radius at perigee, r
p'

the semi-major axis,

a = (r a + rp)/2 (1)

Perigee is the point of closest approach to and apogee is the point of greatest

excursion from the earth.

The eccentricity, ¢, of the orbit is given by

= 1- rp/a (2)

The velocity, v, at a radius, r, from the central body center is given by

2 2 - 1
v = F a) (3)

where/_ is the gravitational constant associated with the central body. The semi-

latus rectum, p, is given by

p = a(1- ¢2) (4)

The period, v, of the orbit is given by

= 2__ (5)

The familiar equation of the ellipse in polar form is

,, -P

r = 1 + ¢cose (6)

where the angle 0, called true anomaly, is measured from the radius of perigee.

To get e as a function of time, it is convenient to introduce the eccentric anomaly,

E. The eccentric anomaly is related to the true anomaly by the relation

tan _ = tan E (7)

[ PHILCO ]_IJ
PPllLCO - FQF_O CORPORATION
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and eccentric anomaly is related to the time since perigee passage, t, by the

equation

E- csinE = nt (_)

where n = 2_/_ is the mean motion. Equation (8), known as Kepler's equation,

is transcendental, hence not solvable by algebraic means. With today's digital com-

puters, however, numerical solutions are readily obtained by iterative means.

Another important quantity to be defined is the path angle _. It is the acute angle

between the velocity vector and the normal to the radius vector. The path angle

may be computed from the relation

¢. sin e (9)tan¢ = 1 _: (cos 0

It is convenient to establish a cartesian co-ordinate system and introduce vector
4%

notation. Let the first axis be a unit vector R directed along the radius vector at
^ ap

apogee; let the second axis be a unit vector Vap directed along the velocity vector at
/x

apogee; and let the third axis be a unit vector H directed along the angular momen-
ap

turn vector and completing the right-handed orthogonal co-ordinate system.

)

See Figure 4. 2-4. In this co-ordinate system, the radius vector R and the velocity

vector V are given by

and

A A

= -r (cos 0 Rap + sin 0 Vap )

I ^ %1= V sin (_- ¢)Rap-COS (0-¢)

(10)

Several formulas are given below showing the effect of varyingthe velocity. The

formulas may be readily derived by differentiating the defining equations and mak-

ing appropriate substitutions.

2a 2
6a =- (V. 5V) (ll)

6T = 3a_ (_. 5-V) (12)
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VAp

Figure 4.2-4 Geometry of Ellipse

(r r

8_= p a
- r 2) (V. 6V) + (R V) (fi- 8V)

/2 ¢a

(13)

= 2 [2 ¢7. _-_)- (fi. v) (a. 8V)]8 P (14)

_r
P

= (r 2 - rp 2) (V "SV) - (_" 8"V)

_r =
a /._c

(r2a-r 2) (V. _') + (R • V) (_. 8V-)

(15)

(16)

)
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Upon examining equations (11) through (16), we see that if 8V is normal to V,

V • 5V becomes zero and a considerable simplification of the equations results.

Specifically,

and

5a = 8"r = 0

8r :- 8r = a6c = -Sp = {R'V)(R'_V)
a p 2_ /z_

(17)

(18)

Furthermore we note that if _'V is normal to the orbit, and hence normal to both

V and R, then the parameters of equation (18) also become zero, i.e.,

_r = 5r = 8e = 8p= 0
P P

(19)

To take advantage of these simplications, 8V is considered to be made up of

three components: one normal to the orbit; another along the velocity vector;

and the third normal to the other two. Formally, these relations may be stated

8V = 8V  scosI iv]cos_ cost = 5V v

sin_b 5V H

(20)

where qJ is an angle measured in the plane of the orbit, from the velocity

vector and positive toward V x 1_; and _ is the angle between the orbit plane

and _'V.

Let us now consider separately the effects of the three components of 8V.

I LCO i_

I_HILCO-FORD ¢ORDORATION
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_'V Normal to Orbit. Since _V H is, by definition,normal both to _'and R,

equations (17) and (19)hold; thus, the size and shape of the orbit are unchanged.

The only effectof 6V H is to change the orbit orientation. This change is a

rotation of the orbit about the linefrom the body center to the satellite. Since

8V H << V, the angle of the rotation, p, is given by

8V H

p = tan p = Vcos (21)

Let _ be the vector from the point on the nominal orbit to the point on

the perturbed orbit at the time t. _ can be expressed in components in the

R _ H coordinate system. In particular the component normal to the orbit
ap ap ap

plane is given by

^

ArH = AR. Hap (22)

Now suppose that 8s is the true anomaly at separation. Then (since p is quite

small),

Ar H - _'_1 = PR sin(8- 8S) (23)

Thus, we see that a _V applied normal to the orbit plane produces a displace-

ment from the nominal that has essentially no in-plane component.

_V In-plane_ Normal to V. Let us now consider the effect of a 6V R in-plane

and normal to V. By the definition of 6VR, equations (17) and (18) are applicable.

Since there are no out-of-plane components of velocity, it is clear that there
^

can be not out-of-plane displacement, i.e., _'R'H = 0. Equation (18) is useful
ap

in computing the in-plane components of the separation; however, there are two

more effects that must be considered.
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The first is the rotation of the major axis about the central body center. Let #o

be the time anomaly at some time, to . Then, rotations of the semi-major axis

can be expressed as _o" It is found that, in general,

r cos# _-8
P

VVo e r sin # (24)

If(V-8V) = O, equation (18) becomes

_#o= Icos# 2 sin#'/l

The polarity of the rotation changes when 0 = 0 = tan -1 I l-e2 1
p [-_ -

then the major axis rotates clockwise for -8 < 0 <0

#<O< 2_r- O. P P
P P

(25)

m

LetR. SV> 0,

and counterclockwise for

In the special case of # = _r, we get

_a 18#o= - I) (26)

The second quantity, phase difference St, is more difficult to define. First, we

note that even though two co-planar orbits have the same period, they are not,

in general, at the same true anomaly simultaneously, even though they do pass

through some point simultaneously. For two orbits of the same period (and

hence of equal semi-major axes, a), the angular and linear velocity of the vehicle

nearer the central body center is greater. For example, when two satellites are

separated at some point by the application of an in-plane, inward _-V that is

normal to the velocity vector V of one of the satellites, the inner satellite gains

on the outer satellite until the outer satellite becomes the inner satellite. At this

point, the lagging satellite gains back all it had lost, and the satellites simultan-

eously reach the original separation point one period later.

)
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The size of the phase difference depends on the amount the orbit is rotated, the

degree the shape is changed, and the point on the orbit that is being considered.

No closed form solution can be written for the phase difference 8t since solution

of Kepler's equation is involved. The solution in a number of specific instances

was obtained, however, using a digital computer program. To convert the phase

time difference to a position difference, it is necessary to multiply by the velocity

at the point of interest. Thus, the separation due to phase difference is given by

_-Rt = _ 8t (27)

The components of the in-plane separation at the point where the orbit intersects

the semi-minor axis, b, are given by

Q

8rR = _-R'Rap = 8ra + r sin088,o + (V. Rap) 8t

__ ^

= = + (V.Yap )8t8r v _-R-_'ap _b + r cosO _0 °

(28)

Figure 4.2-5 illustrates the in-plane separation components with the relative

magnitudes greatly exaggerated so that the effects can be seen.

8V Along V. Equation (12) shows that the change in period, 5_', is directly pro-

portional to the component of 8V along V. The displacement due to period

difference is cumulative, being given by

_R = nV 87 (28A)

where n is the pass or orbit number. Thus, to minimize the rate of growth of

A-'-R, the component of 8"-Valong V must be minimized.

It should also be noted that 8_ is directly proportional to V at the maneuver point.

Thus, for a given component of _ V along V, 8r is minimum where V is minimum,

i. e., apogee.
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Figure 4.2. 5 Components of In-Plane Separation

A-'_ of Finite Magnitude. All the equations derived above assume that the velocity

variation 8V is infinitesimal. In practice, a velocity increment AV, of finite

magnitude, is applied. Thus, we have for example

3aT
AT = -- V. AV +

AV 2

2
(29)

instead of (12). In practice, this makes little difference since AV is at least two

orders of magnitude less than V for the maneuvers considered. However, it

does account for AT not being zero when V. AV = 0, for, in that case, we have

)

AT = 3a_.._r AV 2
2#
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Computer Simulation. The equations derived and discussed above are presented

to give some insight into the factors involved in separating two satellites in orbit.

The data to be discussed below were actually obtained from a digital computer

simulation of the satellite separation problem. The computer program, called

the satellite separation program (SSP), gives _R and its components as well as

the variation in orbit parameters for a specified separation true anomaly, 0s'

and AV. The program gives AR for all points on the orbit where the range is a

multiple of the earth's radius, e. g., r = 12 R E. Also the AR are given for any

pass desired.

Tables 4.2-1 and 4.2-2 give some typical in-plane separations broken down into

components. Table 4.2-1 gives the separation of two satellites at 12 R E (R E =

earth radius) on both the incoming and the outgoing leg of the orbit. The two

satellites were initially separated at 176 degrees true anomaly with an in-plane

velocity increment of 5 m/sec inward. Data for three cases are given: one

where AV is normal to V; and two cases where AV is +_5 degrees from normal,

but still in plane. Table 4.2-2 gives the same information for satellites separated

at 180 degrees true anomaly. The tables also indicate the period differences A_-

for the corresponding cases. Period differences may be regarded as secular

phase changes. It is primarily this factor that causes the satellite array to decay

in time. The rate of decay may be estimated by multiplying the period differences

by the orbit number, n, and the velocity, V, at the point of interest. Thus, at

12 R E, where V _ 2 tun/sec, for A_- = 20 sec we see that after 90 orbits, _R

90x20x2 _ 4500km.

Pointing Errors in AV. Misdirection of the AV's results in different periods for

the four satellites. Consequently, the shape of the array changes Slowly, tending

to become more spread out along the orbit. The extent of the array, ARma x,

for a given orbit number, n, is given approximately by

ARma x = _R ° + IVV _Tax (31)
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TABLE 4.2-1

ARAT 12 R E WHEN SEPARATED AT 0= 176 °

,,,,,
J[ i

AV = 5 m/see, 0se p

_= 0°,_= 90 °

Rotation (A0 = . 025 °)

= 176 °

Translation (Ar = 65.3, Aa - 0.2)
P

Eccentricity (Ap = 117.8)

Separation Components
,", ii ]

AR" R (kin) AR" V
ap ap

in

15

-65

-445
II

-495

out

-15

-65

332

252

in

-25

136

23

134

Phase (At _, 1.1)

Total

at 12 R E
]1

(km)
i | ii

out

-25

-126

19

-142

_V = 5 m/see, 0 = 176"
sep

i i

Separation Components at 12 R E
i

AR" R (kin)
ap

AR" v (kin)
ap

= 0% _b = 95 ° in out in out

Rotation (A0 = 0. 030") 20 20 -35 -35

Translation (Ar = 56.0, Aa = -6.3)
P

Eccentricity (Ap = 101.0)

Phase (Az _ 220 &r = -25.3)

-59

-491

-530

-59

395

316Total

115

24

109

-115

24

-125

E = 0.091053

AV 5 m/see, 0se P
= 176 °

Separation Components at 12 R E
i ,

AR" Rap (kin)
AR" V

ap

= 00, @= 85 ° in out in

Rotation (,50 = . 019 °) 9.5 -9.5 -23.6

Translation (Ar = 74.1, Aa = 6.8) -67.3 -67.3
P

Eccentricity (Ap = 133 . 7) __ __ -155.6

Phase !Ar_ 180 Ar = 26.5) -389.5 314.2 25.8

Total -456.3 237.4 157.8

(kin)

out

-23.6

-155.6

23.4

-155.8

[.H,LCO]m
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TABLE 4.2-2

AR AT 12 R E WHEN SEPARATED AT r) = 180 °

'11 III

AV = 5 m/see, 0 = 180"
, sep

_q= 0 °,qj = 90"

Separation Components at 12 R E

I l l l l

5R.V (kin)
ap

in out

Rotation (A0 = 0. 057") -70.5 -70.5

Translation (Arp = 0, Aa = 0.2)

I II

AR. R (km)
,, ap

in out

28.0km -28.0

0.2 0.2

-478.0 476.7

-449.8 448.9

Eccentricity (Ap = 0) 0.1

Phase (At_ 240, AT= I.I 33.2

Total -37.2

0. I

AV = 5 m/sec, 0
sep

"q= 0o,_ = 95 °

= 180

Rotation (AO = 0. 056 °)

Translation (Ar = - 10.9, Aa = -5.2)
P

Eccentricity (Ap = 19.7)

Phase (At_240, A = 19.9)

Total

Separation Components at 12 R E

AR" Rap (kin)

in ou t

27.8

5.7

-484.4

-450.9

-27.8

5.7

466.5

444.4

6R'v (km)
ap

in out

-69.3

-23.9

33.1

-60.1

-69.3

23.9

3!.9

-13.5

AV = 5 m/see, 0 = 180 °
sep

Separation Components at 12 R E

AR" Rap (kin)
AR'V (kin)

ap

out77 = 0 °, _b = 85" in out in

Rotation (A0 = 0. 056 °) 27.8 -27.8 -69.3 -69.3

Translation (Ar = 10.9, Aa = 5.7) -5.2 -5.2 -------- °
P

Eccentricity (Ap = 19.7) ° 23.5 -23.5

Phase (At _ 240, AT= 22. 1) -467.8 48.3 31.9 33. 0

-445.2 450. 0 -13.9 -59.8Total

h,
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Where AR is the initial separation, V is the orbit velocity in the region of
o

interest, and Ar is the period difference between the slowest and the fastest
mfix

satellite.

An estimate of the precision required in performing the AV maneuvers can be

obtained by solving equation (31) for ATma x and substituting values for ARmax, n

V and AR .
0

Ar = - _R )/nV (32)max (ARma_x o

< 15,000 for a period of six months Since theThe mission requires that ARma x _

orbit period is very nearly two days, six months is equivalent to n =" 90 orbits.

In the region of interest (in the neighborhood of 12 Re), V :- 2 km/sec. AR °

differs for the radial and stacked arrays.

. = 1600 km; henceStacked Array. For the stacked array AR °

Ar = (15000 - 1600) km
max 90.2 krn/sec = 74.5 sec

The combined relative velocity for the stacked array deployment is 20 m/sec.

Thus, if all the errors combined linearly (the worst possible case) the overall

accuracy requirement may be computed from the formula

•-1 [ j= sm [3am- VAV

where V is the orbit velocity at the separation point.

Since a = 67061 km, v = 172,828 sec, p = 398,604 km3/sec 2

array V = 1. 084 km/sec at the separation points (170 degrees and 190 degrees

true anomaly), we have

(33)

and for the stacked

-1
= sin (0.395) = 2.3 degrees
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Radial Array. For the radial configuration, AR ° =

x (15000- 8oo)= 90.2 km/sec = 79 see

SRS-146

800 kin; thus

For the radial deployment scheme to give an initial three-dimensional array, an

additional factor must be taken into consideration. The deployment is completed

by giving a 1.1 m/sec relative AV to two of the satellites in the direction of the

orbit velocity. This introduces a Imilt-in period difference of approximately 48

seconds. Thus, the allowable A_max is reduced by that amount, i.e.,

A_max = 31 sec

For the radial configuration, the separation velocity is 12.3 m/sec (relative) and

the orbit velocity at the point of separation (180 degrees true anomaly) is 0.553 kin/

sec. Using equation (33), we get

a = sin -1 (0.523)= 3 degrees
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4.2.3 Study Results

4.2.3.1 Coordinates and Terminology. These results have been based on ideal

elliptical orbits. Air drag and secular perturbations have been neglected.

Figure 4.2-6 shows various parameters describing an elliptical orbit. The true

anomaly, 0, is an angle measured from perigee around the orbit in the direction

of travel. Thus, apogee is at true anomaly 180 degrees. The velocity vector at

any point on the orbit is along the line tangent to the ellipse at that point. The

flight-path angle is measured from the perpendicular to the radius vector to the

velocity vector. This angle is positive on the outgoing portion of the orbit and nega-

tive on the incoming portion. Notice that only at perigee and apogee does the flight-

path angle equal zero. The magnitude of the radius vector is sometimes called range.

Positions on the orbit can be specified in many ways. In this report, position

is usually specified in terms of true anomaly or range in multiples of earth radii

(Re). Specification of position by range is ambiguous because each value of range

occurs on both outgoing and incoming parts of the orbit. It is convenient, however,

because we are concerned with that portion of the entire orbit that lies between

about 8 R and 16 R .
e e

The orbit used in the study is described in Figures 4.2-7 thru 4.2-9. Figure

4.2-10 gives a more detailed look at the behavior of flight-path angle in the region

of 150 to 180 degrees true anomaly. This curve also shows the time variation of

flight-path angle; time is measured in seconds from perigee.

4.2.3.2 Satellite Separation Coordinate System. A discussion of multiple satellite

separation requires a coordinate system in which the subsequent satellite array

can be described.

The system chosen is a right-handed orthogonal system with the X-Y plane in the

orbital plane. The X-axis is parallel with the line of apsides (major axis) pointing

toward apogee; the Z-axis is perpendicular to the orbital plane, pointing upward;

and the Y-axis is in the orbital plane, pointing in the direction that the orbital
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velocity vector points when it is at apogee. Figure 4.2-11 shows this coordinate

system at various locations around the orbit.

4.2.3.3 Separation Magnitude vs. True Anomaly qf Separation. Figures 4.2-12

and 4.2-13 give an indication of the tt efficiency" of a one meter-per-second

separation velocity when performed at different true anomalies of separation

around the orbit.

In Figure 4.2-12, the satellite is separated up along the H-direction, perpendicular

to the orbital plane. It then proceeds in a new orbit, which is very nearly directly

above the primary orbit. (The primary orbit is the orbit existing before any

separations take place. ) A convenient way to visualize the new orbit resulting

from a maneuver (which is directly out-of-plane, either upward or downward),

is the following: The new orbit, for our purposes, is the same size and shape as

the primary orbit, but is rotated about the line passing through the point of

separation and the center of the earth. Thus, if the satellite is separated upward,

its distance above the primary orbit increases as the point of separation travels

around the primary orbit. When it reaches a maximum at some true anomaly on

the opposite side of the orbit, the distance of the satellite above the primary

orbit decreases until the new orbit crosses the primary orbit. This occurs at a

point 180 degrees around the orbit, in true anomaly, from the separation point.

From this point, the satellite continues below the orbit until it again reaches a

maximum, at which point it comes back up toward the primary orbit until it

reaches the separation point, where the two orbits coincide. Figure 4.2-12 shows

the absolute magnitude of this vertical separation of the satellite from the primary

orbit at 12 R e , outgoing and incoming. For example, if separation occurred at

170 degrees true anomaly, with separation velocity of one meter-per-second, the

vertical separation between satellite and primary orbit would be 25 kilometers at

12 Re, outgoing, and 64 kilometers at 12 Re, incoming. For separation velocities

up to about 15 meters per second, these curves can be scaled up linearly. For

example, if the desired separation is 5 meters per second, the separation in

kilometers from the curves would be five times the separations given, to within

0. 005 percent.
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Figure 42-13 gives similar data for in-plane separations. An in-plane inward

separation is defined to be in the orbital plane, at 90 degrees to the velocity vector,

and pointing toward the interior of the orbit. (In this case, "inward" means to the

left of the orbital path. ) An in-plane outward separation is exactly the opposite.

The magnitudes given are the same for both inward and outward separations. As

in Figure 4.2-12, the separation magnitudes can be scaled up for larger separation

velocities.

)

Visualization of the effect of in-plane maneuvers is more difficult than for the

out-of-plane maneuver because the differences between the new and primary orbits

are more pronounced. A more detailed exposition of these differences will be

found in Paragraph 4.2.2.

Separation magnitude, as used in Figure 4.2-12 and 4.2-13, is the magnitude of

the vector from the primary orbit to the satellite for any subsequent position. The

definition of this separation vector requires more explanation. Consider that the

satellite is separated from a vehicle large enough that the vehicle continues un-

perturbed in the primary orbit. The separation vector is the vector from this

large vehicle to the separated satellite at any subsequent time. When a later

position is specified, such as 12 Re , incoming, it is the position of the large

vehicle. In reality, of course, we have no large vehicle, only a point. This

point of separation travels around the orbit and the separation is measured from

this point to the satellite.

The separation vector magnitude is expressed in terms of components in the

R, V, H coordinate system.

For a pure out-of-plane separation, the R and V coordinates are negligible. Only

the H-component has a value, and this is the component plotted in Figure 4.2-12.

For a pure in-plane separation, the H-component is zero after separation. The

separation vector is in the R-V (orbital) plane. The separation given in Figure

4.2-13 is the resultant of the R and V components of the separation vector.
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Figure 4.2-14 gives the R and V components which, when combined, give Figure

4.2-13. For example, if separation was at 170 degrees, the R and V components

of the separation vector at 12 Re incoming are -80 km and 53 lun, respectively.

Combining these via Pythagorus' rule yields 97 km as the resultant. Looking at

Figure 4.2-13, we see that the separation magnitude at 12 Re incoming for a

separation at 170 degrees is, indeed, 97 kin. Figure 4.2-14, too, can be linearly

scaled if a different separation velocity is desired.

If it is desired that the separation between two satellites be some fixed number

at some point in the orbit, both the true anomaly of separation and the velocity of

separation must be adjusted. Figure 4.2-15 gives this information for a separ-

ation of 500 kilometers at 12 R e, incoming and outgoing. For example, assume

an in-plane separation between two satellites at 170 degrees true anomaly. When

the point of separation moves around to 12 R e incoming, (202 degrees true anomaly),

the two satellites are separated by 500 kilometers if the relative separation velocity

was 5.2 meters per second. If, for the same separation, a 500 kilometer separ-

ation is required at 12 R outgoing (158 degrees true anomaly), the separatione

velocity required is 17.5 meters per second. Notice that the curves go off-scale

near 158 and 202 degrees true anomaly. Theoretically, the two sateUites come

back together at the point of separation. Since these curves require a separation

of 500 kilometers at 12 Re incoming and outgoing, separation at 12 R e incoming

and outgoing requires infinite separation velocity.

4.2.3.4 Effect of Errors in Separation. None of the curves presented so far

involve errors in the direction of the separation velocity vector. All separations

are perpendicular to the velocity vector. In this section, we consider separation

velocities that have a component along or against the velocity vector.

An error of 5 degrees means that the separation velocity vector is tilted 5 degrees

out of the plane perpendicular to the velocity vector. An error forward means that

the separation velocity vector is tilted in the direction of the velocity vector. A

backward error is one that is tilted in a direction opposite to the velocity vector.

Since this definition applies to a vector pointing in any direction in the plane

perpendicular to the velocity vector, it must be stated whether the separation is

in-plane, out-of-plane, or in some intermediate direction.

IIHILGO.IIOIBI Cl CO R IlO III&T|¢) N

4-35

EEl=mOo EL Ne*enl;ry
llyst:urnll Oivhiion



SRS-TR146

Almost any separation maneuver affects the perigee distance of the orbit. The

effect of a given maneuver on perigee varies with the true anomaly of separation.

The in-plane maneuvers affect the perigee much more than the out-of-plane

maneuvers.

Figure 4.2-16 shows the difference in perigee altitude between the primary orbit

and the orbit subsequent to a maneuver, for various separation modes, without

errors and with 5-degree errors. The perfect out-of-plane error, up or down,

does not affect perigee height, regardless of true anomaly of separation. For

example, suppose the separation is at 160 degrees true anomaly, with a separation

velocity of one meter per second. If the separation is in-plane inward, with a

5-degree error forward, the perigee height increases by 15 kilometers, as read

from curve number 5. If the same separation is out-of-plane upward, with a 5

degree error forward, the perigee height increases by 0.6 kilometer. The period

of the orbit is also changed by a separation velocity error. If the periods of the

orbits of two separated satellites are different by some amount, there will be a

relative drift between them. If thedrift is such that the satellites are moving

apart, the distance between them increases by the same amount during each

subsequent orbit. Thus, a period difference produces accumulative effects.

This is different from the perigee height change, which occurs only once.

The change in period as a function of true anomaly of separation is given in

Figure 4.2-17. Note that the period change is governed by the size of the

component of separation velocity along the velocity vector, rather than the

specific attitude of separation. In other words, an in-plane inward separation

with 5-degree error forward gives the same period change as an out-of-plane

upward separation with 5-degree error forward. For a perfect separation (that

is, normal to the velocity vector), the period change is less than one-half second.

Both Figures 4.2-16 and 4.2-17 can be scaled linearly.

Figure 4.2-18 is composed of data from Figures 4.2-15 and 4.2-16. In Figure

4.2-18, the error used ia 5 degrees forward for both in-plane and out-of-plane

separations. The period changes in Figure 4.2-17 were scaled up accordingly to

the velocities in Figure 4.2-15. Thus, if separation is in-plane at 170 degrees
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true anomaly, and 500 kilometers is required at 12 R
e

iod change is 43 seconds.

incoming, the resulting per-

4.2.3.5 Results of Specific Separation Modes. Two configurations are being con-

sidered for the four-satellite separation: the radial array and the stacked array.

The remaining data show the satellite array after separation for different combina-

tions of errors for the two arrays.

Radial Array. In the radial array, the four satellites are clustered about the spin

axis of the vehicle. At the separation point, they are simultaneously released,

after which they proceed radially outward, separated 90 degrees from each other.

Unless further impulses are applied to individual satellites, the array resulting

from the radial separation remains essentially planar over 90 orbits.

Figure 4.2-19 shows the separation sequence.

Composite Separation Graph. Figure 4.2-20 describes the motion of the four

satellites for the first orbit after separation at apogee. The separation velocity

between each pair of satellites is 12.3 meters per second. The graphs are centered

at the separation point, or roughly, the center of mass of the system of four

satellites. The H. V. H coordinate system is used to plot the separations. The

top part of the figure shows the motion in the R-V (orbital) plane. This separa-

tion was chosen so that, when released, the satellites A, B, C, and D move out

along paths 45 degrees to the orbital plane. Because of this separation symmetry,

the two satellites separated in an inward direction, A and B, remain lined up

vertically. Thus, when looking down on the orbital plane, they appear as one.

We can consider the curves in the top part of Figure 4.2-20 as the motion of two

satellites sets. Figure 4.2-20 describes a perfect separation at apogee. The

two sets separate at apogee and proceed in an opposite sense along the general

direction of R. As they get farther from apogee, they acquire a separation in

the V-direction. They continue around the orbit to perigee, where their R-

separation is almost zero and their V-separation is maximum. The reason for

this is easily seen when we remember that the V-axis is parallel with the velocity

vector at apogee and perigee. If there were any significant R-separation at

perigee, it would mean that the perigee heights were different. As the figure

shows, the perigee heights are the same, but the two sets pass the perigee points

one after the other. As they return to apogee on the outgoing leg of the orbit,

[ ,Lco]m
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their separation decreases, until at apogee, they theoretically recombine. The

lower half of the figure shows the same motion as seen from a different aspect.

We are looking parallel with the line of apsides from the earth toward apogee.

In this view, all four satellites could be seen. They separate at apogee, two

proceeding upward and two proceeding downward. They reach their maximum

out-of-plane separation (H-direction) at about 10R e . At this point they start

back toward the orbital plane and their V-separation increases. Again, they

are separated widely in the V-direction when they pass perigee. Figure 4.2-15

shows only the path followed by the two satellites that start out upward. The

path for the remaining two satellites, which start out downward, is the mirror

image about the V-axis of the curve shown.

Three Views of.Arrays. A method of presenting the data in Figure 4.2-20 in

more detail is to show three views of the entire array as seen at some point in

the orbit. Figures 4.2-21 through 4.2-23 show the array for the separation

shown in Figure 4.2-20 (perfect separation at apogee) at 12, 14, and 16 Re

incoming. Figure 4.2-21 shows the array as seen on the R-V plane, the orbital

plane. The array is approximately planar for most separations. Non-planar

arrays are presented at the end of this section. The 10 R e array is included in

Figure 4.2-21. Figure 4.2-22 shows the array as seen on the V-H plane. The

V-H plane is the plane perpendicular to the line of apsides. We are looking at

it in the direction of earth from apogee. Notice that the array grows as it

to 12 R . Figure 4.2-23 is asideviewprogresses around the orbit from 16 R e e

of the array, as seen looking at the "edge" of the orbital plane with the earth on

the left and apogee on the right. For this particular perfect separation, the

relative drift rates between the satellites of the array are small enough that the

change in the array, as seen at a given point in the orbit, maybe neglected over

a period of 90 orbits. The three views that follow, however, show significant

drift over 90 orbits, so they are presented as seen only at 12 Re incoming, but

for 0, 30, 60 and 90 orbits.

I

Figures 4.2-24 through 4.2-26 are the three views for a radial separation at

apogee with a 5-degree error in the satellite spin-vector at release. A perfect

separation at apogee for the radial case is defined as a separation that occurs
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when the spin axis of the vehicle is aligned with the orbital velocity vector at

apogee. The separation described by Figures 4.2-24 through 4.2-26 has the

spin axis in the orbital plane, but pointing 5 degrees to the left of the velocity

vector at apogee. Figure 4.2-26 clearly shows the growth of the array through-

out the 90 orbits. Other separations five similar arrays.

Stacked Array. Figure 4.2-27 shows a separation sequence from the stacked

array. The four satellites start out aligned (stacked) along the spin axis of the

vehicle. The vehicle spin axis is initially perpendicular to the orbital plane.

At some position in the orbit, the first out-of-plane separation is performed

by separating the end satellites in opposite directions. As soon as possible

after this separation, the two middle satellite are moved in-plane inward.

After a short time, the two middle satellites are separated out-of-plane. The

timing of these maneuvers is dependent on the orientation and size of array

desired. The separation sequence described in Figures 4.2-28 through 4.2-36

is the following: First out-of-plane separation at 176 degrees true anomaly,

in-plane inward separation at 176 degrees true anomaly, and second out-of-

plane separation velocities are 10 meters per second relative to two satellites

for out-of-plane separations and 5 meters per second for the in-plane motion

of the two joined together, relative to the primary orbit.

This particular sequence for the stacked configuration will yield a planar array if

done without errors. Some combinations of separation errors Will give non-planar

arrays. These cases are not discussed as the random errors cannot be depended

on to give specific arrays. The data given in FLgures 4.2-28 through 4.2-37 give

data for a stacked array separation designed to give a planar array.

Three Views of the Arrays. Figures 4.2-28 through 4.2-30 show the three views

of the perfect separations as described above. All maneuvers are at right angles

to the velocity vector. Notice that, for the particular true anomalies of separ-

ation used for this case, the size of the array shrinks over the period of 90 orbits.

These views are all looking at the array occurring at 12 R e incoming.
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)

Two error cases are considered for this separation. Figures 4.2-31 through

4.2-33 describe the case where the in-plane inward maneuver has an error of

5 degrees forward and the out-of-plane maneuvers have no error. Figures

4.2-34 through 4.2-36 describe exactly the same situation except that the in-plane

inward separation has the 5-degree error backward, instead of forward. Both

of these arrays expand during the mission, reaching a dimension of 5000 kilo-

meters by 600 kilometers at the end of 90 orbits. The out-of-plane dimension

does not change over this time. The main drift rate is along the R direction.

An interesting difference between these two error cases should be noted. When

the in-plane error is backward, the array dimension along R increases monoton-

ically out to 90 orbits, as shown in Figure 4.2-34.

When the in-plane error is forward, the array shrinks from its first orbit

(Pass 0) to about the seventh, from the on, the array increases in size monoton-

ically out to orbit 90. This is shown in Figure 4.2-31. The array "swaps ends"

between the initial orbit and orbit 30; from then on, it increases smoothly. This

behavior is reasonable when we look at the effects which forward and backward

errors have on the subsequent orbits. A forward error increases the period

of the orbit and a backward error decreases it. Therefore, a satellite separated

with a forward error takes longer to complete an orbit, while one separated with

a backward error completes an orbit faster. The satellite separated backward

overtakes the satellite separated forward after a certain length of time, depending

on the relative magnitudes involved. This is exactly what is happening in Figure

4.2-31. The pair of satellites (see Figure 4.2-27} are separated in-plane inward

with a forward error. Thus, they are initially propelled ahead of the pair (1, 4).

But, by being separated with a forward error, they are sent into a slower orbit,

so they eventually fall behind and are passed by pair (1, 4). For this case, the

pairs pass at about the seventh orbit.

Composite Separation Graph. Figure 4.2-37 is similar to Figure 4.2-20 except

that it is for the stacked array instead of the radial array. Also, both out-of-

plane maneuvers are performed at 180 degrees true anomaly, instead of at 176
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degrees. Since the (1, 4) set of satellites remains on the primary orbit, whe_

seen on the orbital plane, we can consider the pair (1, 4) as remaining at the

origin of the plot, while the other pair revolves about it.

The angle which the array plane makes with the line of apsides (R axis) can

be see_ from the upper part of Figure 4.2-37 from the angular reference lines

provided. For example, the angle made by the array plane when it is at 14 Re

inward is 20 degrees. As in Figure 4.2-20, the separation along V is a maximum

at perigee, where the R-separation is zero.

The lower part of the figure shows the out-of-plane behavior of the pair that

was separated in-plane. The pair we are holding at the origin would just

oecilliate up and down the H-axis. The pair leaving apogee (20 Re), upward

and downward, achieve their maximum out-of-plane separation at about 11 Re,

when they move back down toward the orbital plane.

4.2.3.6 Summary. of Planar Arrays. The various separations presented above

are only a few of the infinite number of combinations of separation parameters.

Most of the combinations yield results similar to those shown.

4.2.3.7 Non-Planar Arrays. Many combinations of errors yield arrays that

are non-planar. For example, in the stacked array, if the first out-of-plane

separation has a forward error, the second out-of-plane separation has a

forward error, and the second out-of-plane separation has a backward error,

the array will be an elongated tetrahedron.

Achieving a non-planar array with the radial array is easily accomplished. One

method is to move two of the four satellites forward or backward out of the separa-

tion plane. Figures 4.2-24 through 4. 2-40 shown the perfect separation for this

case for the first orbit. Two diametrically opposite satellites are each given a 1.1

meter per second velocity forward out of the array plane at about 180 degrees true

anomaly. To avoid difficulties in visualization, only orbits 0 and 90 are shown for

this case. The arrays on orbit 90 are shown in Figures 4. 2-41 through 4.2-43.
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4.3 ORBIT DETERMINATION

The value of the scientific data being obtained from this mission is dependent on

the accuracy to which the individual satellite positions can be determined as a

function of time. Then, from the individual satellite positions, the relative posi-

tions of the satellites in their configuration can be established. An error analysis

of the orbit determination process was performed using the Philco-Ford Mark II

Error Analysis Program to establish the accuracy to which the positions could be

estimated.

4.3.1 Tracking Network Simulation

The STADAN Tracking Network is used in the evaluation of the accuracy of the

orbit determination process. Table 4.3-1 presents a description of the tracking

stations that are used and the associated error data used in the analysis. Two

modes of station operation are considered in the analysis: (1) using the tracking

dishes to provide angle data and (2) the range and range rate measurements. The

analysis of the angle tracking includes the effect of bias errors in both the angles

being measured and the station locations. The tracking coverage provided by the

network is shown at the bottom of Figure 4.3-1.

TABLE 4.3-1

ERROR DATA

Station

Santiago

Tananarive

C arnarvon

Rosman

Fairbanks

Range

_R

(Meters)

15

15

15

15

15

Range
Rate

_R

(mlsec)

0.1

0.I

0.1

0.i

0.i

Angles

a_

(Deg)

0.0167

0.0167

0.0167

0.0167

0.0167

Angle
Bias

a_

(Deg)

0.022

0.022

0.022

0.022

0.022

Station Location
Errors

Lat Long Alt
(Ft) (Ft) (Ft)

300 300 50

300 300 50

300 300 50

6O 6O 3O

120 120 50

Data
Period

(Sec)

60

60

60

60

60
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4.3.2 Results

The results of the error analysis are presented in Figures 4.3-1 through 4.3-4.

Figure 4.3-1 presents the results obtained with angle tracking. The figure shows

the rms error in estimate of position as a function of time. The curves show the in-

fluences of the angle measurements being taken when stations are in view and the

propagation of the errors around the orbit. The solid line illustrates the position

accuracy obtained when the bias errors are neglected in the orbit determination

process. The dotted and dashed curves show the performance degradation when

angle biases and station location errors are included in the estimation process.

They show a relatively minor effect on the accuracy. The first apogee position

error is approximately 10 kilometers. By the time of the second orbit, the

position error is reduced to an average value of approximately 0.5 kilometer.

Figure 4.3-2 shows the individual position uncertainties in N, V, W coordinates.
A

These coordinates are vehicle centered and rotating such that: V is along the
/_ A A A

velocity vector, W is along the angular momentum, and N is equal to (V x W).

This figure illustrates the manner in which the position error ellipsoid changes

as the vehicle traverses the orbit. After 2 days the figure shows that all three

coordinates are known to better than 0.5 kilometer. Figures 4.3-3 and 4.3-4

show the same data for the range and range rate Jaeasurements. Figure 4.3-3

shows a position uncertainty of 30 meters at first apogee and less than 10 meters

after the first orbit. Figure 4.3-4 shows the position uncertainW in the N, V, W

coordinates. After 2 days the uncertainty in all three coordinates is below 10

meters.

The analysis described above pertains to the orbit determination of a single

satellite. The process for computing relative satellite positions should be studied

in a statistical sense, but this has not been done. If one assumes that each of

the individual satellite orbit determination processes is independent of the others,

then one could compute relative satellite positions by combining the position

errors in an rss method. It is recommended that this particular computation be

investigated in a follow-on effort.
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SECTION 5

SPACECRAFT DESIGN CONCEPTS

5.1 CONFIGURATION STUDIES

Preliminary configuration studies were conducted during the contract to examine s

number of possible concepts and compare their relative merits. As a result of

these studies, two configurations emerged as the most desirable.

This section of the report describes the results of the studies and discusses the

features of the various concepts that were considered. All of the concepts involved

the us e of four identical satellites. In addition, the two configurations selected

are described in somewhat more detail and a comparison between them is made.

5.1.1 Deployment Concept s

As indicated in the Ames Research Center Specification for the multiple satellite

system, certain constraints exist which influence the system configuration. The

constraints can be briefly summarized as follows:

a. The launch vehicle to be utilized shall be one of the Thor Delta series.

b. A standard Delta fairing shall be employed.

c. There shall be four satellites which shall be in identical pairs.

d. The scientific payload is not specified but will consist of at least a
plasma probe and a boom mounted magnetometer sensor per spacecraft.

e. The satellites shall be spin stabilized with a final spin rate of 50-70 rpm.

f. The spacecraft shall be magnetically clean producing not more than
• 5 gamma at the magnetometer sensor.

g. Simplicity and reliability are of prime importance

5-1
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The capabilities of the launch vehicles of the Delta series are discussed in greater

detail in Paragraph 7.1 of this report; however, for the purpose of the configuration

studies the DSV-3E vehicle has been assumed. Greater payload capability exists

in the DSV-3J version, but the added load capacity is not expected to affect the

system configuration significantly, except at the detail design level. In terms of

available envelope within the standard fairing, a change from the 3E to 3J version

would not affect the outcome of the configuration studies.

Figure 5.1-1 shows the payload envelope that was used in the study effort.

17" DIA-

67.5" _1

3S" I I

I='WD. FLANGE,

FW4 THIRD

_e" STAGE MOTOR

\
23" DIA

L
A ,ql--

73. 427"

" REF

v r

1
96. 741"

v

SECTION A-A

Figure 5.1-1 Payload Envelope

The study revealed that all satellites within the payload could be identical. Since

this was considered a desirable feature, it was adopted as a criterion for all

concepts studied.
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Itshould be noted that preliminary consideration was given to using an array

consisting of a "mother" satelliteand several "outlying" satellltes. In this con-

figuration, data are gathered by the outlying satellites,transmitted to the mother

satellitefor integrationand storage, and then relayed by a single data link to the

ground. The concept offers some potentialadvantages in compact packaging and

savings in totalrecorder weight. Itwould not, however, result in any appreciable

savings in transmitter weight. The principal disadvantage, and itis an important

one, is the additional equipment thatwould be required on the mother satelliteto

demodulate the digitalinformation from the other satellites. This type of equip-

ment ordinarily is found only_atthe ground station, and would represent a major

additional complexity to the airborne system. Also, the concept sacrifices the

redundancy feature of four totallyindependent satellites. Based on these conBider-

ations, the concept was discarded.

Because the scientific payload was not specified, it was assumed that this capability

should be maximized wi thin the constraints of the payload capacity and space avail-

able. The scientific payload weight and volume available within each spacecraft

were considered of prime importance in selecting candidates for further study.

The magnetometer sensors must be boom-mounted to minimize the magnetic field

disturbance at the sensor head. This requirement necessitates the utilization of a

three-boom configuration to maintain spacecraft stability. Previous experience

with magnetically clean spacecraft (the Pioneer, for example) suggests that a boom

length of approximately 6 feet permits the 0.5 gamma requirement to be achieved.

Initial spin velocity of the payload is achieved by the third stage of the Delta vehicle

prior to third stage burn and payload separation. This initial velocity is further

modified to meet the spacecraft requirements.

Based on the constraints as described above, two fundamental concepts have been

studied. The two categories are referred to as "stacked" and "radial" configura-

tions and are described in principle below.

5-3
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Stacked Deployment. This basic scheme consists of the four identical spacecraft

arranged in line along the vehicle centerline. The structure of each spacecraft is

constructed around a central cylinder and the central cylinders of the four space-

craft are joined together forming a continuous structure. The upper pair of satel-

lites are separated from the lower pair by a carrier structure, which contains an

attitude control and propulsion system. In the launch configuration, the three booms

of each satellite are folded along the long cylinder formed by the assembled payload.

After spin-up by the third stage of the Delta and third stage burn, the payload is

separated from the launch vehicle by a spring-actuated separation system. At an

appropriate time, the payload is oriented normal to the orbit plane by the carrier

attitude control system. The spring-actuated system simultaneously separates the

upper and lower satellites along the spin axis of the payload. The remaining two

satellites are then moved along a line normal to the velocity vector in the plane of

the orbit. In this new position the remaining two satellites are separated from the

carrier. Figure 5.1-2 shows the stacked arrangement in principle and illustrates

the deployment concept.

I

I

!

Figure 5.1-2 Principle of Deploying Stacked Payloads
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In this arrangement, the spacecraft' s diameter is maximized within the available

envelope, giving each spacecraft a small L/D ratio.

Radial Deulovment. The initial spin velocity imparted by the Delta third stage is

used to provide the deployment velocity and spin rate to the individual spacecraft.

Four identical spacecraft are arranged in radial fashion within the 57-inch diameter

of the fairing envelope.

In this arrangement, the spin axis of each is approximately 16.5 inches from the

launch vehicle centerlins (the initial payload spin axis). The carrier holds the four

spacecraft together until the appropriate position in the orbit is reached. At this

point, the satellites are simultaneously released. In doing so, velocity is imparted

to each satellite. This velocity la a funct2on of the initial spin rate and the distance

of each satellite from the vehicle spin axis. Upon release, each satellite assumes

a spin rate about its own principal axis, which is equal to the initial spin rate

(principle of conservation of momentum). Figure 5.1-3 shows the principles of this

deployment arrangement schematically.

Figure 5.1-3 Principle of Deploying Radial

5-5
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Configuration studies based on the two deployment principles described have been

conducted and a preliminary design based on each is presented here. From the

configuration, mechanization, and structural point of view, the radial design is

preferable.

5.1.2 Spacecraft Requiremept$

Section 4 of this report described the mission analysis studies. Out of these studies

further requirements have been identifiedwhich affectthe spacecraft/payload con-

figurations. These are briefly summarized as follows:

a. Separation of the payload from the third stage of the launch vehicle

occurs at or near perigee.

b. Deployment of the satellites occurs at or near apogee. Prior to deploy-

ment, the payload coasts for a minimum of 24 hours. As a result, the

assembled payload must be inherently stable in both the four-satellite

and the two-satellite configurations, i. e., the payload spin axis inertia

must be greater than any transverse axis inertia.

C° To achieve the desired satellite array during the mission lifetime, a

minimum deployment velocity of 15 feet per second (5m/sec) is required.

It is necessary for the spacecraft's separation system to achieve this

velocity at deployment. It will be shown later that supplementary means

must be provided in addition to separation springs in the case of the

stacked configuration.

In addition, a tentative estimation of the spacecraft power requirements determined

thai a minimum of 20 watts is required. This, of course, ultimately depends on

the final selection of the scientific payload and its power requirements. However,

the 20-watt figure was used during the study as a basis for sizing the spacecraft

solar arrays. Due to the tentative nature of this allocation, it was considered

most desirable to provide the means for future growth.

5-6
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Means of achieving the above requirements have been studied for both deployment

arrangements and are discussed in the following sections.

Payload Separation. Separation of the payload from the Delta third stage occurs in

both arrangements immediately following third stage burn out. Although the details

of the separation system differ for the two configurations, both are achieved in a

similar fashion. Both employ squib-actuated release devices; a small separation

velocity is imparted to the payload by compression springs. The magnitude of the

required separation velocity is not established but, since it Is the relative motion

between the payload and the burned out third stage motor which is of primary im-

portance, it Is conRldered a relatively simple matter to achieve adequate separa-

tion. The velocity imparted to the payload Is accompanied by a corresponding

reduction in velocity of the burned out third stage motor. This reduction in velocity

is proportional to the ratio of the masses of the two separating bodies. Since the mass

of the payload is approximately four times that of the third stags, the reduction in velo-

city of the latter is approximately four times that of the increase in velocity of the pay-

load. A similar relationship also exists with respect to attitude errors induced at

separation, that is, most of the error is experienced by the third stage motor.

Stability. As has already been mentioned, inherent stability of the payload is

required following separation from the third stage motor and during coast for a

period of at least twenty-four hours. Stability can be achieved by making the

moment of inertia about the spin axis of the payload greater than the moment of

inertia about any transverse axis so that the payload will continue to spin about

the axis of greatest inertia. This requirement was the most difficult to achieve in

the stacked configurations since the assembled payload is essentially a cylinder

having a large L/D ratio of approximately 1.5. A cylinder of uniformly distributed

mass requires a L/D ratio of 0.65 maximum to achieve a stable configuration about

its centerline. It was therefore apparent that every effort would have to be expended

to concentrate the bulk of the payload mass into as short a cylinder as possible.

Of the several stacked configurations investigated, none were stable without first

deploying all of the booms on each satellite. Even with these expedients, the spin-

axis inertia was only 3 percent in excess of the inertia about the transverse axes.

Having reached the required inertia ratio with the four satellite payload, no stability

problems were encountered with the two-satellite configuration.

5-7
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On the other hand, the four-satellite radial configuration is inherently stable having

a high inertia ratio. In this arrangement boom deployment is not possible nor

required. If two satellites were to be launched to 40 earth radii, the radial con

figuration requires the addition of two ballast weights, which would replace the

two satellites omitted from. the payload. It will be shown later that this is well

within the capability of the launch vehicle for an apogee of 40 earth radii.

Satellite DeploYment ' Stacked. Figure 5.1-2 has shown a schematic of the stacked

configuration in which two satellites are ejected from the payload in opposite

directions normal to the plane of the orbit. The required velocity of separation has

also been specified as at least 15 feet/sec (30 ft/sec relative velocity between

satellites). This velocity must be achieved with booms deployed; therefore, it is

necessary to minimize the separation accelerations, that is, the stroke of the separ-

ation springs must be maximized.

Assuming that the booms withstand a 2g acceleration (this depends on the boom

configuration, but it will be shown later that this acceleration is not unreasonable

for the stacked payload configuration) and assuming a satellite weight of 70 lbs,

accelerated with a linearly decreasing force, F, then

X

1 MV 2Fdx = _

0

(i)

where F = 70x 2 = 140 lbs

7O
M = w

32.2

V = velocity at separation

= 15 ft/sec

and x = the required spring stroke
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140 1 70
-F x = " • 152

X
7O

m

32.2

152

140

= 3.5 feet
U

That is, to achteve the required separation velootty and to hold the acceleration to

a maximum of 2g, a ipring stroke of at loam 3.6 feet and a force of 140 lb|.

would be required. 8uoh a mpring, or |et of epringe, would not be practioal.

Therefore, it i| oonoluded that eupplomontary moans of providing the velocity after

msparation will be required. Thim oan be achieved by the addition of a mmall aclid

rocket motor to each natollJto. Initial eoparation will thin be achieved by oonvsn-

tLonal sprinp and aeparatton acooleratione minimized still further.

Assuming initial velocity from mprings is 2 ft/sec from equation (1) with 0.5g max-

imum acceleration

35 1 70 . 22
---_x = _ 32.-----2

70 22
x .... 12

35 32.2

required spring stroke = 3 in.

The remaining 13 ft/sec can then be provided by the solid motor as follows:

Required impulse

T

=/Felt =
O

MV
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7O
= • 13

32.2

= 28.2 lb sec.

Assuming a maximum of 0.5g acceleration, this can be accomplished by a solid

_28.2
rocket of 35 lb thrust and a burning time oi_ secs (0.8 sec).

The solid motor required to provide the necessary impulse may be selected from

many "off the shelf' sources. For example, Atlantic Research Company model

MARC 15 has a maximum thrust of 38 lbs and a burning time of 0.75 second.

Selection of a flight proven motor of approximately this size would not be difficult

to provide the major portion of the required velocity. The contribution by the

initial spring separation can be designed to match the solid motor selection.

Satellite Deployment, Radial. Deployment of the satellites from the radial con-

figuration payload is achieved by simultaneous release of all four satellites from

a central carrier structure. The deployment velocity is therefore a function of the

radial distance to each satellite center of gravity and the initial spin rate. The

distance from the payload spin axis to the satellite center of gravity is 16.5 inches.

The initial spin rate is a function of the combined spin axis moment of inertia of

the payload and the Thor Delta third stage motor. Figure 5.1-4 shows an envelope

of spin rates available versus the spin axis inertias of the payload plus the third

stage motor. From this informa_on it can be seen that for a spin axis inertia of

27.0 slugs ft 2 (based on the flwal radial concept described later, plus third stage

motor), a spin rate range of 90 to 142 rpm is possible. Choosing the maximum

rate available of 142 rpm

2rr

deployment velocity = 6"-0
r . n

where r = radius of satellite c.g. (ft)

and n = spin rate in rpm
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Velocity = 2__ . 16..__5 . 142
60 12

- tV.o.

The required velooltlem oan o]:.doumlybe readily aokieved by thll method.

PAY6OAD

RADIAl. PAYL.OA_

0 I0 14 I$ 22 26 30

MASS MOMENT OF INERTIA 3RD STAGE MOTOR AND PAYLOAD

(SLUG F'I "_' )

34 38

Figure 5.1-4 Envelope of Available Spin Rates - Delta Third Stage

Satellite Size and Shape. The final on-orbit attitude of the satellites is preferred

to be with their spin axes normal to the plane of the ecliptic." The most suitable

shape, therefore, is a cylinder having body mounted solar cells. All configurations

studied, with one e_ception, were of a cylindrical shape whose projected area of

5-11
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solar cells was approximately 3.5 square feet. The one exception to the cylindri-

cal shape was a concept having three paddles with solar cells on both sides of the

paddles. This configuration had sufficient projected solar cell area to provide

approximately an amount of power equivalent to the rest of those considered.

5.1.3 Conceptual Designs

Several iterations of the stacked and radial concepts were investigated before the

two final versions were reached. Each configuration was examined until sufficient

evidence was obtained to eliminate it from further consideration. Since the con-

cepts fell into the two general categories already described, there was a great deal

of similarity between them. The concepts leading up to the two final designs are

described in the next sections.

5.1.3.1 Stacked Concepts.

Concept No. 1. The first iteration of the stacked payload consists of the four

identical satellites joined together by means of their central cylinders "in line"

along the vehicle spin axis. Between the upper and lower pairs of satellites is the

carrier structure, which is the same diameter as the satellite's central cylinders.

This central structure supports the attitude control system used to erect the

payload normal to the orbit plane after separation fron the third stage motor. The

satellite's central cylinders and the carrier structure are joined together by means

of V-band clamps, thus forming a continous cylindrical structure for the complete

length of the payload. This continuous cylinder is the same diameter as a Standard

Thor Delta adaptor structure, which is used between the payload and the third stage

motor. Separation from the Delta adaptor is effected by means of springs and the

squib-actuated V-band clamp provided with the adaptor. Separation of the individual

satellites is by similar means, plus the small solid rocket motors in each satellite.

Five V-band joints hold the payload and adaptor together.

The individual satellite structures are constructed around the central cylinders,

utilizing a horizontal equipment plat form supported by an internal truss. The

I PHILCO
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three booms of each satellite are folded along the body-mounted solar arrays while

in the launch attitude. The center of gravity of each of the satellites is situated

approximately mid-way along each central cylinder.

This configuration, as far as the individual satellite is concerned, had promise of

being the most simple of the stacked configurations examined. However, the

assembled payload has such a high L/D ratio that stability could not be achieved

even by deploying the booms. Had it been possible to increase the length of the

booms to more than ten feet, a stable condition would have been attainable. Since

this was not desirable, this concept was dropped from further consideration. Fig-

ure 5.1-5 shows an outline of this first concept.

Concept No. 2. The arrangement described above gradually evolved into the re-

maining two stacked configurations described here.

In an effort to reduce the L/D ratio of the payload and hence improve the stability

characteristics, a payload of four paddle satellites was examined. The satellites

in this payload consist of a small cylindrical module placed at the center to which

three rectangular paddles are attached. The paddles are arranged in radial fashion

on the module and are placed 120 degrees apart. Both sides of the paddles are

covered with solar cells. All satellite equipment and scientific experiments are

accommodated inside the central module. The distance from the spin axis to the

outermost edge of each paddle is approximately equal to the radius of the cylindri-

cal satellites of Concept No. 1. However, the central module is considerably

shorter than the central cylinder of Concept No. 1. The length of the rectangular

paddle is approximately twice that of the central module. When stacked on top of

each other, the paddles of one satellite are stowed side by side with those of the

adjacent satellite, as shown in Figure 5.1-6. The booms were hinged about the

ends of the solar paddles and folded down in the launch attitude. A cylindrical

carrier structure similar to Concept No. 1 is placed between the upper and lower

satellite pairs.
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The assembled payload is then attached to the third stage motor by the Standard

Delta Adaptor. This payload is considerably shorter than that of Concept No. 1 and,

as a result, is stable when the booms are deployed. However, the configuration has

some disadvantages that caused it to be eliminated. The disadvantges are as follows:

ae The central equipment module is small and must accommodate all the

satellite equipment, including the solid rocket motors for achieving the

necessary velocity. It is considered too small and does not allow for

future growth.

b. Clearances between s&teUitee ck_ring deployment are critical einoo the

solar paddles muJt pus over the oea_ral modulo o! the &dJaoent satellite.

The latter disadvantage could be tolerated and possibly compensated for by careful de-

sign, but the available volume was considered of su_lcient importance to eliminate

this concept from further consideration.

Table 5, 1-1 compares the moment of inertia of the payloads and satellites in the

"booms stowe_' and "booms deployed' conditions for Concepts No. 1, 2 and 3.

Concept No. 3 is the final version of the stacked configurations and has been ex-

amined in more detail. This concept is described in Section 5.1.4 of this report.

5. I.3.2 Radial Concepts.

Concept No. 4. This first iteration of the radial deployment concept consists of

four small diameter satellites supported on a carrier structure. This, in turn, is

attached to the third stage motor by the Standard Thor Delta adaptor. The carrier

structure extends outward from the adaptor attachment in the form of a cross and

supports each satellite at a distance of approximately 16.5 inches from the vehicle

spin axis. Hence, each satellite is supported on a beam, which is cantilevered

from the central support. The individual satellites are of conventional construction

with a central cylinder. The central cylinder iS attached to the cantilever beam
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TABLE 5.I-i

MASS PROPERTIES OF STACKED CONCEPTS

Concept C onfig.

4 Sat

Booms

I
spin

Stowed

Inertia
Itrans Ratio

Booms Deployed

No. l

No.

No. 3

2 Sat

1 Sat

4 Sat

2 Sat

1 Sat

8.75

4.36

2.18

21.67

7.13

2.64

.41

.61

.83

Ispin Itrans

34. O0 46.34

17.00

8.49

4 Sat

2 Sat

1 Sat

15.19

7.58

3.79

28.02

8.18

3.23

31.50

15.70

7. 88

12.84

4.80

28.08

10.31

4.23

34.78

11.56

4.93

• 54 35.80

.93 17.91

1.17 8.96

Inertia
Ratio

.73

1.32

1.76

1.12

1.52

1.86

1.03

1.55

2.0

All inertias are in slugs/ft 2.
I

•A stable condition requires that the inertia ratio, spin be greater

than 1.0 Itrans '
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structure by means of a V-band clamp. Since a spin rate of approximately 140 rpm

is required to achieve the necessary deployment velocity, bending stresses are

experienced in the carrier beam due to centrifugal forces at the satellite. In addi-

tion, bending in the carrier occurs as a result of payload accelerations along the

spin axis at first, second, and third stage motor burn. Third stage motor acceler-

ations also add to the beam bending stresses. These effects are the critical design

conditions for the supporting carrier structure and result in high bending moments,

causing an excessively heavy structure. This fact alone was the principal reason

for dropping this scheme and proceeding with the next and final iteration, Concept

No. 5, which is described in detail in Section 5.1-5 of this report. Figure 5.1-7

shows an outline of Concept No, 4. No stability problem exists with either of the

radial cohorts.

5.1.4 S q ad
Conoept No. $ of the etacked payloads evolved from Concepts Noe. 1 and 2. It wae

an Attempt to aohieve a etAble oonflgurAtion without employing the excessively long

boome und in Conoept No. 1, _ at the same time to obtain sufficient volume to

accommodate solentiflo equipment with room for growth. From the earlier inves-

tigation it WAS obvioue that to Achieve these oonditions means would have to be

devised to conoentrAte the main bulk of the satellites (the equipment and scientific

experiments) as close to the payload center of gravity as possible. Figure 5.1.8

shows an assembly drawing of this payload in which these objectives have been

achieved. The satellites are cylindrical in shape, as in Concept No. 1 and are

constructed around a central cylinder. However, the carrier structure is not

placed in line with the central cylinders as in Concept Nos. 1 and 2. Instead, the

inner satellites are Joined directly together at their central cylinders by means of

a V-band clamp. Each satellite has its equipment mounted on horizontal honeycomb

panels such that the equipment is placed above the top edge of the cylindrical solar

array so that when the inner pair of satellites is attached together their solar array

panels are separated by approximately 17.0 inches. By this means all equipment

that requires a field of view such as attitude sensors, plasma probes, antennas,

etc., can do so without penetrating the solar array panels. Also, the 17.0-inch

space between the inner pair of satellites is used to accommodate the carrier

structure. The outer satellites a re joined to the inner pair by means of their
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central cylinders such that their equipment sections are stowed within the "sMrt"

of the adjacent satellite formed by its solar array panels.

The resulting configuration provides a payload that has all of the equipment sections

of each satellite placed as close together as possible. One V-band clamp attachment

has been eliminated, since the inner satellites are joined directly together rather

than through a carrier structure. The carrier _tructure is supported by the struc-

tures of the im_,er pair of satellites such that no pins, clamps or other means re-

quiring a release u:Lechanism are used at its attachment. When folded all booms

(twelve) are locked to the carrier structure so that all may be released simul-

taneously by a carrier-mounted release system. The carrier structure also

supports the payload attitude and orbit control propulsion system. A standard

Thor Delta ad_pter is used with this co:_cept.

The following sections describe the salient features of the design of the individual

satellites and the carrier, and a weight tabulation.

Satellite. Figure 5.1-9 shows an assembly drawing of the satellite. All satellites

m the payload are identical with various exceptions.

The satellite consists of a central cylinder around which the remainder of the

structure is constructed. An equipment platform in the form of an annular ring

is attached at its inner diameter at the central cylinder and is supported at its

outer diameter by a truss structure. The truss structure consists of six groups

of radial members equally spaced around the satellite which also provide support

for the six sections of the solar array panels. Three of the truss groups also pro-

vide structural support for the three booms whose hinges arc situated below the

lower edge of the solar aIray. The equipment panels provide the means of

resisting torsional loads on the structure due to sph up acceleratior, s or decelerations

at boom deployment. The equipment panel is divide(i into six segments, three of

which are utilized for the support of satellite equipmeut. The three equipment

modules thus formed are provided with covers for thermal protection. A tape

recorder is mounted within the central cylinder, as (s the small solid rocket motor.
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The three equipment modules contain the science experiments together with the

remaining satellite electronic equipment. The S-band antenna utilized with this

satellite consists of thirty-six, two-inch square, cavity-backed elements arranged

around the circumference immediately above the solar array panels.

At the joint between each solar array panel (equally spaced around the circumfer-

ence) longitudinal structural members are placed, to which the array panels are

attached. These members form part of the internal supporting truss structure.

In addition, one end of these members is specially prepared to allow a connection

to be made with the carrier structure. This connection is one in which shear and

compression forces can be transmittal across the Joint but which separates under

tension loads (separation of the two inner satellites from the carrier). The Joint

concept shown in Figure 5.1-8 is a pair of mating serrated fittings capable of being

separated without han_tp.

At one end of the central cylinder a single coil spring provides the small separation

velocity. Since there are only three separation systems and three V-band clamps,

certain minor differences exist between satellites. That is, the first two satellites

to be separated retain a V-band clamp while the springs are held by the remaining

two satellites in the payload. Similarly, when the second pair of satellites

separate the V-band clamp remains with one of them while the springs go with the

other.

Three booms are equally spaced around the satellite and are hinged about the three

support points on the truss structure. Deployment of the booms occurs while the

satellite is still part of the payload assembly. Centrifugal forces extend the booms

after release from the carrier and they are depressed approximately 15 degrees

below the horizontal when fully deployed so as to avoid solar array shadowing at

extreme sun angles. The booms are depressed to their final position by means of

springs and positively locked. Damping during deployment is provided for each boom

by a viscous fluid dashpot. Since the booms are deployed at the time that the satel-

lites are separated from the payload, they must be designed to withstand the sops-
/

tion accelerations Ji_cluding the solid rocket motor thrust. However, it can be shown

that these conditions are not critical.
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Assuming a spin rate of 60 rpm, a boom tip mass W F

WB = 1 lb., moment about hinge H due to spin

Ms : 5"7x3-_x_6-O) x60x69"9 +[386 _-]

Moment about hinge H due to separation acceleration (a)

MA = -[(2x47.2} +(lx23.6,1

= -118 a in.-lb.

= 2 lb, and a boom mass

60 x 46.35] = 262 in. -lbs.

a

It can be seen from the above calculations that the separation accelerations induce

small bending moments in the boom compared to those induced by the spin rate; in

fact, accelerations of more than 2g are required to balance the moments due to

spin. The spin induced moments are of opposite sense to those induced by sepa-

ration acceleration.

Carrier. Figure 5. 1-8 also shows the carrier structure, which is placed between

the inner pair of satellites. The primary function of the carrier is to support the

components of the payload attitude and orbit control system, to provide locks for

the folded booms, and to support the communications subsystem including antenna.

The structure consists of an upper and lower ring separated by a tubular truss.

At the intersections of the truss members and the rings, contact between the

carrier and the longitudinal members in the satellite is made. Some adjustment

is required at these points to compensate for manufacturing tolerances and to allow

a slight preload to be applied after mating the central cylinders of the two satel-

lites.

Components of the attitude and orbit control subsystem are mounted to honeycomb

equipment platforms which are attached to the carrier-truss members. This

equipment includes:

a. Axial thrust chambers and nozzle for erection normal to orbit plane

b. Radial thrust chambers and nozzle for in plane maneuvers after sepa-

ration of first two satellites

5-26

lpmom E; Iqe_nl_ry
llylltmm| Dlvl|lon



SRS-TR146

c. Attitude control logic

d. VHF TLM transmitter and command receiver

e. Digital TLM unit and timer

f. Propulsion and attitude control system fuel tanks

g. Four VHF whip antennas.

Power for operation of this equipment is made available from the power subsystem

of one of the inner satellites, necessitating an electrical interface between the

carrier and the satellite. The four whip antennae are stewed in the launch configu-

ration by wrapping around the circumference of the carrier and are held in place and

releued by the boom look/releue system. The boom looks are releued simul-

taneously by means of a pyrotechnic device linking all twelve loche together.

Table 6.1-3 shows a preliminary weight breakdown of the stacked satellite and

the payload in the two- and four-satellite configurations. The two-satellite payload

for the forty earth radii mission employs the two tuner satellites only.

TABLE 5.1-2 WEIGHT BREAKDOWN - STACKED (LESS SCIENCE)

Item
i

Structure

Solar Array

Electronics

Booms

Carrier

Attitude Control

Propulsion

Separation System

Adapter

Satellite Four Satellites

11.50

7.23

25.00

5. 58

m--D

i_i

1.0

4.0

m_m

6.60

12.50

17.70

Payloads

Two Satellites

6.60

12.50

17.70

Total Satellite Weight 54.31 217.24 108.62

Total Payload Weight --- 254. 04 145.42
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5.1.5 Radial Payload

In an effort to eliminate the most significant undesirable feature of Concept No. 4,

that is, the high bending moments induced in the supporting structure, the final

version of the radial payload was evolved. Figure 5. 1-10 shows a drawing of this

payload in its four-satellite configurations.

In this arrangement, the four satellites are attached to a central structure at the

center (spin axis) of the payload so that the centrifugal forces induced by the spin

rate are resisted in tension by the attachment of the satellite to the central struc-

ture. The central structure (release module) attaches the satellite together in such

a way as to make the satellite cluster an integral unit up until the time of satellite

deployment. The cluster unit is then supported on an adapter structure, which

provides the means of resisting longitudinal and transverse loads. The standard

Delta adapter is not used with this configuration but instead is replaced by a

special light-weight truss structure, which is permanently attached to the forward

flange of the third stage motor. The tubular truss adapter provides a more

structurally efficient means of supporting the satellite cluster without high bending

moments. The adapter has four support hardpoints on which the four satellites

are supported and at which four matched springs are used to provide a small

velocity at payload separation. Means are provided at each of the hardpoints to

resist shear forces due to lateral acceleration of the vehicle. Centrifugal forces

due to spin-up are not transmitted to the adapter structure but are entirely

handled by the central release module.

Two methods are feasible of resisting the longitudinal accelerations of the launch

vehicle caused by first, second, and third stage engine shutdown, which tend to

lift the payload off the four supporting hardpoints, as follows:

a. Individual connections at the four hardpoints which would be released

at payload separation by four individual squib actuated release systems.

Alternatively, the four release systems (pin pullers) could be linked

together by means of a pyrotechnic mild detonating fuse which would be

activated by a centrally located actuator.
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b. A single connection (tie bar) between the central release module and

the truss adapter which would be preloaded in tension to prevent the

payload from lifting off the hard-points during periods of forward accele-

ration. This method would cause bending moments that peak to a maxi-

mum at the center of the release module and would have to be resisted

by the module to satellite connections. Separation of the payload from

the adapter would be accomplished with a single squib actuated bolt

cutter at the central tie bar.

The latter scheme requires only one event (the squib activated bolt cutter) to

separate the payload but induces the highest |truotural loads while the former

requires four eventJ (four pin pullers) to separate the payload. Either system

is feasible, however, since the pyrotechnic fuse from the actuator to the pin

pullers can be made equal in length and relatively short in scheme (a). The speed

of burning of MI)F la of the order of 23000 ft/oec. ; therefore, it lm Judged that the

time differential between the four releases would be negligible.

Also, since the most significant forward accelerations occur at third stage

motor shutdown (approximately 18g), the amount of preload in the tie bar is not

unreasonable. The preload would be approximately the mass of the burned

out third state motor x 18.

50.6 lbsx 18 = 9101bs.

The single tie bar concept is recommended. The tie bar also provides a con-

venient mounting for the VHF antenna which is required for the command system.

The whip antenna would be deployed upon separation by the bolt cutter to provide

communication during the coast to apogee.
f

The following sections describe the salient feature of the proposed design, including

the individual satellite, the release module and a weight tabulation.

Release Module. The central structure, which ties the four satellites together
T

prior to satellite deployment at apogee, is essentially a housing for the satellite

release mechanism. In addition, it supports the equipment required to command

the satellite release including a battery, command receiver, timer and VHF antenna.
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Figure 5.1-10 shows the release module and indicates the means of satellite

release. Each satellite is connected to the module by four pads capable of trans-

mitting shear and compression load across the interface. Tension loads (due to

centrifugal forces) are resisted by a connection that is aligned with the satellite

center of gravity and preloaded to prevent separation of the shear pads under the

action of the centrifugal forces. Each of the four release mechnisms consists of

two hooks which engage two attachment pins on each satellite. The two hooks are

pivoted about a single point, which is attached to a tension cable. Four tension

cables from each satellite release mechanism are passed through a squib

actuated cable cutter, which is capable of severing all four cables at one time.

Each of the cables also has an individual adjustment with which the system can

be preloaded in tension.

The amount of preload necessary to offset the centrifugal forces is quite nominal

and may be calculated as follows (assuming a spin rate of 142 rpm and a satellite

weight of 70 pounds each).

2
Preload = maJ r

= 7____0(2_142 12 16.5
32.2 _ 60 ] 12

= 662 lbs.

After severing of the four cables, each satellite moves out radially from the

module, pulling the pair of hooks up against two pins fixed in the module structure

which force the hooks apart, releasing the satellite. Thus, the centrifugal forces

are used to unlock the satellite release system.

Satellite. Figure 5.1-11 shows a drawing of the proposed radially deployed

satellite. It consists of a cylindrical equipment module in which the satellite

electronic equipment and scientific experiments are mounted and two sections

of cylindrical solar arrays. The module is made up of two circular honeycomb

equipment platforms situated at each end of a sheet metal cylinder. The two

solar array cylinders are mounted at each end of the module so that a "belly band"
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is formed around the center of the satellite. All sensors, experiments, etc.,

requiring a field of view are mounted within the equipment module so that no

penetration of the solar array panels occurs. Attachment of the satellite to the

release module is also effected in the area of the 'q_elly band". On the center

line of each satellite, a mast projects upward, which supports at its top a bl-

conical S-band antenna. The mast is primarily provided to support the antenna

and to separate it sufficiently from the satellite. However, it also provides a

convenient structure that helps to support the extreme ends of the three booms

when folded in the launch and ascent configuration.

The three booms are of the single hinge type, pivoted about three points located

at the extreme lower edge of solar array cylinders and supported by an internal

truss structure. Deployment of the booms is effected by centrifugal forces due

to the initial spin rate. Viscous fluid dashpots are provided to damp the motion

of the booms during deployment. The booms are depressed below the horizontal

by means of springs at the hinge points and locked in their final position. In the

stowed position they are locked together at the central mast. A single locking

device can then provide the release after separation of the satellites from the

payload at apogee.

Table 5.1-3 shows the mass properties data of the radially deployed payloads and

satellites. It can be seen that the spin axis mass moment of inertia of the satellite

undergoes a large change as the booms deploy, resulting in a loss in spin rate

from the initial rate of 142 rps to 20.8 rpm when fully deployed. Since the final

spin rate required is 50 - 70 rpm, spin-up after boom deployment is required.

However, since at the low spin rate the least amount of energy is required to

erect the satellite normal to the ecliptic, this is done prior to spin-up.

The attitude control/spin-up system is mounted at the end of one of the three booms

together with a nutation damper. This system can also provide, with the expenditure

of a little extra fuel, the thrust required for an out-of-plane maneuver of one or all

of the satellites prior to erection normal to the ecliptic, if required.
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Table 5.1-4 shows a weight breakdown of the four- and two-satellite payloads

and the individual satellites.

In the event of a forty earth radii mission with two satellites, ballast weight would

have to be provided to replace the t_vo satellites omitted from the payload in order

to retain an inherently stable condition. Two of these weights could be placed

at approximately 30 inches from the spin axis and would be approximately 36

pounds in weight each. They would be rigidly attached to the central release module

and not be separated at satellite deployment.

TABLE 5.1-3 MASS PROPERTIES - RADIAL PAYLOAD

Configuration Booms Stowed Booms Deployed

Inertia Inertia
C onfigur at ion Ispin ITr ans R at io Ispin IT r ans R at io

Payload 18.1 15. 30 1.17 .... , ....

Satellite only .72 1.92 .37 4.91 3.07 1.59

TABLE 5.1-4 'WEIGHT BREAKDOWN- RADIAL (LESS SCIENCE)

Item Satellite

Structure

Solar Array

Electronics

Booms

Carrier

At titude Control

Adaptor

Ballast

Total Satellite Weight

Total Payload Weight

8.75

7.23

25.00

6.15

2.70

49.83

Payloads

Four Satellites Two Satellites

----m

5.0

12.20

199.32

216.32

----m

5.0

12.20

72.00

99.66

188.86
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5. 1.6 Thgrmal Considerations

The spacecraft temperature control system uses passive techniques for both con-

figurations. Temperature control is not required during ascent, if the launch

vehicle shields the spacecraft.

5. 1.6. 1 Requirements r Thermal design requirements are listed in Table 5. 1-5.

The solar flux is 442 Btu/hr-tt 2. The seasonal variation is neglected. )

TABLE 5. 1-5

THERMAL DESIGN REQUIREMENTS

Mission Phases

Coast Phase

Total Duration (Hours)

Eclipse Duration (Minutes)

Excursion* (Angular Degrees)

Power Dissipation (Watts)

Orbital Phase

Period (Hours)

B Excursion* (Angular Degrees)

Power Dissipation (Watts)

Eclipse Duration, (Typ. Max.)

Satellite Confi_ration

Radial Stacked

24

None

±26

0

48 48

+5 ±15

20 21

1 hour 1 hour

24-72

25 max.

±I 5°

0

* _ is defined in Figure 5. 1-12.

Allowable equipment operating temperature range is 0°F to 120°F. (Exceptions

are the battery and ammonia system, which have limits of 40°F to 100°F.
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5. 1.6.2 Satellite Thermal Characteristics, The satellites are spin-stabilized cyl-

inders, and the spin rate is sufficiently high to assure constant temperatures during

a spin cycle.

From the standpoint of thermal design the basic satellite configuration can be divided

into four categories.

a. Equipment Modules

b. Solar Cell Panels and Satellite Structure

c. Boom-Mounted Units

d. Carrier Structure

Equipment Modules. In each configuration, the equipment modules should be

thermally isolated from the solar cell panels. Temperature of the equipment

modules is controlled by adjusting the exterior surface properties of the equipment

modules.

Figure 5. 1-12a and b show the radial and stacked configurations.

ao Radial Configuration, The equipment module for the radial configuration

is a cylindrical section with equipment mounted to aluminum honeycomb

panels, which form the ends of the cylinder. The honeycomb panels

are thermally conductive to obtain a substantially isothermal equipment

panel. The units are placed for nearly uniform heat dissipation on the

panel. To reduce heat losses during eclipses, the equipment panels

are thermally insulated from the structure and the solar panels by low

thermal conductivity washers.

Because of the small excursion in the solar vector (=_5 degrees), the

equipment module is (for all practical purposes) uniformly illuminated

with solar energy. The exterior of the equipment panels and the cylinder

section of the equipment module are finished with alumatone paint

(_s = " 20 and e =. 24). This maintains the equipment near its upper

temperature level during sunlight operation and avoids excessive heat

losses during eclipse.
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Figure 5.1-12b Stacked Configuration (No Scale)
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b* Stagked Configuration. The equipment for the stacked configuration is

distributed between four equipment modules, numbered 1-4 for identifi-

cation purposes. (See Figure 5. 1-12b) The equipment allocation, weight,

and average power dissipation for each of the four modules are listed in

Table 5. 1-6.

TABLE 5. 1-6

EQUIPMENT ALLOCATION FOR STACKED CONFIGURATION

Component

Equipment Module No. 1

Transponder

Power Control Unit

DC/DC Converter

TOTALS

Equipment Module No. 2

ARC Magnetometer

Program Timer

Battery

TOTA LS

Equipment Module No. 3

Plasma Probe

TLM Generator Comm.

TOTALS

Equipment Module No. 4

Tape Recorder

Solid Propellant Motor

TOTALS

Weight

(lbs)

5.0

2.5

2.5

10.0

5.0

2.0

3.5

10.5

6.5

3.5

10.0

Average Power

(watts)

10.0

1.5

0.5

12.0

3.5

0.5

0

4.0

3.5

1.5

5.0

5.0

0

5.0

0.2

0

0.2
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The equipment modules are thermally isolated from the solar cell panels by the

same mounting techniques discussed for the radial configuration. The equipment

for each module is located on aluminum honeycomb, and aluminum cover are

coupled to the mounting base to insure adequate thermal paths and to provide an

isothermal enclosure for the equipment.

The temperature level of equipment can be maintained by selection of surface coat-

ings for exterior surfaces and adjustment of heat transfer paths from the equipment

panels to individual components.

The variation in sun angle, ±15 desrees causes larger excursions in predicted orbit

temperatures of components for the stacked configuration than those for the radial

configuration.

Because of low power dissipation in module No. 4, the tape recorder experiences

the maximum excursion in temperature during its orbital life. Insulation could be

applied to surfaces of module No. 4 to decrease the predicted temperature excur-

sions.

Solar Cell Panels and Satellite Structure ' The equipment modules for both satellite

configurations are isolated from the solar cell panels and the spacecraft structure

to reduce temperature excursions of the equipment during eclipse.

The surface properties of the solar cells (solar absorptivity = 0.76, emissivity = 0, 83)

provide a satisfactory steady state temperature of the solar cells and satellite

structure during sunlight operation. Allowing the back surface of the solar cell

panels to radiate to space reduces the operational temperature of the solar cells

and increases their available electrical power output.

The solid propellant kick motor for the stacked configuration only operates for less

than one second and dissipates a negligible amount of thermal energy; this energy

has been neglected for these preliminary analyses. Its empty case is also a

negligible thermal mass.
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Boom-Mounted Units, Satisfactory temperature control of the booms and the boom-

mounted units can be obtained for each of the two satellite configurations by adjust-

ing their exterior surface properties. Steady-state equilibrium temperatures can

be adjusted over a wide range. For example, for the ammonia control system, a

pattern of 50 percent alumatone paint and 50 percent colorless MIL-C-5541 on the

sides of the case and 100 percent alumatone paint on the ends of the case will main-

tain a satisfactory case temperature.

Carrier Structure, The carrier consists of a structure that supports the satellites

during the coast phase and contains communication equipment which is operational

during the coast phase. For the two configurations, the temperature level of the

equipment located on the carrier can be controlled by selection of the proper ex-

terior surface properties on the exterior covers of the equipment.

In the stacked satellite configuration, for which the coast phase is a maximum of

72 hours, the equipment on the carrier structure must endure an eclipse period.

To insure that the communication equipment does not get too cold during eclipse

the exterior surface coating of this equipment is finished with a high c_s IE ratio.

This insures a high initial temperature prior to eclipse.

5. 1.6.3 Temperature Predictions

Equipment Module, Temperature predictions are based on preliminary thermal

analyses, assuming that the equipment modules and equipment are represented by

a single isothermal node.

a. Radial Configuration. When the solar vector is normal to the spin axis,

the average orbital temperature of an equipment module finished with a

alumatone paint is 65°F. The +5 degree sun angle variation has no sig-

nificanteffecton predicted temperatures because the change in projected

area is less than one percent,

Without internal power dissipation, the predicted minimum temperature

of the equipment module, assuming a single isothermal node, is 15°F
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for a one-hour eclipse and 40°F for a half-hour eclipse. To maintain the

temperature of all the equipment at or above 40°F (the minimum required

temperature of the battery) for the one hour eclipse, a standby power

dissipation of approximately 20 watts would be required.

The temperatures predicted by the single node equipment model are repre-

sentative of a type of average for the external radiating surfaces and the

equipment. The temperatures of the equipment dissipating power can be

controUed to higher levels depending on the degree of isolation from the

radiating surfaces. A more detailed analysis, similar to that performed

in Reference 1, would show that by isolating the batteries from the power°

dissi pating equipment, the temperature of the batteries would be main-

mined at or above +40°F during eclipse without any standby power, while

the temperature of the remaining equipment would decrease to approxi-

mately +10°F.

During the coast phase, the average temperature of the radial-configura-

tion satellites would be approximately 50°F for the solar vector normal to

spin axis. For an excursion of +26 degrees in the sun angle, the back

surfaces of the solar panels would be exposed to solar energy, but the

ends of an equipment module are shadowed and its temperature would

decrease to approximately 35°F.

be Stacked Configuration. The predicted temperature of the stacked con-

figuration is dependent on the sun angle, _. The assumed paint patterns

and predicted temperatures are listed in Table 5. 1-7. Each of the four

equipment modules for the stacked configuration is assumed to be repre-

sented by a single isothermal node receiving and reradiating solar

energy to space and insulated from other components of the satellite.

Each single-node equipment module can be passively maintained within

its respective temperature limits with the exception of the batteries

located in equipment module No. 2. During a one-hour eclipse period,

the batteries reach a minimum temperature of roughly 17°F; to maintain
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TABLE 5.1-7

ORBITAL TEMPERATURE PREDICTIONS FOR

STACKED-CONFIGURATION SATELLITES, °F

Equipment
Module No.

(Fig. lb)
i

1

Surface Finish Requirements

Sides

50% ALT

50% MIL

30% ALT
70% MIL

30% ALT
70% MIL

Top

ALT

70% ALT
30% MIL

70% ALT
30% MIL

Bottom

MIL

MIL

3 MIL

4 MIL ALT MIL

Sun Angle, B

-15 O +15

50 75 82

42 46 80

44 48 85

44 53 84

Eclipse*

One Hour 1/2 Hour

20 35

17"* 30***

25 32

5 27

ALT -- Alumatone Aluminum a = 0.2, ¢ = 0.24, ale = 0.83

MIL -- MIL-C-5541 (Colorless) a = 0.35, e = 0.10, ale = 3.5

* Based on Tinitia 1 = T (P = -15 °)

** Power Required to Maintain Temperature at 40°F = 4.5 watts

*** Power Required to Maintain Temperature at 40°F = 2.5 watts

the temperature at 400F or above requires 4.5 watts of heater power.

For a half-hour eclipse, the minimum temperature is 30°F and 2.5 watts

of power are required. Again, a more detailed analysis would probably

show that the battery temperature during eclipse could be maintained at

or above 40°F by isolating the batteries from the external surfaces of

the equipment modules.

During the coast phase of flight, the average temperature of the stacked-

configuration satellites would be 70°F. During the eclipse, the satellite

temperatures would cool to 20°F for a one-hour eclipse and 35°F for a

half-hour eclipse.
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_olar Cell Panels and Satellite Structure, The solar cell panels for the radial con-

figuration have steady state orbital temperatures of approximately 30°F. The low

temperature is attributed to the fact that the backsides of the panels are free to

radiate to deep space. The back surface of the solar cell panels should be painted

with Skyspare white paint (a s = 0.22, ¢ =. 91). The white paint and the small angu-

lar excursion in the sun angle (:_5 degrees) causes a negligible change in the pre-

dicted temperatures.

For the stacked configuration, the excursion in the sun angle is ±15 degrees. With

white paint on the back surface of the solar panels, the predicted temperature ranges

from +25°F to 55°F. The higher temperature is attributed to the fact that when the

sun angle is -15 degrees from normal, over 40 percent of the back surface is ilium-

inated with solar energy.

Boom-Mounted Units, Satisfactory temperature control can be maintained for the

boom-mounted components during orbit by proper selection of radiative properties

of exterior surfaces. The surface properties of the boom sensors can be selected

so that their case temperature is +60°F, and the case temperature of the ammonia

system is 70°F. The minimum temperature of these units during maximum eclipse

is +15°F.

Carrier-Structure, The carrier structure equipment temperature, like the satel-

lite, can be controlled over a wide range of temperatures dependent on the pre-

scribed surface properties and power dissipation.

Assuming an open structure of aluminum struts with an anodized finish, the tem-

perature during the coast phase is 400F. During the 25-minute maximum eclipse

of the coast phase, the structure temperature for the stacked configuration would

cool to +150F.

The equipment mounted on the carrier structure can be thermally controlled by

isolatingthe equipment from the structure and controlling the surface properties

of the equipment covers. For example, the VHF equipment could be controlled to

90°F during coast and to +10°F during eclipse by finishing the cover with 5 percent

MIL C-5541 and 50 percent alumatone paint for the stacked configuration.
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5.2 ATTITUDE CONTROL STUDIES

The principal aim of the attitude control studies was to define control schemes

that met system requirements, and to select the best scheme for each of the con-

ceptual configurations investigated. The requirements and constraints on the con-

trol system were as follows:

• Spin-stabilization at 50-70 rpm

• Spin axis orientation preferably normal to the ecliptic

• Relatively coarse pointing (3 to 5 degrees).

These general constraints were used to determine whether the control system

should be placed on the carrier or on the individual satellites, and whether it

should be self-contained or ground-commanded. The operational constraints

implied by these alternates were also studied, as were nutation damper require-

ments, propulsion system parameters, optimum sensor geometry, attitude and

pulse synchronizing references, sequences of events, and logic schemes for

accomplishing the required sequences.

The configuration studies narrowed down the design concepts to two: the radial

configuration and the stacked configuration. The radial configuration has an

attitudecontrol system on each satelliteand is oriented with the spin axis normal

to the eclipticplane. The stacked configuration has the attitude control on the

carrier and is oriented with the spin axis normal to the orbit plane. After both

ground-commanded and automatic systems were investigated, the ground-commanded

system was found preferable in both configurations. Error budgets appear to con-

firm that the separation velocities can be kept within 5 degrees of the normal to the

orbital velocity vector, as required by the mission analysis. A nutation damper is

recommended on the carrier of both configurations, as well as a boom-mounted

nutation damper on the indi_;idualsatellitesof the radial configuration.

The attitudecontrol systems for the stacked and radial configurations (ground-

commanded) are equally complex; thus, no clear advantage of one over the other
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exists in that regard. However, the lower spin axis drift rates of the radial

configuration combined with its capability for attitude updating, make it the

recommended approach.

One of the first tasks was to determine whether the satellite attitude needed up-

dating after the initial orientation. This was answered by determining the expected

precession rates of the spin axes of the various configurations, and comparing

the resulting offsets at the end of life with mission accuracy requirements.

5.2.1 Spin Axis Precession Analysis

Since the attitude is spin-stabilized, torque causes the spin axis to precess. The

principal sources of disturbance torque are solar pressure, magnetic fields, gravity

gradient effects, air drag effects, and outgassing. Very little can be predicted

about outgassing, but the other disturbance torques have been assessed in a prelim-

inary manner in the following sections.

5.2.1.1 Solar Torque. Solar torque is obviously different for the stacked and the

radial configurations. The first approach was to estimate the total cross-sectional

area and assume a certain distance from the center-of-pressure to the center-of-

gravity. The absorptance of the solar array was taken as 0.7, and for other areas,

0.3.

With the sun in the spin plane, the cross-sectional areas of the different parts of

the stacked configuration satellite are roughly as follows:

Solar array 3.5 ft 2-- _=0.7

Equipment modules = 1 ft 2 q = 0. 3

Equipment on end of
booms -- 0.4 ft 2 a = 0.3

Booms = 0.6 ft2 a = 0.5
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With the booms canted 15 degrees from the bottom of the solar array, the center-

of-pressure is about 7.5 inches below the plane of the top of the solar array. For

a solar constant of 10 -7 lbs/ft 2, the total pressure is about 7.8 x 10 -7 lbs. If the

c.g. is located within 1 inch of the c.p., the solar torque is about 6.5 x 10 -8 ft-lb.

However, in this configuration, the c.g. is likely to be only an inch or two below

the top of the solar array, which gives a moment arm of ~ 6 inches, or a torque of

3.9 x 10 -7 R-lb. This torque corresponds to _ 1 degree precession per month,

resulting in a precession cone with about a 2 degree half-angle. The long term

precession is in the form of a cone because of the motion of the satellite about the

Bull.

For the radial configuration, the solar array is split into two parts with a band

between. The areas and reflectivtties are:

Solar array -- 3.2ft 2 _=0.7

Mid band 0.93 ft 2= _=0.3

Equipment on end of ft 2booms = 0.4 _= 0.3

Booms 0. 6 ft 2= _=0.5

Summing the moments caused by these areas and reflectivities locates the c. p.

7.85 inches from the end of the satelite where the booms are hinged. The pres-

sure exerted is _ 7.5 x 10 -7 lb. A one-inch c.p. -c. g. distance causes a torque

of 6.25 x 10 -8 ft-lb., corresponding to _ 0.3 degree precession per month. If,

as is likely, the c.g. is located in the plane of the edge of the belly-band nearest

the boom hinges, then the solar torque increases to _ 1.5 × 10 -7 ft-lb, corres-

ponding to _ 0.71 degree per month precession. This again demonstrates that

control of the c.g. location by design may be necessary to keep drift rates ac-

ceptably low.
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5.2.1.2 Magnetic Torque. The magnetic torque on the satellite is given by:

T=MsX

where:

T = torque on the satellite

M s = magnetic moment on the satellite

B E = magnetic field of the environment.

The magnetic moment on the satellite was estimated by assuming a dipole at the

satellite c. g., aligned with the spin axis. Its strength was assumed to be such

that it generated all of the permissible 0.50 gamma at the magnetometer head.

The magnetometer head is located at ~ 190 cm from the c. g., giving a magnetic

moment of:

M = Hr 3 = 34. 4 oersted-cm 3.
S

The magnetic field of the environment is hard to evaluate because of the eccentricity

of the orbit and the resulting wide range of altitudes. At apogee, the satellite is

outside the magnetosphere and essentially in the interplanetary magnetic field.

Below about 10 earth radii, the magnetic field of the earth prevails. To estimate

the magnetic torques it was assumed that the principal effect occurs between a

true anomaly of 270 degrees and 90 degrees (i. e., near perigee), which assumes

that the effects above 2 earth radii are of second order.

Since the time required to go from 270 degrees to 90 degrees true anomaly is less

than an hour, the rotation of the earth during the pass was ignored. The earth's

magnetic field was assumed to be a dipole at the earth's center, tilted 11.5 degrees

with respect to the north geographic pole, in the plane of 70 degrees West longitude.

Averaging the torque that was produced during the low part of the pass over the

whole orbit gave a magnetic torque of less than:

T _ 2× 10-9ft-lb.
m
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5.2. I.3 Gravity-Gradient Toraues, Torques due to gravity-gradient exist only if

the spin-axis is not maintained normal to the orbit plane. As will be pointed out in

Paragraph 5.2.2, the stacked configuration has its spin-axis normal to the orbit

plane; thua the gravity-gradient actually tends to maintain the spin-axis normal to

the orbit plane. The radial configuration, however, has its spin-axis normal to

the ecliptic; thus, the gravity-gradient produoes a disturbing torque.

In general, the gravity-gradient torque can be expressed by:

= 3. - I_) sin 2V
Tg 2R 3 (Is

where:

/_ = gravitational constant = I.406 x 1016

R = radius of satellitefrom center of earth

Is = spin moment of inertia

I± = transverse moment of inertia

,f = angle between spin-axis and local horizontal

For the radial configuration, Is = 4. 9 slug-ft 2 and I& = 3. 1 slug-ft 2. The angle

,f is a function of the inclination of the orbit with respect to the ecliptic, the true

anomaly, and the line of intersection of the orbit plane and ecliptic plane. The

line of intersection between the two planes is assumed to be within 10 degrees of

the line of apsides; it can therefore be neglected. The angle y can then be

expressed as

_f = _o I sin _ I

whe re:

_o = angle between ecliPticand orbit planes

l] -- true anomaly of satellite
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If the maximum inclinationbetween the orbit plane and eclipticis assumed to be

5 degrees, then the gravity-gradient torque can be expressed as:

6.63× 101 Jsin
T --
g 1:l3

The time average of the function _ is
R 3

gradient torque of:

10-24, giving an average gravity-

T = 6.6 x 10 -9ft-lb.
g

5. 2.1.4 Air Dra_ Torciue. Air drag torque was evaluated by calculating the vel-

ocity change for each pass, relating this AV to a linear impulse, and applying the

linear impulse at a center of pressure that is not coincident with the center of

gravity. Extrapolation of data contained in Reference 1 indicates that the rate of

change in perigee at I00 n.mi. perigee altitudeis about 5 x 10-8 km/sec

(16.4 × 10-5 ft/sec) for the reference orbit. The change in perigee velocity with

respect to perigee distance is:

bV -3/2

= -1/2 r /_(1 + r)
br P

P

where:

V = perigee velocity
P

rp = perigee radius

r = eccentricity = 0. 897

_t = 1.4 x 1016 ft3/sec 2

Reference 1: Space Flight Handbooks, Volume 1, Orbital Flight Handbook. Sect. V,
"Satellite Lifetimes, " by G. E. Townsend, Jr.
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For small changes at a perigee radius of 2.18 x 107 ft

AVp = 8.2x 10 -4Arp

Multiplying the rate of change of perigee by the orbital period gives a change In

perigee radius on the order of 30 feet for each pass. Thus, for a satellite with a

mass of 2, the impulse imparted by air drag is about 5 x 10 -2 lb-eeconds on each

pass. If the impulse is delivered on a 1-inch moment arm for the radial case and a

6-inch moment arm for the stacked case (the same order of magnitude as solar

pressure moment arm), then the angular impulse per pass is O. 42 x 10 -2 ft-lb-

second and 2. 5 x 10 -2 ft-lb-second respectively, giving an average torque over the

orbit of

TAD = 2. 4 x 10 -8 ft-lb (radial)

TAD = 14.4 x 10 -8 ft-lb (stacked)

5. 2.1.5 Summary of Torque Effects. Table 5. 2-1 summarizes the torques acting

on the stacked and radial configurations and gives the resulting precession rates

for the combined RSS torque. The solar torque used for the stacked configuration

corresponds to a 6-inch moment arm, whereas the radial solar torque number

corresponds to a 1-inch moment arm. This was done because the equipment loca-

tion in the stacked configuration is much less flexible than in the radial configura-

tion. There is thus a much better possibility of adjusting the c.g. location on the

radial configuration to correspond to the c.p. location.

Table 5. 2-1 shows that even if the solar torque is not balanced, the precession

rates are low enough so that attitude updating is not required during the satellite

lifetime. This means that a separate control system is not needed for each satel-

lite to counter the long term torque effects.
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TABLE 5.2-1

TORQUE EFFECTS

n

Solar

Magnetic

Gravity- Gradient

Air Drag

Stacked

Precession Rate*

*Spin Speed = 60 rpm

39.0 x 10-8

0.2 x 10-8

Radial

6.3 x 10-8

0.2 x 10-8

0.66 x 10-8

2.4 x 10-8

RSS TOTAL 41.6 x 10-8 6.8 x 10-8

i.09 deg/mo. 0.33 deg/mo

5. 2. 2 Operational Schemes for Initial Orientation

The major trade-off study performed involved an examination of the self-contained

and ground-commanded orientation schemes. To determine the optimum control

scheme, it was necessary to define potential problem areas by first defining for

each scheme its operational constraints, logic requirements, optimum sensor

geometry, and optimum pulse synchronizing reference.

For the stacked configuration, the ground rule was to orient the carrier spin axis

normal to the orbit plane, while the four satellites are still attached to the carrier.

This allowed the satellites to be ejected with a AV orthogonal to the orbit velocity

vector near apogee. It was decided that the orbit plane would be close enough to

the ecliptic plane to obviate spin axis reorientation after ejection, thus eliminating

the need for a control system on each satellite in addition to the one already on

the carrier.

I PlHIILCO
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For the radial configuration, the ground rule was to provide for initialorientation

after release of the satellitesfrom the carrier. This permitted the tangential vel-

ocity of spin at the moment of release to be utilized in obtaining the required separ-

ation AV. Since no In-track AV is wanted, the spin axis must be pointed as closely

as possible to the velocity vector at the moment of release. Also, since initial

orientation occurs after release, four separate control systems are provided -- one

for each satellRe. To avoid using a fifthcontrol system to control the spin axis

orientation of the combination, release occurs when the spin axis is collinear with

the orbit velocity vector, i.e., at apogee. Since each satellite has its own control

system, an additional ground rule Is to orient the spin axis normal to the ecliptic

rather than to the orbit plane.

5. 2.2. 1 Self-Contained Systems, The desirability of the self-contained systems

lies In the fact that, for the initial erection maneuver, no telemetry interface is

required between the satellite and the ground. In the stacked configuration, this

eliminates the need for separate telemetry equipment on the carrier. In the radial

configuration, eliminating the telemetry interface is of no advantage, since the

initial orientation occurs after release from the carrier.

5.2.2. I.1 Stacked Configuration

Operational Constraints. The operational constraints are to some extent deter-

mined by the attitudereference chosen and how itis utilized. There are two basic

ways of orienting the spin axis normal to the orbit plane. The simplest is to use a

horizon scanning system thatutilizesonly the earth as an attitude reference. A

more complex way is to use both the sun and earth as an attitude reference when

they are in quadrature.

The second method, that of using both the earth and the sun as attitude references,

is too complicated for an automatic system. Local roll information can be obtained

from the horizon sensor system; the other axis, local yaw, is sensed by a sun

angle indicator. Sensing the angle is not difficult, but the angle the spin axis makes

with respect to the sun in order to be normal to the orbit plane, is not constant,

being a function of the day, and time of day of launch. The desired angle with respect
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to the sun must, therefore, be set into the control system a few minutes before

launch time. This can be done, but the lack of significant advantages over the

system that uses only earth sensors, plus the added weight of the sun angle indicator,

excludes this approach from further consideration.

The first method, using earth sensors only, is simpler because no sun angle indi-

cator is required, nor must the earth and sun be detected when in quadrature.

This method takes advantage of the fact that the roll and yaw angles of a spinning

satellite interchange every quarter of an orbit. Thus, a local yaw angle at perigee

becomes a local roll angle at 90 degrees true anomaly. It can be seen then, that

nulling local roll at some point in the orbit leaves only a local yaw error, which

can be removed 90 degrees later as local roll.

A sketch of the orbit shows only two pair of points separated by 90 degrees true

anomaly that have equal altitude. These pairs are at 135/225 degrees and 315/45

degrees. If initial orientation is desired before first apogee, it is obviously im-

possible to make the two roll hulling maneuvers at the same altitude. Horizon

sensor geometry must therefore be arranged for satisfactory performance over a

wide range of altitudes. There are arguments against using the equal altitude

points, other than desiring to complete initial orientation before first apogee. If

the pair near perigee is used (315/45 degrees true anomaly), there is not enough

time for completion of the required maneuvers unless very high torque levels are

used, with consequent reductions in resolution. Use of the pair near apogee

(135/225 degrees) unduly complicates the sensing and logic requirements, since the

residual roll error after the initial erection maneuver could easily be large enough

to cause the horizon sensors to miss the earth. This would require use of the sun

for pulse synchronizing and possibly a sun angle indicator. Also, since the events

will be timer initiated, the necessity of waiting until second apogee means the

period dispersions will cause a larger position uncertainty than if separation is

initiated near first apogee.

These considerations show the desirability of initially orienting the satellite before

first apogee. Since the earth subtends such a small angle near apogee, and since

the maximum dynamic range capability in terms of roll offset is directly proportional
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to the angle subtended by the earth, itis desirable to complete all maneuvers at as

low an altitudeas possible. From sensor considerations, itis desirable to com-

plete the final rollnulling maneuver before 135 to 140 degrees true anomaly,

where the earth subtends an angle of 18 to 20 degrees. This means that the initial

orientation and rollnulling must be completed no later than 50 degrees true anomaly

(--e.5 minutes from injection). These considerations are the primary factors gov-

erning the choice of the representative sequence of events shown in Table 5.2-2.

True

Anomaly

(Deg.)

0

5

35

50

138

140

TABLE 5. 2-2

SEQUENCE OF EVENTS

Time

From

Injection

0

0.7 5 min

6. 0 min

9.5 min

2.25 hrs

2. 50 hrs

Event Description

Injection

Start InitialSpin Axis Erection

(Local Yaw)

Terminate Local Yaw Maneuver

InitiateLocal Roll Nulling

Terminate Local Roll Nulling

InitiateLocal Roll Nulling

Terminate Local Roll Nulling
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For the initial part of the maneuver, at low altitude, the yaw and roll motions

require about ll5 degrees of spin axis maneuver, as explained later. To accom-

plish this rotation in the time allotted requires an average precession rate of

0.22 degree/second, which implies relatively high torque levels for this con-

figuration. Figure 5.2-1 shows the attitude resolution versus torque level for a

torque pulse angle of 90 degrees of rotation. At 50 rpm, 0.26 degree/pulse is

required, while at 70 rpm, 0.19 degree/pulse is required. Thus, an average

torque at 25 percent duty cycle of 5 ft-lbs should be adequate, giving a little margin.

Decreasing the duty cycle, of course, increases the required torque level.
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Figure 5.2-1 Stacked Configuration, Attitude Resolution vs_ Torque Level

Logic Requirements. Since the instantaneous measurement of true anomaly from

the spacecraft is difficult, if not impossible, the true anomaly must be deduced

from the time from injection and the reference orbit. A timer would be necessary

to initiate and terminate the various events at the appropriate time.
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In addition to the timer, synchronizing signals must be generated during each spin

cycle to provide a local yaw or local roll motion of the spin axis. The first maneu-

ver required is a local yaw of the spin axis. This maneuver requires the torque

pulses to be symmetrical about the center of the earth pulses, i.e., the center of

the torque pulse should coincide with the center of the earth pulse. The two sub-

sequent roll maneuvers require the 0enter of the thrust pulse to be -_90 degrees

out of phase with the center of the earth pulse. The sign of the phase shift

is a function of the sign of the roll angle.

There are several ways to synchronize the torque pulses, including schemes that

compute the spin speed and delay the torque pulses the appropriate number of

degrees of spin. For simplicity of implementation, the study was directed towards

geometrical arrangements of the sensors on board to provide the required synchro-

nization. To detect a roll error of a spinning satellite, two Ilt horizon scanners

are commonly attached to the spacecraft in such a way that the spin of the satellite

causes the two fields-of-view to scan narrow cones, above and below the spin

plane.

One synchronizing scheme considered uses the two rolldetection scanners for

synchronizing the thruster for the positive and negative rollcorrections; the initial

yaw maneuver is synchronized by a third scanner. Figure 5.2-2 shows the relative

locations of the thrusters and the horizon sensor fields-ofview. Horizon scanners

,

Figure 5.2-2 Sensor/Thruster Geometry
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No. 1 and No. 2 sense the roll and serve as pulse synchronizers by turning on the

thruster during the time they scan the earth if a roll correction is needed. Horizon

scanner No. 3 is used only during the initial yaw maneuver, and it also turns on

the thruster during the time it scans the earth. It is apparent that during the lower

parts of the orbit, the pulse width is going to be rather large, typically varying

from _150 to 120 degrees for the initial yaw utilizing horizon scanner No. 3.

Another scheme eliminates the third horizon scanner and also gives a shorter,

more efficient torque pulse during the initial yaw. In this scheme, logic is pro-

vided that turns the thruster on when horizon scanner No. 1 leaves the earth and

turns it off when horizon scanner No. 2 intersects the earth. This provides syn-

chronization for the initial yaw maneuver with pulse widths varying from 35 to

50 degrees. The roll correction synchronization is identical to the previous

scheme. The main disadvantage of this approach is that the pulse widths are almost

too narrow, which requires a significant increase in the thrust level required to

deliver the necessary impulse in the allotted time.

Of the two methods, the latter is preferred since it does not require the third sen-

sor, and also because the yaw maneuver is more efficient.

In addition to the above logic requirements, there is also a problem in selecting

the time to stop pulsing the satellite. A simple roll deadband system is inadequate

for two reasons. First, a simple deadband system causes attitude instability*

in the presence of inadequate nutation damping. Second, the large nutation angle

that may exist causes the deadband to be crossed several pulses before the center

of the nutation angle is near the desired attitude. Figure 5.2-3 shows the maxi-

mum nutation angle that can be expected during pulsing, as a function of torque

level. For a 5 ft-lb torque level, the angle is ~5 degrees.

"Final Report, Spin Replenishment and Spin Axis Attitude Control System",
Philco-Ford, Aeronutronic Division, Publication No. U-2939, 14 December
1964, p. 1-33.
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Figure 5.2-3 Stacked Configuration, Maximum Nutation

Angle as a Function of Torque Level

Figure 5.2-4 shows typical spin axis motion when subjected to a series of torque

pulses. For the stacked configuration the inertia ratio is 1.03, which means that

a minimum nutation angle is reached every 33 pulses rather than the 16 shown.

Due to the wide range of nutation angles possible+ the average roll position

(center of the nutation angle) may not cross the deadband until several cycles after

the first crossing. At an average resolution of 1/4 degree per pulse, the first dead-

band crossing may occur anywhere from 4 to 20 pulses before the average roll

angle comes within the deadband, making a counter impractical. Since it is the

average roll angle we wish to control, this points up the need for extensive filtering

of the roll angle information to eliminate the variations at nutation frequency. There-

fore, the deadband must be set with some consideration given to the lag inherent

in the filter• The presence of the filter means that only the average roll angle is

fed to the deadband circuit, and the instability mentioned previously does not exist.
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Figure 5.2-4 Representative Spin Axis Motion During Maneuvers

Since the filtering is not complete, i.e., some variation remains, there must be

some logic to ensure stability even though a variation of the roll angle still exists.

A counter can be used to bring the average roll angle to within the deadband by

more than the expected variation. The number of pulses required is a function of

the resolution of the control system and the amount of variation remaining on the

roll signal after filtering.

Sensor Requirements and Selection. As pointed out previously, the self-contained

stacked configuration requires two IR sensor heads looking in opposite directions,

as in figure 5.2-5. To provide roll information, the fields of view of the sensors

should be canted as shown. The optimum angle from the spin plane is a function

of the satellite altitude and the desired dynamic range of the sensor.

5-62

[PHILCO llplll=ll& I:hl lntry
PH,LCO-,,O_,O co,=,,,o,_,,,'r,oN Byltlrnm IDIvl,,,ion



SRS-TRI46
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Figure 5.2-5 Sensor/Valve Configuration for Stacked, Self-Contained Configuration

A linear approximation of the transfer function of the horizon sensor is:

=kAO

where: ffi roll ange indicated

k = constant of proportionality

A0 = difference in earth pulse widths of the two blippers

The constant k is defined as:

k = lcos2A - cos2 _,

4 sin _,

where: _, = angle between center of sensor field-of-view and spin plane

2_,o= angle subtended by earth
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To include both maneuvers, the sensor must be usable at altitudesof 150 to 20,000nm.

Accuracy is of importance primarily during the two rollnulling maneuvers at 4200 nm

and 20,000 nm from the center of the earth. Parametric studies have determined

the optimum offsetangle as a function of geometric gain, signal-to-noise ratio, pulse

rise time, and linearityof the actual transfer function. Results of these studies

indicate that, for the initialrollnuilingmaneuver, the optimum offset angle, )_,

should be about 30 to 35 degrees. The optimum offsetangle at the time of the

second roll nulling is about 5 degrees. Choosing a compromise of 8 degrees gives

a linear range at 20,000 nm of 2 degrees and a synchronizing reference for ±18 degrees

of roll. The low altitudeperformance is compromised somewhat because of the

smaller than optimum offsetangle. At 8 degrees, the low altitudegain is I.45 and

the high altitude gain is 0.20. This wide range of geometric gains (k) requires gain

switching between the firstand second roll nulling maneuvers for accuracy reasons.

This is discussed further in the error analysis section.

Logic Definition and Description. Figure 5.2-5 shows the relative orientations of

the sensor fields of view and the thruster. Positive and negative roll are defined

in the conventional aircraft sense, i.e., positive roll is "right wing down".

Figure 5.2-6 shows the logic diagram necessary to accomplish the objectives listed

in previous sections.

System operation is as follows. Because of the satellite spin, the fields of view of

the IR sensors are scanned across the disc of the earth, generating a pulse train.

The pulse trains from the two sensors are subtracted and run through a low pass

filter to obtain the average pulse width difference, which is a measure of the local

roll angle. The output of the low pass filter is fed into deadband circuitry. The

deadband circuitry energizes a counter brake if the attitude is outside the deadband.

The counter has an output until the preselected number of pulses has been counted

to get the average attitude well within the deadband. This output is used to ensure

continued pulsing after the deadband circuitry output is zero. The momentary timer

function that energizes the relay connecting the deadband circuitry to the counter

brake is provided to restart the roll nulling logic for the second roll nulling maneuver.

The timer also resets the pulse counter.
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The initial yaw maneuver is performed as long as the timer provides a voltage to

the indicated "and" gate in the upper left of Figure 5.2-6. The "hold" circuit

holds a voltage from the time horizon scanner No. 1 leaves the earth until reset to

zero by the intersection of the earth's horizon by horizon scanner No. 2. The

"neither" circuit generates an output when neither horizon scanner sees the earth,

and when "anded" with the "hold" circuit output it provides the desired pulse sync

for the initial yaw maneuver.

A power amplifier is used to drive the thrust valve from the final "or" gate.

5.2.2.1.2 Radial Configuration. In the radial configuration, a control system is

placed on each individual satellite. For this reason, it was decided to orient its

spin axis normal to the ecliptic, rather than normal to the orbit. For spin axis

erection normal to the orbit plane, the system is similar to the one described

in Paragraph 5.2.2.1. l, except that the thrust levels and required impulse are

different. The timer functions occur at different times because of the different

starting point (apogee).

An automatic system capable of erecting the spin axis normal to the ecliptic is

much more complex. Sun angle information is easily enough obtained, but for

control of the other axis another source must be found. A star could be used,

but difficulty is immediately encountered in automatically processing star scanner

data on the satellite. If the earth is used, then horizon scanners must be used.

Prior knowledge of the orbit parameters would allow selecting two spots in the

orbit where a pure roll angle would be the required information/maneuver. How-

ever, the required angle changes as a result of injection dispersions, as well as

the point in the orbit where the horizon scanner reads out the angle between the

orbit plane and the ecliptic.

As a result of the above difficulties, it was not considered desirable to proceed

with detailed definition of an automatic control system for this configuration.
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5.2.2.2 Ground-Commanded Systems. Ground-commanded systems offer the

distinct advantage of greater flexibility in the event of unforeseen circumstances.

The main disadvantage, of course, is the greater requlrement for a ground station

interface. More command and readout capability is also required.

5.2.2.2.1 Radial Configuration.

Operational Constraints. The operational constraints for the radial configuration

are derived from the requirement to orient the spin-axis normal to the ecliptic

plane, plus the fact that the satellite is to be ground-commanded.

During the lower portion' of the orbit (< 90 degrees true anomaly), the speed of the

satellite is so high that a ground station is not in view long enough to complete a

long maneuver. It was therefore decided to perform attitude maneuvers only when

the satellite is more than ±90 degrees true anomaly.

A sun angle sensor is required to orient the spin-axis normal to the sun. The

other axis of information is supplied by earth sensors. Sun sensors, looking

out from the satelliteat 90 degree angles with respect to each other, can be used

to provide constant pulse widths for the thruster. This is done by using one

sensor to turn the thruster on, the next one to turn itoff;thus, a 90 degree width

is always obtained.

Ifthe spin-axis is not initiallynormal to the sun line, using the sun as a pulse

reference causes the spin-axis to describe a cone when being maneuvered about

the sun line. The half-angle of the cone is the initialangle between the sun and

the spin axis. Therefore, to assure a planar maneuver for the initialerection,

it is necessary to first normalize the spin-axis with respect to the sun. This

maneuver is also desirable as the firststep in orienting the attitudenormal to

the ecliptic, since the spin-axis must always be normal to the sun line ifit is to

be normal to the ecliptic.
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After normalizing the spin-axis to the sun line, it is necessary to rotate about the

sun line for approximately 90 degrees. The exact amount depends on the orientation

of the orbit plane with respect to the ecliptic. If the angle between planes is small,

then 90 degrees would be rotated. If the angle is, say, 20 degrees then only 70

degrees need be rotated.

After the satellite is oriented approximately normal to lhe ecliptic, additional

readings must be taken from the earth sensors to determine whether further

rotation about the sun line is needed.

With the above considerations in mind, the sequence of events given in Table 5.2-3

was derived.

TABLE 5.2-3

RADIAL CONFIGURATION SEQUENCE OF EVENTS

True An__omaly

(Deg.)
180

185

195

240

260

120

150

250

Event Description

Release of 4 satellites from carrier

Normalize spin-axis to sun

Rotate ~90 degrees about sun line

Spin-up

Read out angles from earth sensors

Read out angles from earth sensors

Read out angles from earth sensors

Rotate about sun line if necessary

It should be emphasized that the true anomaly of the above events is not critical.

One of the sensor read-outs should occur as near as possible to the time when the

earth and sun are in quadrature, another when the roll angle is in the same plane

as the maximum angle between the orbit and ecliptic planes.
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Logic Requirements. The logic requirements for this configuration are almost

entirely for pulse synchronizing, since all attitude data are sent to the ground for

processing.

As shown previously, all attitude maneuvers are either toward or away from the

sun, or about the sun line, making use of the sun as pulse synchronizer the logical

choice. There are two ways of using the sun: have a clock count down the required

number of milliseconds from a sun pulse before firing the thruster, or have four

sun sensors in quadrature to turn the thruster on and off.

The disadvantage of the clocked method is its greater complexity. The command

format must be able to handle a quantitative command that contains the number of

milliseconds to delay from the sun pulse. A register for storage of this number

is necessary, as weU as a clock and separate rogister for counting it down.

The alternate method (using the four sun sensors to turn the thruster on and off)

has been chosen because of its greater simplicity in electronics and command for-

mat. Also, it is not necessary to generate spin rate information, as is required

in the clocked configuration.

Sensor Requirements and Selection. Since the satellite is not oriented nor its

attitude controlled until it is released from the carrier, accuracy requirements

are not as severe as for the stacked configuration. The capability for subsequent

attitude adjustments relaxes accuracy requirements to 3 to 4 degrees. This means

that albedo sensors could be used, which are lighter, simpler, and cheaper.

The geometrical arrangement of the albedo sensors should be such that the angle

between the orbit plane and the eclipticcan be measured when the spin axis is

normal to the ecliptic. With an angle of -,,25degrees between planes and a

A = I0 degrees, the earth sensors may not see the earth unless the subtended

angle of the earth is at least 30 degrees. This corresponds to a true anomaly of

i125 degrees. Using a k= 8 degrees would restrict the angle even further to

•I19 degrees true anomaly. A k = l0 degrees will be chosen to give the longer time

for the sensor information to be observed on the ground.
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I n addition to the albedo sensors, a sun angle indicator must be provided for mea-

suring the angle the spin-axis makes with the sun. The Philco-Ford sun angle

indicator can also be used to provide a sun pulse, so that only three other sun

sensors are needed to activate the thrusters.

Figure 5. 2-7 shows a typical sensor layout.

ence of the albedo sensors is not critical.

at any one of the four S/S locations.

The orientation about the circumfer-

The sun angle indicator can be placed

THRUSTER_

ALBEDO

SENSORS

/
THRUSTER

SPIN AXIS

T
IL

/

Figure 5.2-7 Sun Sensor Layout for Radial Configuration

Logic Definition and Description. As mentioned previously, a 90 degree torque

pulse width is obtained independently of spin speed by using one sun sensor to turn

on the thruster, and the next to turn it off. Rotation of the spin axis towards the

sun line requires the thruster to be turned on by sun sensor No. 2 and turned off

by sun sensor No. 3. Rotation of the spin-axis away from the sun line requires

turn-on by sun sensor No. 4 and turn-off by sun sensor No. 1. For rotation

clockwise about the sun line thrusting should be turned on by sun sensor No. 1

and turned off by sun senso:.- No. 2. Counterclockwise rotation about the sun line

requires thrust turn-on by ;!un sensor No. 3 and turn-off by sun sensor No. 4.
i
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Figure 5.2-8 shows the logic necessary to turn on the thruster at the required

times. The system is turned on and off in real time by ground command. A com-

mand is sent to enable the control system after the command is sent indicating

the type of motion desired. Suppose itis desired to move the spin-axis clockwise

about the sun line. The command processor applies a signal to the top two "and"

gates in Figure 5. 2-8. When sun sensor No. 1 sees the sun, it applies a signal to

the other input to the "and" gate, which then sets the flip-flop so that the thruster

is turned on. After 90 degrees of spin, sun sensor No. 2 views the sun, causing

the "and" gate second from the top to generate a signal and reset the flip-flop

through the other "or" circuit.

To provide a backup shutoff of the thruster, the flip-flop circuit can be a mono-

stable circuit, which would normally return to its stable state in a little more than

90 degrees of rotation. The reset signal would then merely return the monostable

to its stable state a little before it would do so automatically. While a failure of a

sun sensor or "and" gate would not be catastrophic, it would consume extra fuel

and the motion would not be quite as desired, as some impulse would be applied

about an orthogonal axis.

An alternate, which requires a quantitative command is a counter, which would then

apply a signal to the "and" gate driving the power amplifier until the appropriate

number of pulses had been fired. The counter command would be sent before com-

manding the desired maneuver and pulsing would occur until the desired number of

pulses had been fired. The previous scheme requires no counter nor quantitative

command, making it the favored scheme. The torque level can be made low enough

so that real-time commanding presents no resolution problem.

5.2.2. 2.2 Stacked Confi_uration

Operational Constraints. The operational constraints for the stacked configuration

are derived from the requirement to orient the spin-axis normal to the orbit plane,

plus the constraint of being ground commanded.
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As with the radial configuration, being ground-commanded implies that attitude

maneuvers must be performed on the high side of +90 degrees true anomaly. At

this time the earth sensors do not scan the earth and cannot supply the required

synchronization pulses for the initial erection maneuver. Therefore, these maneu-

vers are performed with respect to the sun, i.e., towards or away from the sun or

about the sun line.

Subsequent roll nulling maneuvers are made using the earth sensors as a pulse synch-

ronization reference. This eliminates the need for spin rate information, a quanti-

tative command containing the number of milliseconds to wait from the sun pulse, a

register to store the wait, and a second register and clock for counting down to the

firing time each cycle.

The fact that initial erection cannot be accomplished before first apogee presents

an additional constraint. This is the result of the requirement to make two roll

nulling maneuvers separated by 90 degrees true anomaly. Since the first roll nulling

maneuver cannot be made until sometime after 90 degrees true anomaly, the second

one cannot be made until after first apogee (180 degrees true anomaly).

Since the sun can be as far as 26 degrees from the line of apsides, a motion about

the sun line, without first normalizing the spin-axis to the sun, is a cone with a

64 degree half-angle. Therefore, the first maneuver must normalize the spin-axis

with respect to the sun line. After this, the spin-axis is rotated 90 degrees open

loop about the sun line to get it approximately normal to the orbit plane. The roll

angle is then nulled at 225 degrees true anomaly and again at 135 degrees true

anomaly. Since the spin-axis should be normal to the orbit plane by this time, the

control system may be shut off. Table 5. 2-4 shows a representative sequence of

events for the stacked configuration.

Logic Requirements. The logic circuitry (with sensors) must do the following:

provide torque pulse synchronization for maneuvers of the spin-axis towards or

away from the sun; provide torque pulse synchronization for spin-axis precession

clockwise or counterclockwise about the sun line; and provide torque pulse synchro-

nization for positive or negative local roll maneuvers.
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TABLE 5.2-4

SEQUENCE OF EVENT, STACKED CONFIGURATION

True Anomaly Event Description
(Degree)

0 Injection

90 Normalize spin axis to sun line

110 Perform 90 degree maneuver about sun line

132 Start nulling local roll

135 Stop nulling local roll

222 Start nulling local roll

225 Stop nulling local roll

132 Start nulling local roll (if necessary)

135 Stop nulling local roll

176 Eject First pair of satellites

Burn AV motor

178 i Eject second pair of satellites

These requirements can be met by using a clock and counting down from a sun

pulse as before. However, since it is desired to use only tonal type commands

without any quantitative command requirement, sensor arrangements are pre-

ferred for synchronization.

The sensing and command scheme used for the radial configuration provides all the

required logic except the earth roll hulling synchronization. Figure 5. 2-9 shows the

sensor layout required to provide the above logic and sensing functions.

Sensor Requirements and Selection. Because of accuracy requirements for the roll

nulling maneuvers IR horizon scanners are required in place of albedo sensors. Two

scanners, 180 degrees apart, look out from the spin-axis. Since all roll nulling

maneuvers are supposed to take place at +135 degrees true anomaly, the sensor

geometry can be optimized for this altitude (5.7 earth radii from earth center).

At this altitude, the earth subtends an angle of about 20 degrees. The optimum

offset angle, k, is determined by accuracy and dynamic range requirements.
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Figure 5.2-9 Ground Commanded Stacked Configuration Sensor Arrangement
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Small offset angles of 1 or 2 degrees provide less sensitivity to bolometer noise,

but the larger offset angles provide greater dynamic range. For this altitude it

appears that an offset angle of ,--5 degrees would give a good compromise between

accuracy and dynamic range. One sensor will start missing the earth at about a

5 degree roll error, but a synchronizing signal will be available for roll angles as

large as 15 degrees.

In addition to the two IR horizon sensors, a sun angle sensor is needed for the

initial normalizing to the sun. It is also used to generate one of the sun pulses.

Three additional timing sun sensors are required to complete the synchronizing

sensor scheme.

LQgic Dcfinitiqn and Description, The 90 degree torque pulse width is obtained

independently of spin speed by using two successive timing sun sensors to turn the

thruster on and off. Rotation of the spin axis toward the sun requires turn-on of

the thruster by sun sensor No. 2 (Figure 5. 2-8) and turn-off sun sensor No. 3.

Rotation away from the sun requires turn-on by sun-sensor No. 4 and turn-off by

sun sensor No. 1. Clockwise precession of the spin axis about the sun line requires

thruster turn-on by sun sensor No. 1 and turn-off by sun sensor No. 2. Counter-

clockwise precession requires turn-on by sun sensor No. 3 and turn-off by sun

sensor No. 4. A positive local roll maneuver requires thrusting to occur while

horizon scanner No. 2 views the earth. A negative local roll maneuver requires

thrusting while horizon scanner No. 1 is viewing the earth. While doing local roll

maneuvers the pulse width is less than 90 degrees; thus, the resolution of the sys-

tem is better during the final touch-up of spin-axis orientation than during the ini-

tial portions of erection.

Figure 5. 2-10 shows the logic block diagram for the stacked configuration. The

system operates as follows. The command processor decodes tonsil commands and

applies a signal to the appropriate wire until a new command is received to remove

the signal. These signals represent the type of motion desired, and for motions with

respect to the sun the logic works exactly the same as for the radial case. If a

positive roll ,naneuver is desired, then the power amplifier will have an input

whenever horizon scanner No. 2 is scanning across the disc of the earth. The
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thrust level will be chosen so that real-time shut-off by the pulse train presents no

resohtion problems. The alternative, of course, is a pulse counter, with its

attendant requirement for a quantitative command.

COMMAND

pROGi lilOR

CW

ABOUT

IUN

LINE

TOWARD

IUN

L|NI[

AWAY

FROM

SUN

LINE

CCW

ABOUT

SUN

LINE

i

NtGATIVEi

ROLL.

IURN

AV MOTON

POSITIVE

ROLL

Figure 5.2-10 Stacked Configuration Ground Commanded Logic Diagram
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5.2.3 Subsystem Requirements

5.2.3.1 Initial Orientation Accuracy. Because of the difference in initial deploy-

ment schemes, the accuracy requirements for the initial orientation of the radial

and stacked configurations are not the same. The overall accuracy requirement

for attitude orientation is rather coarse, 3 to 5 degrees. Since, in the radial con-

figuration, release of the satellites occurs before initial orientation, the initial

orientation accuracy desired is 3 to 5 degrees. Capability of subsequent attitude

corrections to compensate for drift due to distrubance torques also eases the initial

orientation accuracy requirements.

The initial orientation accuracy requirements for the stacked configuration are a

little more stringent. At the time of ejection of the final pair of satellites, a spin

axis orientation within 2 to 3 degrees of the orbit normal is desirable to keep the

AV imparted along the orbital velocity vector at a low value. A 5-degree error at

the time of ejection leads to marginal satellite positions at the end of one year. The

higher drift rates due to distrubance torques also make it desirable to have the error

small at ejection. The lack of correction after first ejection and orbit adjustment

means that errors induced by these events still exist at second ejection. Therefore,

it appears that the initial orientation should be made to at least 1 to 2 degrees to

the orbit normal. A more complete error analysis appears in Paragraph 5.2.4.

This accuracy requirement is valid for both the automatic and groLmd-commanded

versions of the stacked configuration.

5.2.3.2 Ground Station Requirements. The ground station requirements for the

radial configuration will be treated first. To command the release of the satellites

from the carrier, a ground station should be available when the total payload is at

apogee. This occurs between 21 and 28.5 hours from injection, depending on in-

jection parameters. After satellite release, each satellite may require from 15 to

20 minutes of real-time commanded attitude maneuvers. This accomplishes the

initial erection, after which attitude data need be taken at only one or two points in

the orbit. Subsequent real-time commanding of attitude maneuvers takes less than
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5 minutes for final orientation, with possibly 5 minutes additional every three

months until the fuel is exhausted. The timing of these subsequent maneuvers is

not critical, although there may be a 1 or 2-hour tolerance as to when attitude

measurements should be made.

For the stacked configuration, two sets of ground station requirements must be

enumerated. For the self-contained system, the only ground station requirements

are derived from the ejection sequence. At 176 degrees true anomaly (_-0.25 de-

grees), a command must be sent to eject one pair of satellites and initiate the AV

maneuver. The AV maneuver may take as long as 15 minutes, at which time it is

terminated by a real-time command. At 178 degrees (*2 degrees) true anomaly,

the second pair is ejected by real-time command. This sequence yields an array

that is planar for all practical purposes. When a non-planar array is desired, the

sequence of events is slightly different, as indicated in the section on mission

analysis. First ejection occurs by real-time command at 170 degrees true anomaly;

second ejection occur at 190 degrees true anomaly. The in-plane AV is performed

individually by the satellites, so that each needs a command for the out-of-plane

and in-plane maneuvers.

For the ground-commanded stacked configuration, a ground station is required at

+135 degrees true anomaly (_10 degrees) for two roll nulling maneuvers of less

than 10 minutes each. In addition, the initial maneuvering requires one-half hour

of real-time commanding between a true anomaly of 90 and 125 degrees. There

are also the ejection requirements mentioned previously for the self-contained

system. Figure 5.2-11 summarizes ground station coverage requirements.

5.2.3.3 Command and Telemetry Requirements. The command and telemetry

requirements are summarized in Table 5.2-5. For the sake of simplicity in the

command system, no quantitative commands have been used. To do this, it has

been necessary to require the capability of turning off a command in real-time at

the end of a predetermIned number of revolutions. Also, counter read-out is

necessary to know how many pulses were applied during a particular maneuver.
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In the stacked configuration, a pressure transducer must be read out to know how

many pulses a maneuver should require. In the ground-commanded system, sun

angle and roll angle information must be telemetered to the ground. Ejection and

orbit adjust commands must be provided, in addition to maneuver commands re-

quired by the ground-commanded system.

In the radial configuration, sun angle and roll angle information must be telemetered,

along with spin rate information to provide spin-up requirement information. The

command requirements include the four maneuver requirements, spin-up, and

(since an ammonia system is used) a command to turn a fuel heater on and off.

5.2.3.4 Nutation Damper Requirements.

Stacked Configuration. The requirement for nutation dampers is derived from a

consideration of the events that must take place and how a nutation of the spin axis

would affect these events. For the ejection maneuvers, little or no nutation is de-

sired, so that the orientation at separation can be more precisely controlled. Zero

nutation also minimizes the possibility of the booms colliding with the carrier and

two remaining satellites after ejection of the first pair.

The carrier with four satellites is expected to separate from the last stage of the

booster with as much as a 2-degree nutation angle. During the first roll nulling

maneuver, the wide pulse width and high torque level may leave as much as 8 to

10 degrees of nutation, in addition to that due to injection, depending on where in

the pulse train the torquing is stopped. With such high nutation angles occurring

before ejection, a nutation damper is needed on the stacked configuration.

One of the simplest, lightest nutation dampers (and one that has undergone extensive

analysis and testing at Philco-Ford) is the ball-in-tube damper (Figure 5.2-12).

This damper, consisting of a tungsten carbide ball, nitrogen gas, and an aluminum

tube weighing a total of approximately 0.2 to 0.4 pound, can provide a nutation

damping time constant on the order of a few minutes. The damping is provided by

the viscosity of the nitrogen gas at one atmosphere contained within the tube.
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ON CARRIER

NDIVIDUAL SATELLITES

t

Figure 5.2-12 Nutation Damper Location and Geometry

This damper was developed for an NRL satellite 2 and could be used for the present

application without major redesign. Only the tube length and radius of curvature

would be varied.

The equations of motion of the stacked configuration were written for a nutation

damper on-board, and an expression for the damping time constant was derived.

Since nutation induced at ejection of individual satellites is negligible, a nutation

damper on each satellite is not necessary. The fact that the inertia ratio is so

close to unity makes it difficult to get small time constants, and the size of the

2"Nutation Dampers for the NRL Solar Radiation Satellite - Final Report," by
R. R. Aue]mann, Philco-Ford, Aeronutronic Division, Pub. No. U-3022,
20 February 1965.
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satellite adds to the problem. It was found during the course of a parametric

study of the problem, that by lengthening the NRL damper by 7 inches, a 2-hour

time constant could be obtained for the payload before ejection of the first pair,

and a 5.7-minute time constant between the two ejections. A time constant of one-

half hour could be obtained by increasing the tube radius of curvature to 12 feet,

but the penalty paid is a residual nutation during the time between ejections of

0.59 degree, which was felt to be prohibitive. Table 5.2-6 shows the damper

parameters that give the 2-hour time constant with a 0.2 degree residual nutation.

Radial Configuration. On the radial configuration, the initial nutation from the last

booster stage is the same as for the stacked configuration (2 degrees). This nuta-

tion should be removed before satellite separation at apogee. In addition, since

each satellite has its own control system, it is desirable to place a nutation damper

on each satellite to damp out the induced nutation angle in a reasonable time. The

nutation induced by action of the attitude control system is small, and structural

TABLE 5.2-6

DAMPER DESIGN PARAMETERS FOR STACKED CONFIGURATION

Parameter Carrier Assembly
and Four Satellites

Tube radius of curvature, Po

Distance from spin-axis, A P

Tube length,

Tube inside diameter, dt

Ball diameter, db 0.

Ball weight 0.

Tube weight 0.

Friction coefficient, b 0.

Maximum nutation, _max 5.

Residual nutation, _res. 0.

Tube alignment error,6_error 1.

Damping time constant, r

Nitrogen gas at one atmosphere

6.0 ft.

1.75 ft.

15.1 in.

0.694 in.

2 hrs (4
5.7 min

687 in.

0925 lb

158 lb

00891 lb/ft./sec

0 deg

2 deg

0 deg

satellites)
(2 satellites)
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damping would remove it if given enough time. However, the amount of structural

damping available is rather unpredictable, so a damper has been included on each

satellite to ensure an adequate time constant.

The dampers on the individual satellites are mounted on the satellite booms to

increase their effectiveness. Prior to satellite release from the carrier, the

booms are stowed in such a way that they do not provide damping, making it neces-

sary to add a fifth nutatio_ damper (one each for the satellites and one for the

carrier).

The same criteria were used in the selection of nutation damper parameters as

for the stacked configuration, i.e., minimal change to the NRL camper. Table

5.2-7 shows damper parameters that meet the requirements. The damper on the

carrier assembly is the same as the NRL damper, except that it is 8.9 inches

longer. The dampers on the individual satellites are also identical to the NRL

damper, except that they are 2.25 inches longer.

5.2.3.5 Impulse Requirements

Radial Configuration. The impulse requirements are based on the sequence of

events given in Table 5.2-3. The magnitude of the maneuvers depends on the angle

between the orbit plane and the ecliptic, and also on the angle between the sun

line and the line of apsides. The first maneuver is to normalize the spin axis to

the sun line; thus, if the sun line is along the line of apsides, no maneuver is

required. The worst case occurs when the sun is at its maximum angle of _26

degrees from the line of apsides. This position requires a 26-degree maneuver.

After normalizing with respect to the sun, the satellite must be rolled about the

sun line to bring the spin axis normal to the ecliptic. If the angle between the

orbit plane and the ecliptic is 20 degrees, then it would only be necessary to roll

70 degrees about the sun line to get the spin axis normal to the ecliptic. The

worst case would occur if the orbit plane were in the ecliptic plane, which would

require a 90 degree roll about the sun line. With a subsequent roll correction of

4 degrees, the total maneuver requirement before spin up is 120 degrees maximum.
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For a large number of pulses, the average angle precessed by the spin axis per

pulse is given by:

0 - 2T sin _/2 radian/pulse
2

P

where:

T = torque (ft-lb)

Is -- spin moment of inertia (slug-ft 2)

_s = spin rate (radians/second)

= firing angle of control thruster (7r/2 radtans)

The impulse per pulse is the torque times time, which, for a 90-degree pulse width,

is:

TTr
T-t-

2_
S

and the total angular impulse required can be expressed by:

0T 0TOF Is_ s

AH = 0p x (impulse/pulse) 322 x57. sin 0F/2

ft-lb-sec.

where

0T -- total angle precessed during maneuver (deg)

OF = w/2 = firing angle of thruster.
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For the first part of the maneuvers, _T = 120 degrees and ll)s

(before spin-up). The total angular impulse is then:

= 2.095 rad/sec

AH = 24 ft-lb-seconds

After spin-up, it is assumed that ~ 16 degrees of attitude maneuver is required,

giving, by the same process, w s = 7.33 rad/sec

AH = I0.5 ft-lb-seconds.

Putting the thruster on a 6-foot moment arm makes the above angular impulse

requirements of 34.5 ft-lb-seconds a linear impulse requirement of 5.75 lb-

seconds for attitude maneuvers.

The spin speed during the initialmaneuvering is about 20 rpm. The spin-up

maneuver increases the speed to about 60 rpm. With the thruster on a 6-foot

moment arm, the impulse required for this is:

AH
I_0

6
- 3.51b-seconds

In addition to the above requirements, two of the satellitesrequire a AV along

the velocity vector of about 3 ft./second. This gives an additional linear impulse

requirement of 7 Ib-seconds, for a non-planar array.

With a 15 per cent margin, the total required impulse capability is about 18.7 lb-

seconds.

Stacked Configuration. The impulse requirements for the stacked configuration

must be calculated separately for the self-contained and ground-commanded

systems. The impulse requirements are based on the maneuvers listed in Tables

5.2-2 and 5.2-4, and the logic schemes chosen in Paragraph 5.2.2. The self-

contained system will be treated first.
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The exact amount of impulse required for the initial yaw maneuver is difficult to

determine analytically for the logic used. First of all, the pulse width varies as

the angle subtended by the earth changes. The initial pulse width is _ 30 degrees

wide; the final pulse width is -._ 55 degrees wide. The pulse efficiency is therefore

changing. Furthermore, the combined effects of the rapidly changing true anomaly

and the spin axis motion cause the spin axis precession to be in a cone rather than

in a plane. A more detailed investigation of the motion shows that the cone does

not pass through the orbit normal. Depending on the logic used, the minimum

angle between the precession cone and the orbit normal varies from 15 to 30

degrees. One case investigated used a constant impulse per pulse, which is

similar to this case, since the pulse width is increasing at the same time that the

thrust level is decreasing because of the drop in fuel tank pressure. The spin

axis came r:o closer than 30 degrees to the orbit normal, which occurred after

precessing the spin axis 75 degrees. The 30 degrees was then removed as a roll

error. The angular impulse required for a maneuver, # T' with a firing angle,

F' and spin rate, ws, is given by:

0 T 0 FIsOJs 0T0 F

AH = 32 = . 040 F/2
2 x 57. sin 0F/2 sin 0

For this case, Is = 35.8 slug-ft2; ¢os = 7.33 rad/sec, maximum. The initial

maneuver is 75 degrees at a maximum pulse width of 0 F = 50 degrees, giving an

angular impulse of:

AH 1 = 356 ft-lb-seconds

The subsequent nulling of the 30-degree roll error is done with an average pulse

width of -_ 115 degrees = 0 F' giving an additional angular impulse of:

AH 2 = 164 ft-lb-seconds.

It is further assumed that an additional 15 degrees of roll nulling is required at

135 degrees true anomaly, where 0 " 15 degrees, giving the third angular impulse

requirement of:
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AH 3 = 69 ft-lb-seconds

Since the thruster is on a moment arm of ~ 2 feet, the total linear impulse require-

ment for attitude maneuvers is ~295 lb-seconds.

The AV required for the orbit adjust maneuver is given as 30 feet per second. At

the time of the maneuver, two satellites have been ejected, leaving a total mass of

around 5.5 slugs. This gives a linear impulse requirement of 165 lb-seconds. As

a result of the satellite spin, the thruster is not always directed in the direction of

the desired AV. The geometric efficiency of the thruster follows the relationship:

sin 0 F/2

_7G 0 F/2

The firing angle chosen is < 90 degrees. (See Paragraph 5.2.3.6. ) Therefore,

the geometric efficiency becomes:

G -> 90 percent

Thus, to obtain 165 lb-seconds of impulse along the desired direction, it is neces-

sary to use 184 lb-seconds. Allowing a 10 percent margin on total required im-

pulse gives a total for the self-contained stacked configuration of:

IT = 527 lb-seconds

For the sequence of events leading to the three dimensional array, each of the

satellites contains the equipment for the AV maneuvers. Each satellite is re-

quired to perform an in-plane maneuver of 16.4 ft/second, which requires an im-

pulse of 39 lb-seconds on each satellite at a geometric efficiency of 90 percent.

For this case, the total impulse required on the carrier is:

ITC = 325 lb-seeonds
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and the total impulse required on the satellites for the in-plane maneuvers is

ITS = 156 lb-seconds (all 4 satellites)

For the ground-commanded system, the use of the sun as a pulse synchronizer

fixes the pulse width at 90 degrees, making the calculation of the required impulse

easier. From Table 5.2-4 the first malmuver is seen to be normalizing with re-

spect to the sun, which requires at a maximum a 26 degree maneuver. There is a

subsequent 90 degree maneuver to arrive at approximately normal to the orbit plane.

Ifthe sun is above or below the orbit plane by 24 degrees, this angle must also be

maneuvered through. The totalmaneuver with a 90 degree width is a maximum of

140 degrees. The angular impulse required is then:

AH 1 = 713 _-lb-seconds

Further allowance must be made for subsequent roll nulling at • 135 degrees true

anomaly. Allowing for a 15-degree maneuver at a pulse width of OF = 15 degrees

gives an additional impulse requirement of:

AH 2 = 69 _-Ib-seconds

With the thruster on a 2-foot moment arm, the linear impulse required is:

11 = 391 lb-seconds

The AV impulse requirements are identical to the self-contained case. Again

allowing a 10 percent margin, the total impulse requirement for the ground-

commanded system is:

IT = 632 lb-seconds (for Planar array)

ITC = 430 lb-seconds (carrier) t for non-planar array

ITS 156 lb-seconds (four satellites))
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5.2.3.6 Separation Requirements and Analysis. The difference in the separation

sequences for the radial and stacked configurations leads to different logic re-

quirements. In the radial configuration, satellite release is planned as a single

event, performed at apogee. The spin is used to provide each satellite with a AV

that is perpendicular to the orbit velocity vector. To avoid imparting velocity

along the flight path direction, the spin axis should be as close as possible to the

flight path. The flight path angle dispersion at injection is 1.08 degrees (30) in

pitch and yaw, so that the total angle between the spin axis and velocity vector has

a dispersion of 1.52 degrees.

For the stacked configuration, the first pair of satellites should be ejected normal

to the orbit plane at a true anomaly of ~ 176 degrees • 2 degrees. After the first

pair of satellites are ejected, a AV must be applied to the remaining pair in the

plane of the orbit and orthogonal to the orbital velocity vector. Finally, the re-

maining two satellites are ejected normal to the orbit plane at 178 degrees • 2 de-

grees true anomaly. For the non-planar array, the first pair is ejected out-of-

plane at 170 degrees true anomaly and then given a relative velocity in-plane, but

normal to the flight path. The second pair is ejected out-of-plane at 190 degrees

true anomaly and also given a relative velocity in-plane. The two ejections are

ground-commanded to obtain the desired accuracy on the true anomaly.

To avoid reorienting the two satellites plus carrier for the AV between ejections,

a radial thruster is operated in a pulsed mode. The pulses must be synchronized

with the spin rate to ensure orthogonality between the imparted _V and the orbital

velocity vector. Either the earth or the sun may be used as a pulse synchronizer.

Use of the sun adds a slight amount of complexity to the system as a result of the

changing earth-sun geometry. As the launch time varies, the angle between the sun

line and the line of apsides varies. Thus, at 176 degrees true anomaly, a line

perpendicular to the orbital velocity vector makes a varying angle with respect to

the sun line, depending upon the time of day of launch. If the sun is used for syn-

chronization, this changing angle represents a changing phase between a sun pulse

and the desired position of the AV thrust pulse. To be able to change the phase

between a sun pulse and a torque pulse requires a quantitative command format to

read-in a delay in milliseconds, a register to store the delay, and another register
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that is counted down :by a clock and reloade:[ every spin cycle from the first

register. If the true _xnomaly of the AV is Unimportant, or if the position of the

sun with respect to the line of apsides varie's less than + 26 degrees, then it is

possible to use the sun as synchronizer without this added complexity.

Using the earth as a pulse synchronizer makes the geometry independent of

launch time. For any launch time, the flight path angle at 176 degrees true

anomaly does not vary; hence, the orientation of the required AV vector with

respect to the earth is also constant. The injection parameters have a dispers-

ion that has some effect on the geometry at 176 degrees true anomaly. These

effects can be compensated by performing the AV maneuver at a true anomaly

slightly different than 176 degrees. For the expected injection dispersions, the

variations in true anomaly at a given flight path angle are typically 2/3 degrees.

For a typical trajectolT, the flight path angle is -_ 34 degrees at 176 degrees true

anomaly, and the angle changes at roughly 8 degrees per hour. To keep the _V

within 2 degrees of the normal to the velocity vector, the maneuver must be ac-

complished within a relatively short time. A maneuver completion time of 15

minutes assures orthogonality to within 2 degrees; however, if thrust level and duty

cycle cannot be arranged to give this short a time for completion, then the maneu-

ver may be started prior to the ideal time and completed after the ideal time. In

this way, the in-track AV tends to partially cancel, giving a net AV that is within

2 degrees of being orthogonal to the orbital velocity vector.

Looking down at the orbit plane at 176 degrees true anomaly, we can see the geo-

metric relationsihp between the earth center and the required AV orientation.

Figure 5.2-13 shows the essential geometric relations. At 176 degrees true

anomaly, the earth nominally subtends an angle of ~ 5.8 degrees. Utilizing a

horizon scanner with a 1 degree x 1 degree field of view gives only a pulse width

of _ 6.8 degrees, which is too short to accomplish the AV maneuver in the time

desired. Therefore, a horizon sensor with a fan-shaped field of view could be

used. The large dimension is chosen to provide a wide enough pulse to accomplish

the required AV at the expected thrust levels in the small time allotted. From the

propulsion system section, the thrust at this time is such as to require a pulse

width oft 3(; degrees to complete the maneuver in 15 minutes. This corresponds

to a sensor field-of-view of 1.0 degrees x 30 degrees.
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Figure 5.2-13 Geometric Relations

For the three-dimensional array, the angles in Figure 5.2-13 must be changed to

correspond to those existing at 170 degrees for the first pair, and those existing

at 190 degrees for the second pair. A sun sensor gives suitable sync pulses for

this case.

5.2.3.7 Power and WeiGht Summaries. Tables 5.2-8 through 5.2-10 contain the

power and weight summaries for the three control system options.
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POWER AND WEIGHT SUMMARY FOR RADIAL CONFIGURATION

Component

Nutation Damper

Torquer System
(with fuel)*

Electronics

Albedo Sensors

Sun Angle Sensor
(+ electronics)

Timing Sun Sensor_,

Total

Per Satellite

Qty.

12

Weight
(lb.)

1.2

5.32

1.0

0.161

3.60

0.241

11.522

2.88

Power

(Watts)

2
15

0.30

0.25

17.55

16

Remarks

Solenoid power,
25% duty cycle dur-
ing maneuvers.

Heater power, 26
VDC during man-
euvers.

26 vdc

Max

Average during
maneuvers

*To obtain a non-planar array, two of the satellites require an additional 0.1 lb
of fuel
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TABLE 5.2-9

POWER AND WEIGHT SUMMARY FOR STACKED CONFIGURATION

SE LF-C ONTAINE D

Component

Nutation Damper

Torquer System
(with fuel)

IR Horizon Sensors

Timer

Electronics

Totals

Qty.

3

Weight

(Ibs.)

O. 30

7.93

2.25

1.00

0.35

11.83*

Power

(watts)

2.0

.78

1.5

.6

4.88

3.38

Remarks

26 vdc required only
during maneuvers at
< 25% duty cycle.

1 head may be turned
off until start of

ejection sequence

4 vdc

Peak

Average during
maneuvers

*Two pounds must be added to each satellite to obtain a non-planar array. Torquer
system weight would then be 1 pound less than shown.
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TABLE 5.2-10

POWER AND WEIGHT SUMMARY FOR STACKED CONFIGURATION

GROUND COMMANDED

Component

Nutation Damper

Torquer & AV
System

(with fuel)

IRHorizon Sensors

Electronics

Timing Sun Sensor

Digital Sun Angle
Sensor

Totals

Qty.

3

Weight
(lbs.)

0.3

7.93

2.25

0.25

0.0603

0.90

11.69"

Power

(Watts)

2.0

0.5

0.3

0.25

3.05

1.55

Remarks

26 vdc 25% duty cycle
during maneuvers

1 head may be turned
off until ejection
sequence

4 vdc

26 vdc

Peak

Average during
maneuvers

*Two pounds must be added to each satellite to obtain a non-planar array. Torquer
system weight would then be 1 pound less than shown.
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5.2.4

i

Error Budgets

SRS-TRI46

5.2.4.1 Radial Configuration. The sources of error in the radial configuration

are sensor errors, control system resolution, thruster misalignment, principal axis

shift, and long term drift. Only the accuracy of the initial orientation is con-

sidered here, the long term driftn having been tr_ted in Paragraph 5.2, 1.

Sensor errors can be broken down into two components: the error about the sun

line, and the error towards the sun line• The angle towards or away from the sun

line is measured by a sun angle sensor. The angle about the sun line is measured

with the albedo sensors. The digital sun angle sensor has an accuracy of

• 0. 575 degree• The albedo sensor has an accuracy of better than 2 degrees,

including noise, albedo variation, and cloud effects. The rss sensor uncertainty

is then 2.06 degrees.
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Control system resolution is another potential source of error. Figure 5.2-14

shows the average angle preeessed per torque pulse as a function of torque

magnitude. In Paragraph 5.2.5, a torque level of 0.06 ft-lb is chosen, giving a

resolution of 0.04 degree per pulse (at 50 rpm). This represents an error

similar to a digital encoding error, and half of it should be added vectorially

with the other errors.

Thruster misalignment also contributes an error by applying part of the desired

inpulse about the wrong axis. For misalignments of 1 to 2 degrees, the

impulse applied about the wrong axis is from two to four per cent of the total

impulse expended. For small maneuvers of l or 2 pulses, the effects are

negligible, but for the longer maneuvers during initial erection of 20 to 30 degrees,

the effect is enough to require correction about the other axis. Therefore, with

subsequent corrections possible (as is the case with the radial configuration), this

effect can be regarded as an inefficiency in fuel usage.

The placing of the control system fuel on the boom and subsequent depletion of

that fuel causes the principal axes of the satellite to Bhift. The shift is on the

order of 1 to 1.5 degrees. Since most of the fuel is used in the first two or three

orbits, the sensors may be aligned to the principal axes after fuel depletion.

The flat cone scanned by the sensors before fuel depletion has a negligible effect

on system operation.

7"0 summarize, the major error source is sensor inaccuracy. The total rss

error from this source is expected to be ,_ 2.1 degrees.

5.2.4. '2 Stacked Configuration, Ground-Commanded. For the stacked con-

figuration, each of the two pairs of satellites has slightly different errors induced

by the various ejection events.

The initial spin axis alignment is accomplished by use of a horizon sensing system

that nulls the roll error at _135 degrees true anomaly. If an IR earth sensor is

used, the expected error due to sensor inaccuracy is _ 0.5 degree, including
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sensor misalignrnent and detector noise. To the sensor inaccuracy must be

added half of the torque pulse resolution. The torque level at this time is about

6.4 ft-lbs, and the duty cycle about 4 per cent, giving a resolution of 0.1 degree.

Taking the rrs total of the errors in both of the two orthogonal axes gives a

totalinitialmisalignment error of 0.71 degree.

The ejection sequence consists of a spring ejection of the first pair, with a

solid rocket motor ignited in each satellite after ejection to provide each with a

15 ft/sec velocity with respect to the carrier and remaining pair. The carrier

and remaining pair are then given a velocity of 30 R/sec in the orbit plane,

but normal to the orbital velocity vector. The second pair is then ejected with

springs, and a solid rocket motor gives each an additional 15 ft/sec normal to

the reference orbit.

The following assumptions are made in computing the disturbance to attitude

caused by the spring ejection and solid motor burn:

a. The direction of thrust of the spring is known to one-half degree.

b. The spring force is applied 3 inches from the satellite center-of-

gravity.

c. The satellite c.g. location has a 3_ dispersion of 0.01 inch.

d. The satellite is spinning at 60 rpm at kick-off.

e. The solid motor provides 14 ft/sec and the spring, 1 R-second.

f. The motor thrust can be aligned to within one-half degree.

g. The motor thrust is applied at 3 inches from the satellite c. g.

Based on the above assumptions, the rss error of the firstpair of satellites

due to ejection is only 0.1 degree. The error reflected back to the carrier with

the two remaining satellitesis ~ 0.04 degree.

The AV burn between ejections causes an attitude offset to the last pair only.

It was assumed that the thruster was located 2 feet from the c.g. and aligned to
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one-half degree, as before. The c.g. was assumed to be known to within 0.01

inch and the valve was assumed positioned to within 0.05 inch. These assump-

tions, coupled with the precession angle formulas given in Paragraph 5.2.3, give

the total angular offset (rss) of ~ 2.9 degrees induced by the AV maneuver on

the last two satellites.

If a three dimensional array is required, then the preceding numbers must be

modified. Each satellite would have a AV maneuver half that performed for

the other case. However, since the moments of inertia are also half of those

before, the effect on the attitude of each satellite is the same as it was on the

combination.

5.2.4.3 Stacked Configuration, Automatic. The error analysis for the ejection

sequence is identical with the previous case. The different logic used during

the initial erection sequence causes a slight change in that part of the error

budget because of the presence of the deadband, counter, etc. Since the horizon

sensor system must be used over a wide range of altitudes, the geometric gain

varies significantly. To keep the system reasonably accurate, the system gain

must be switched by a timer function so that the correct gain is being used at

each roll nulling altitude. By changing the gain between the roll hulling

maneuvers, the indicated roll angle available to the roll logic is accurate to

--_ 0.5 degree, as before (including sensor noise and alignment errors).

The presence of the ripple remaining on the imperfectly filtered sensor signals

can probably be made less than 0.2 degree. To this number must be added the

torque pulse resolution, which is different for the two roll hulling maneuvers

because of the different pulse widths and thrust levels. At the low altitude roll

hulling, where the pulse is wide ( ~ 110 degrees) and thrust level high, the re-

solution is 0.76 degree per pulse. At the higher altitude, where the pulse width

is about 15 degrees, the resolution drops to 0, 12 degree per pulse. The initial

orientation error is made up of two parts, with a 1-degree error for the

orientation about the first axis and a 0.3-degree error for the second axis. The

vectorial sum of these gives a total initial orientation error of 1.05 degrees.

Table 5.2-11 summarizes the error budgets for the two stacked configurations.
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TABLE 5.2-11

ERROR BUDGETS (DEG) FOR STACKED CONFIGURATIONS

Error Source

Initial Orientation

st
Ejection of 1 Pair

Burn AV

Ejection of 2nd Pair

Self-Contained

Ist 2nd
Pair Pair

1.05 1.05

0.1 0.04

-- 2.9

-- 0.1

Ground-Command

ist

Pair

0.71

0.10

2nd
Pair

0.71

0.04

2.9

0.1

rss Totals

Worst Case Totals

1.05

1.15

3.08

4.09

0.716

0.81

3.0

3.75
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5.2.5 Reaction Control System Selection

5.2.5.1 Radial Configuration. The impulse requirement of the radial configura-

tion is 10.6 Ib-seconds (20 Ib-seconds for the three-dimensional array). Since

there is no need to execute the required maneuvers rapidly, a low thrust system

is acceptable. The low impulse requirement means that fuel weight will be small

regardless of the propellant used. Since thrust level is not critical,the use of an

ammonia vapor system becomes practical. The weights of an ammonia vapor

system and a nitrogen system are compared in Table 5.2-12. Because of its

reduced tankage weight, the ammonia vapor system has a distinctweight advantage

over either of the nitrogen systems. For this reason, an ammonia vapor system

has been chosen for the radial configuration.

One of the disadvantages of an ammonia vapor reaction control system is that, to

maintain a steady thrust, a heater must be provided to vaporize additional liquid

ammonia as the vapor is drawn offfor maneuvers. The power required by the

heater depends on the fuel flow rate and the latentheat of vaporization of the fuel.

The fuel f}ow rate is a function of the thrust level and the specific impulse:

"_V= Thrust
Specific Impulse

The specific impulse (Isp) is assumed to be 90 lb-sec/lb. The thrust is not

specified, but would depend on the desired resolution of the control system.

Figure 5.2-13 shows the control system resolution as a function of torque level

for the spin rates expected. For a resolution of 0.2 degree per pulse at a spin

rate of 20 rpm, the required torque is 0.06 R-lb., which, on a 6-foot moment

arm, gives a thrust level of 0.01 pound. The flow rate would be 0. 00011 lb/sec.

for a continuous thrust of 0.01 lb and 0. 00003 lb/second average at a 25 percent

duty cycle. At a latent heat of vaporization of 508 BTU/lb., the thermal power

input requirement is:

P =Vf}. 508 " 1.5x 10 -2 BTU/sec

P = 16 watts
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TABLE 5.2-12

REACTION CONTROL SYSTEM WEIGHT COMPARISON (LBS)

Component NH 3 N 2 N 2 (Capillary)

Fuel

Fuel Tank

Regulator

Valve & Nozzle

Fill Fitting

Lines & Fittings

0.12 0.24

0.10 0.50

-- 0.80

0.35 0.40

0.20 0.20

0.20 0.30

0.24

0.50

mm

0.40

0.20

0.30

Pressure Transducer

Heater

Totals

0.16

0.20

1.33

0.16

2.60

0.16

1.80

This thermal power is required for constant thrust operation and is composed of

thermal energy from the sun and the thermal energy from the heater.

5. 2. 5. 2 Stacked Configuration. The impulse requirements for the automatic and

ground-commanded systems are nearly the same. Therefore, only one system

selection and design is necessary for tank size, fittings, etc. A smaller axial

thruster could be utilized for attitude control on the ground-commanded scheme,

since time constraints on the initial erection are not as severe as in the automatic

case. For sizing the tanks and selecting the fuel, the impulse requirement is taken

as 630 lb-seconds. For an impulse requirement of this magnitude, the weight of

fuel and tankage for a nitrogen system is prohibitive. A mono-propellant, such as

hydrogen peroxide or hydrazine, is more suitable because of its higher specific im

pulse and lower storage pressure, making the tanks lighter.

For hydrogen peroxide, the I is 110 to 120 seconds, and for hydrazine the I is
sp sp

190 to 210 seconds. Thus, a significant savings in fuel weight can be achieved with

hydrazine. Since the systems are essentially identical in other respects, the

hydrazine system has been chosen for further definition.
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The thrust of a hydrazine system is a function of the pressure in the supply tank.

As the fuel is consumed, the volume occupied by the pressurizing gas increases.

Without a separate gas supply and pressure regulator for the pressurizing gas, the

tank pressure decreases as the volume increases, allowing the fuel flow rate to

decrease. This causes the thrust level to decrease as the fuel is used up. In sizing

the fuel tanks, it is necessary to take this into account so that the required impulse

can be delivered in the required time. The most critical maneuvers are the initial

yaw maneuver for the automatic scheme, and the AV burn.

The initial yaw maneuver requires an impulse of 178 lb-seconds to be delivered in

_44 seconds of firing time. The impulse is:

65
I = r Ftdt lb-seconds

O

whe re:

I = delivered impulse

F = thrust of valve (lb)

or alternatively:

t

I = Isp
0

where:

I = specific impulse
sp

M F = fuel flow rate (lb/second)

For a hydrazine system that has been built and tested, the relationship between

fuel flow rate and tank and combustion chamber pressure was shown to be:

1
1.8

M : kiPT. - PC )

5-104

[P,-,,L=olm
_HfLCO-FORO CO"PORATION

Spaoe _ Rg_ntry
By|tern| nlvlsion



SRS- TR146

where:

k = constant of proportionality

PT = fuel tank pressure

PC = combustion chamber pressure

Assuming that the pressurizing gae obeys the ideal gas law, that the combuation

chamber pressure is a constant percentage of the tank pressure, and that the

thrust is proportional to the fuel flow rate, it can be shown that.

tF

7.25[ (V. + .138 I)1'555- V.1,555]
I 1

555 555
Isp k(l-K)" (PTiVi)"

where:

V°

1

PTi

tF

k(l-K)"

= initialvolume of pressurizing gas

= initialpressure of pressurizing gas

= total firingtime to expend impulse I

555
= constants of proportionality

The constant of proportionality is evaluated by letting the thrust be 2.5 pounds at

a tank pressure of 200 lbs/in 2, giving:

555 M -3

k(1-K)" = PT)555 = 0.66 x 10

If the initial volume of pressurizing gas is 100 in 3 and an impulse of 260 lb-seconds

must be delivered in t F = 104 seconds, then the initial tank pressure is.

PTi = 500 lbs/in 2
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If the nominal thrust at 200 psi is increased to 5. 0 lbs, the initial pressure can be

reduced to _150 psi.

The other critical maneuver is the AV of 30 ft/second at 176 degrees true anomaly.

The impulse required is 184 lb-seconds. For the ground-commanded system, the

impulse used in maneuvers up to the AV maneuver is _390 lb-seconds, or about

2 lb of fuel (_58 in_. The initial pressure for the maneuver is 316 psi, and the

volume of pressurizing gas is 158 in 3. Using the previously developed formula,

the total firing time, tF, required to deliver this impulse is:

t F 95 seconds

The firing time for the automatic system is slightly less since less impulse is used

prior to the maneuver. This gives a higher fuel pressure and thrust. A firing

time of 95 seconds over a 15-minute period represents about a 10 percent duty cycle.

To fire the thruster in the correct direction at a 10 percent duty cycle requires a

horizon sensor with a 1 degree x 30 degree field of view. The center of the field

of view would be about 146 degrees from the thrust axis, as shown in Figure 5. 2-12.

To summarize, hydrazine appears the most feasible fue! for the stacked configura-

tion. A blowdown pressurizing system can be used if the volume of pressurizing

gas is initially 100 in 3, pressurized at 500 psi. Table 5.2-13 gives a weight break-

down of the hydrazine reaction control system.
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TABLE 5.2-13

HYDRAZINE REACTION CONTROL SYSTEM

WEIGHT BUDGET

Item Weight (Ibs)

Tankage

Relief Valve

Relief Valve Vent Tube

Pressure Transducer

N2H 4 Fill and Drain

N 2 Fill and Vent

Radial and Axial Motor

Manifolding and Tees and Lines

Bracketry

System Pressurant Weight

Propellant Charge Weight

1. 200

0. 194

0. 010

0. 229

0. 097

0. 100

1.30n

0. 900

0. 250

0. 150

3. 500

TOTAL 7. 930
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5.3 ELECTRIC POWER CONCEPTS

This discussion considers the electric power requirements and associated design

concepts for the two basic payload arrangements: the radial and stacked con-

figurations. The carrier modules and the satellite power subsystem are covered

for each configuration. The magnetic fields due to paddle wheel and cylindrical

solar arrays are also discussed.

5.3.1 Configurations and Sequences

Figures 5.3-1 and 5.3- 2 give the significant details of the electrical system for

each configuration. Figure 5.3-1 shows the electrical system for the stacked

configuration. The carrier module contains a command receiver, telemetry

transmitter, command processor, attitude control electronics, attitude sensors,

and reaction control equipment. Squibs are provided for boom deployment (all

booms are restrained at the carrier module) and satellite separation. Power for

the carrier module is obtained from the satellite adjacent to the carrier and

nearest the booster. The entire payload is spun-up by the third stage and re-

mains electrically inert until separation from the third stage interface activates

the carrier equipment. The sequence of operation from this point on is i]lustraed

by the power profile given in Figure 5.3-3. Detailed power requirements for the

carrier are summarized in Table 5.3-1.

After separation from the third stage, the carrier initiatesboom deployment

as soon as possible by timer operation so as to obtain a stable configuration.

The payload begins to orient the spin axis approximately normal to the orbit

plane. Orientation is accomplished by the carrier module equipment with control

by ground command. Since the orientationcannot be accomplished within 24 hours

or by the firstapogee, this mode continues untilthe second apogee, 72 hours

from launch.

At the second apogee, the carrier module is commanded to ignite the appropriate

pyrotechnics, separating the two outboard satellites. After separation, a separ-

ation switch in each satellite activates the satellite equipment and a timer ignites
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Figure 5. 3-] Stacked Cylinder Configuration Payload Separation, Deployment,

and Control Electrical Diagram
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Figure _. 3-2 Radial Configuration, Payload Deployment - Separation and Control
Electrical Diagram
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TABLE 5.3-1

CARRIER POWER REQUIREMENTS SUMMARY

Radial Configuration

Equipment

Release Module

Command Receiver

Beacon Transmitter

Timer

Total Average Load

Regulation & Dist. Losses

Total Battery Power Rqmts.

Watts

1.0

0.5

0.5

2.0

1.0

3.0 (avg. - 24 hours)

Pyrotechnics 5 amps for < 1 sec.

Stacked Configuration

Carrier

VHF Command Receiver

TLM Transmitter

TLM (Digital)

Tim e r

ACS Electronics

Total average power
supplied by an inboard
satellite

1.0

1.5

0.5

0.5

3.0/9.0 (avg./peak)

6.5 (for 72 hours)

Pyrotechnics 2 - 1 for each outboard sat.

1 for both inboard sat.

1 boom deployment

Each pyrotechnic to require 5 amps for < 1 sec.

Power values are assumed to be at 28 volts dc.
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the small solid motor, which gives each satellite the necessary velocity increment

normal to the orbit plane. In the inboard satellite supplying power to the carrier,

a second separation switch operates to continue power availability to the carrier.

The reaction control equipment on the carrier is then commanded to provide a

velocity increment to position the inboard pair of satellites.

Each satellite in turn is activated at separation and initiates the operation of the

solid rocket thruster to provide the necessary velocity increment for final

satellite deployment.

A satellite power subsystem provides power to the carrier, rather than a separate

primary battery on the carrier or a separate solar cell battery power supply on

the carrier: This reduces the weight of the carrier. Only one satellite is used

since the solar array - battery capacity is adequate if suitable sun angle is main-

tained. Such an arrangement also simplifies the interface.

Figure 5.3-2 illustrates the electrical system for the radial configuration. The

power profile for both the carrier/release module and the satellites is illustrated

in Figure 5.3-3; Table 5.3-1 summarizes the release module power requirements.

Power for the release module is supplied by a silver-zinc primary battery. There

is no electrical interface between the carrier and the individual satellites.

The release module equipment is activated by separation from the booster third

stage. Separation from the third stage is timer activated. The equipment on the

carrier includes a command receiver and processor, a beacon transmitter, and

a satellite separation or deployment mechanism. The payload separation mechan-

ism separates the truss and structure that mates the release module and satellites

to the third stage adapter.

The satellites remain electrically inert until released by the release module or

ground command. Separation of the satellites from the carrier at the first apogee

activates the satellites. A timer in each satellite operates pyrotechnics, which

deploy the booms for stability. Each satellite is then oriented normal to the

ecliptic and spun-up to the desired orbital rate by command controlled operation

of the on-board reaction control equipment.
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The primary battery and related voltage regulator used in the release module

must provide an average load power of 2 watts and peak currents of up to 5 amperes

for one second to a 1-ohm load for squib operation. Using a basic energy density

of 60 watt hours per pound for manually activated silver-zinc primary batteries

and a maximum depth of discharge of 50 percent in 24 hours requires a battery

weight of approximately 2.4 Ibs. The voltage regulator would weigh approximately

0.5 lb.

5.3.2 SatellitePower Subsystem Details

5.3.2.1 Requirements. The satellitepower subsystem must provide electric

power in adequate quantity and qualityfor all operating modes of the vehicle.

The present satelliteload and system power requirements are summarized in

Table 5.3-2 and illustratedin Figure 5.3-3. The criticalmode in the power

subsystem design is the real-time data transmission mode, which may be used

for an extended period with a net load power requirement of 17.2 watts average

at 28 volts dc and a primary power source requirement (solar array) of 21.5

watts. The radial payload configuration satelliteshave an on-board attitude

control subsystem, which requires power during initialon-orbit operations; the

stacked configuration satellitesdo not. Either configuration may be required

to support a high rate playback mode at increased transmitter power as an option.

This would be required for a maximum of 30 minutes per orbit. During eclipse

operation (assumed a maxium of 1 hour), the loads are maintained in the standby

mode.

5.3.2.2 Subsystem Functions and Elements. To provide the required power,

power subsystem utilizes the following functional elements as indicated in the

block diagram of Figure 5.3-4.

the

a. The primary energy source is an array of silicon solar cells mounted

on the surface of the spacecraft and suitably connected and covered.

b. The secondary energy source, is a rechargeable, sealed silver-cadmium

or silver-zinc battery, which supplies peak and eclipse loads.
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TABLE 5.3-2

SATELLITE POWER REQUIREMENTS SUMMARY*

Equipment
Item

At_ltuae aria
Orbit Control

Telemetry

Receiver

Programmer

Power Control

RTU

Recorder

Transmitter

Experiments

Pyrotechnics

Total Load
Power

Battery Charging

System Losses
(Diodes, 12 R
etc.

Total Satellite

Average
Power

Requirement

Initial**
On-Orbit

Operation
(30 min_

15.75/21.75

1.0/1. o

1.0/1.0

o. 5/0.5

1.2/1.2

o. 5/0.5

O/lOO

20/126

1.0

!21.0

Standby

1. o/1. o

1.0/1.0

o. 5/0.5

i. 2/1.2

o. 5/o. 5

4.2/4.2

3.6

0.2

8.0

Mode

Record

2.0/2. o

1.0/1.0

o. 5/0.5

1.2/1.2

o. 5/0.5

1.0/6.0

7.0/7.0

13.2/18.

3.6

0.6

17.4

Playback

1.0/1.0

1.0/1.0"

o. 5/o. 5

1.2/1.2

o. 5/0.5

2.0/6.0

10.0/10.0

16.2/20/2

3.6

0.7

20.5

Real-Time

2.0/2. o

1.0/1.0

o. 5/0.5

1.2/1.2

o. 5/0.5

5.0/5.0

7.0/7.0

17.2/17.2

3.6

0.7

21.5

Playback
High Bit Rate

(30 min/or bit

1.0/1.0

1.0/1.0

0.5/0.5

1.2/1.2

o. 5/0.5

2.0/6.0

3O. O/3O. 0

36.2/40.2

2.0

38.2

*All power values assumed to be at 28 volts dc.

**Applies to radial configuration only, averaged over a period of 30 minutes.
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c. The output of the solar array and battery is regulated at a common

point to provide conditioned power to spacecraft loads.

d. A battery charger and necessary sensing and logic circuitry provide

for control of the elements of the power subsystem.

5.3.2.3 Subsystem Description. Both payload satellite configurations utilize an

identical power subsystem as illustrated in Figure 5.3-4. The only difference

is in the solar array. The stacked configuration has a solar array consisting of

one cylinder, 45.5 inches in diameter and 11 inches in height. The solar array

for the radial configuration is made up in two cylinders, each 22.5 inches in

diameter and 11 inches in height. In each case, a main solar array provides the

energy requirements of the spacecraft during sunlight operation. A secondary

solar array is connected to the main array and is used to provide the increment

of power required for controlling recharge of the battery. The output of the main

solar array is regulated by a shunt regulator, which shunts a portion of the solar

array output. A boost regulator connects the battery to a common load bus, which

is regulated to 28 • 0.6 volts dc by the combined operation of the solar array

regulator and boost regulator. The subsystem elements are described in greater

detail in the following paragraphs.

Solar Array. The solar array utilizesthe surface of the cylindrical spacecraft

body to mount 2,158, 2 x i cm, 7-14 ohm-cm, N-on-P silicon solar cells.

Characteristics of the cells are indicated in Figure 5.3-5. Each cell is provided

with a 0.006-inch quartz cover slideutilizingan anti-reflection coating and a blue

filter. The solar cell panels are wired as indicated in Figure 5.3-6, with the

2-cm dimension of the cell located vertically. The main solar array is made up

of 32 strings of solar cells, each string consisting of 65 cells in series and 2

cells in parallel at the cell level. The battery charging portion of the solar array

consists of 6 strings of cells, 13 connected in series, one in parallel. This

portion of the solar arraylimits the maximum current to the batte}N to 0.1 ampere

and provides up to 6 volts for the voltage drop across the proportional series

regulator, which serves as the charge regulator. Figure 5.3-7 gives the degraded

solar array I-V curves.
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Figure 5.3-5 Cell I-V Characteristics for 2 x 1 Solar Cell,
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Figure 5.3-7 Solar Array I-V Curves, Degraded Condition

(7.50 F, 15 degrees off normal incidence)
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The following calculations are used to evaluate the load power available from the

degraded solar array.

a. Main Solar Array - 26.1 watts at 28.6 volts or 0.914 amperes

b. Allow 0.6 volt drop for diodes, resulting in 0. 914 x 28 = 25.6 watts at

bus voltage.

c. Subtract 0.1 ampere for battery charging, resulting in 0. 814 x 28 = 22.8

watts available for load power requirements at 28 volts.

Since the system power requirement for the real-time data transmission mode is

17.9 watts (which does not include battery charging), there is a resulting power

margin of 5.1 watts, which allows for the normal growth in power requirements

as well as a margin.

The arbitrarily assumed solar cell degradation is a conservative value for one

year on orbit; the solar array design described is well within reasonable limits

and design practices. The primary solar array characteristics are summarized

in Table 5.3-3.

Battery. Only silver-cadmium or silver-zinc secondary batteries meet both the

life cycle and low residual magnetic field requirements associated with this

application. In six months, approximately 90 eclipses (maximum) could be

experienced. While the silver-cadmium cells exhibit greater cycle life capa-

bilities, the silver-zinc cell can withstand several hundred cycles of operation

and exhibits better voltage regulation characteristics, as well as a lower weight.

Nickel-cadmium batteries can not be considered because of their highly magnetic

characteristics. Both silver-zinc and silver-cadmium cells must be used in low

rate of charge applications, since charge contro] is difficult at high rates. This

application, with a 48-hour orbit and minimal eclipse power requirement, lends

itself to the use of these batteries.

Ip.,Lco]m
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TABLE 5.3-3

POWER SUBSYSTEM WEIGHT AND PERFORMANCE SUMMARY

(RADIAL AND STACKED SATELLITE CONFIGURATIONS)

Solar Array

• 2,158 Silicon solar cells - 2 x 1 cm, N/P, 7-14 ohm cm

• 2,080 Main solar array cells (66 in •erie• 32 in parallel)

• Battery charslng addlt/ons 78 cells (13 in series, 6 in parallel)

s Weight (including substrata) 7.23 Ibs (0.67 Ibs/ft 2)

s LOad Power Available (x I year) 2S. 8 watt• at 28 volts and 76°F and 15 ° off normal orientation.

Batter_

Silver Cadmium Option

16 cell - I ampere-hour battery

Charge voltage (max) - 25.6V

Discharge voltage (rain) - 16.0V

Maximum charge current - 0. I amp

Depth of Discharge (max on-orbit) - 25 percent (eclipse)

Weight - 1.2 lbs

Dimensions - 4 x 3 x 2.5 inches

Allowable temperature range - 40 to 100°F

• Silver Zinc Option

14 cell - 1 ampere-hour battery

Charge Voltage (max) - 27.3V

Discharge Voltage (men) - 18.2V

Maximum Charge current - 0.1 amp

Depth of Discharge (max on-orbit) - 25 percent (eclipse)

Weight - 1.2 lbs

Dimensions - 4 x 3 x 2.5 inches

AHowable temperature range - 40 to 100°F

Roost Rebmlator/Battery Charger (same for both configurations)

• Type - Series regulator for battery charging, boost DC/DC converter for output voltage regulation

• Boost regulator efficiency - 85 percent full load

• Output Regulation - 27.7 • 0.3 vdc

• Weight - 2 Ibs

• Dimensions - 2.5 x 3 x 4 inches

Solar Array voltage regulator .and load controls

s Type - Proportional - partial shunt

• Efficiency - 98 percent full load

s Output Regulation 28.4! • 0.2 vdc

• Dimensions - 2.5 x 5. _ x 6.0 inches

RTU (Radiation Termination Unit)

• Weight - 0.5 lbs.

s Dimensions - 2 x 2 x 2.5 inches
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The battery depth of discharge during a one-hour eclipse is approximately 25

percent maximum for either type of battery with the sizing used. For the

optional mode of operation at high rate transmission and playback, the maximum

depth of discharge is approximately 38 percent. Since recharge can take place

over a minimum period of 46.5 hours, a very low rate can be used. The charge

control technique limits battery voltage as a function of battery temperature. The

battery charging section of the solar array limits maximum battery charge current

to 0.1 ampere or a rate of C/10. This available current can be further limited by

the charge regulating circuit.

The weight, volume, and other major characteristics of the battery options are

summarized in Table 5.3-3.

Electronic Equipment. The electronic equipment associated with the power sub-

system consists mainly of the solar array voltage regulator, battery charger,

radiation termination unit, and boost regulator as indicated in Figure 5.3-4. Load

sharing and control logic are required, as well as telemetry and control sensors.

All the electronic equipment except the radiation termination unit would be pack-

aged in two units, whose characteristics are summarized in Table 5.3-3.

The solar array voltage regulator would be almost identical to one developed and

flown successfully on Philco-Ford Initial Defense Communication System Program.

Since the regulator is a shunt type, it exhibits a full load efficiency approaching

100 percent. The regulator does dissipate relatively large amounts of power during

periods of light load. This light load dissipation is the primary reason for operating

the regulator from the tap point of the solar array, since the light load dissipation

is reduced, The maximum regulator dissipation at light load would be approxi-

mately 10 watts.

The battery charger would be a simple transistor regulator, which would operate

with inputs of sensed values of battery current, voltage, and temperature to limit

battery charge current and voltage as a function of temperature. While the regulator

itself is simple, the control level circuitry is sophisticated. Provisions would be

made to control the operation of the battery charger from the ground.
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The boost regulator would be a high efflcienty (85 percent) regulator typical of those

developed on similar programs. It consists basically of a dc/dc converter circuit

connected as a boost type auto transformer. The regulator would include a linear,

non-saturating power amplifier, a saturating drive oscillator, a voltage reference

circuit, and an output rectifier and filter. On-off control, such as interlock with

the solar array regulator, can be accomplished at the drive oscillator level with

little power required.

The radiation termination unit i8 a timer and switch that disables the power sub-

system at the end of a pre-selected period. This would be identical to a unit

developed for the Initial Defense Communications System Program.
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5.3.3 Magnetic Field Analysis

During the contract, Philco-Ford studied the magnetic fieldsgenerated by the

solar arrays of spin-stabilized spacecraft. The results of this study, while

over-simplified and applicable only in a general sense, are useful nonetheless

in comparing the paddle wheel and cylindrical configurations. The study reveals

that the magnetic fields at a boom sensor point vary in time as a result of the

solar array currents.

5.3.3.1 Spacecraft Confll_urations. The two configurations considered are

illustrated in Figures 5.3-8 and 5.3-9. Figure 5.3-8 illustrates a paddle wheel

configuration considered on this study. There are three paddle type solar array

panels, each covered on both sides by solar cells. Experiment sensors are

mounted on booms on the ends of each panel. Figure 5.3-9 is a cylindrical

satellite with body-mounted solar cells. The projected areas of the cylinder

are 1.5 times that of each of the panels of the configuration in Figure 5.3-8 and

the experiment booms are shown mounted in the same position relative to the

body of the spacecraft. The factor of 1.5 equates the minimum projected area

of solar cells for the two configurations. Important dimensions are given for

each configuration.

5.3.3.2 Summary, and Conclusions. The analysis, based on numerous assump-

tions, but apparently sound overall relationships, indicates that, for both the

paddle wheel satellite configuration and the cylindrical spacecraft, there is a

time varying magnetic field at the boom tip sensor location due to the solar array

currents. In the paddle wheel configuration, the variation results in a vari-

ation in the paddle currents as the solar array rotates. In the cylindrical

configuration, it is caused by the movement of the boom through a field that

remains fixed in space. No absolute magnitudes can be determined from this

analysis. However, it is apparent that a significant time-varying field (with

magnitudes perhaps as great a 0.3 gamma) could exist at the boom tip sensor

location if care is not exercised in minimizing and cancelling the contributions

from the solar array panels. The field components tangential to the spin cylinder

and radial to the spin axis appear to be the most significant.
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Figure 5. 3-8 Paddle Wheel Configuration
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5.3.3.3 Analysis

Paddle Wheel Satellite. For the purposes of this analysis, it is assumed that each

solar paddle can be replaced by a circular coil in the plane of the paddle whose

diameter fits within the approximate outline of the panel. This coil represents

the uncompenut_l current loops in the solar paddle and is assumed to represent

the contrtbutionM from both sides of the paddle. The actual current depends upon

which side is illuminated. A circular coil is a|sumod for rsa|ons of simplicity

in performing the analysis and it im realized that it is not a rigorous assumption.

The results should be indicative of time variations and the relative importance of

various factors. However, it is assumed that all three paddles can be represented by

identical coils carrying currents with identical maximum values. Actual field

values will certainly depend on specific wiring techniques and will exhibit varia-

tions from paddle to paddle.

For this analysis, a coil 1 foot in diameter, with its center at the paddle center,

is assumed to replace each paddle. The geometry of each coil remains fixed

with respect to the end of the booms. As the spacecraft spins, the currents in

each coil vary with time, resulting in a time-varying field at the end of the booms

with contributions from each coil. It is further assumed that the paddles are

wired so that current flow in the coil is always in the same relative direction.

The above discussion is clarified in Figure 5.3-10, which is a sketch of the

assumed model.

The magnetic field contribution at any point relative to an ideal circular coil or

loop can be determined in terms of cylindrical coordinates and assumed current.

The following equations for the radial and axial magnetic field components were

obtained from "Static and Dynamic Electricity" by Smythe.

B(p) (radial component) = /_I27r
Z 1 I-K + a2 + _22 + Z2KIPI( a + P)2 + Z 2 1/2 (a-p + Z 2

5-129

I PHILCO )l
_eLC_omo COAWOmA_ON

IBpaou _ RIHpntry
Iymtgrnm Dlvlmlon



SRS-TRI46
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Sun Vector
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Arrow Indicates +I and +Z reference directions

Coil A

+ Direction of B T

+ Direction of B R

20" Sun Vector

Coil B Z B = -Z c = 64"
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j + rotation

Figure 5.3-I0 Model for Paddle Wheel Configuration
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B(Z ) (axial component) = 2M2_
1

[(a +p)2 + Z21 I/2

2 p2 Z2a -

(a-p)2 + Z2

where K and E are functions of k

and k 2 = 4ap

a+o)2+

and I = coll current

a = coil radius

p = radius to point from coil axis

Z = distance from point to plane of coll

B(p) is the flux density contribution in the radial direction from the coil axis, and

B(Z ) is the flux density contribution in a direction normal to the coil plane. K and

E can be obtained from tables of complete elliptic functions. When the above di-

mensions are in meters and u = 41r x 10 -7, the units of flux density are webers

per square meter. Multiplication by 109 converts these units to the unit of gammas.

Applying the dimensions of Figure 5.3-10 to the above equations gives the following

relationships for the contributions of the three coils, A, B, and C, to the magnetic

field of P:

BA(p) = B(p)

BA(z) = B(z )

BB(p) = B(p)

BB(z) =

Bc(p) =

Coil A = 0

Coll A = -2.51 IA gamma

Coil B = 1.01 IB gamma

B(z ) Coil B = 0.36 IB gamma

B(p) Coil C = -1.01 IC gamma

Bc(z) = B(z ) Coil C = 0.36 IC gamma
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To be useful, the above field components must be related to spacecraft coordinates

and summed. The coordinates chosen are:

a. Tangential or perpendicular to the plane formed by the boom and space-

craft spin axis (BT).

b. Radial or perpendicular to the spin axis (BR).

c. Axial or in a direction parallel to the spin axis (BA).

The assumed positive directions for those components are shown in Figure 5.3-10.

Combining the contributions from the three coils in the chosen coordinates gives

the following relationships:

BT(tangential ) -- BA(Z) - (BB(z) + Bc(z))Sin 30 °

+ (BB(p)- Bc(p)) cos 19.3" cos 30°

BR(radial ) = _B(Z)- BC(Z))cos 30"+ (BB(p) + BC(p) ) cos 19.3" sin 30"

BA(axial) = (BB(p) + Bc(p_Sin 19.3 °

Combining the above relationships with the expression for the various coil contri-

butions in terms of coil currents yields:

B T = -2.51 IA + 0.645 (IB + IC)gamma

BR = +0.788 (I B - IC) gamma

BA = +0. 334 (I B - IC) gamma

The next step is to determine the relationship of the paddle and therefore the coil

currents as a function of time. Assuming the spin axis is normal to the sun, the

configuration shown in Figure 5.3-8 can be used to evaluate paddle current at each
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position of the spacecraft for one complete revolution. The result of this evalu-

ation is given in Figure 5.3-11, which is a simplified plot of paddle currents for

one complete revolution in terms of maximum paddle current. The wave form is

one of a rectified sine wave for each paddle, with a gap which corresponds to the

portion of a revolution when both sides of a paddle are shadowed by the body of

the spacecraft or another paddle. The three currents are 120 degrees out of phase.

This time variation would also apply to the coil currents of the simplified model.

These functions could be represented by a Fourier series but, for purposes of this

study, a graphical approach is taken.

Figure 5.3-12 plots the three field components at a boom sensor point in terms of

maximum coil current. The relative currents have been combined and plotted as

a function of spacecraft rotation and time. As would be suspected, the tangential

component (BT) has the greatest relative magnitude since it is primarily due to the

current in coil A or paddle A, the paddle on which the particular boom is mounted.

The contributions of the other coil or paddle currents are smaller at this point.

The axial field component (BH) appears least important.

While it is not possible to obtain absolute magnitude information from this study,

the following further exercise was undertaken with the model developed. On the

Initial Defense Communicati.on Satellite Program, solar panel magnetic fields

were measured and found to be 2 to 30 gamma at 1 foot, worst axis. If each paddle

of the paddle wheel configuration is assumed to generate 30 gamma at 1 foot mea-

sured on the assumed coil axis, a maximum coil current can be determined for the

model, since, on the axis of the coil:

a 21/2 I
coil

B(Z ) =
(a 2 + Z 2) 3/2

I coil
= B(Z) (a2 + z2) 3/2

2
1/2/_ a
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Figure 5. 3-11 Simplified Plot of Normalized Solar Paddle Currents
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For the assumed dimensions and a B = 30 gamma;(z)

Icoil (maximum) = 0.085 amperes.

Relating this maximum coil current back to the plots of Figure 5.3-12, a magnetic

field varying from -0.2 gamma to + 0.1 gamma in the tangential direction is ob-

tained as the spacecraft rotates. The field components have a fundamental fre-

quency of twice the frequency of rotation. Based on the same type of assumption,

the peak magnetic field contribution could be as low as 0. 013 gamma for an as-

sumed 2 gamma level at 1 foot on the coil axis.

Cylindrical Satellite. The cylindricalconfiguration appears more difficultto rep-

resent than the paddle wheel. The cylindrical solar array does bear a similarity

to the rotor of a dc machine however. As the spacecraft spins, only the half of the

cylinder that is illuminated has strings that carry current. The distributionof

current due to solar cell strings remains nearly constant in space, as one string

is occluded, another is illuminated, etc. This current distributionwill have an un-

compensated or net magnetic fieldcontribution, which also tends to remain

stationary in space as the satellite rotates, just as the net magnetic field produced

by the currents in the rotor of a dc machine remains fixed in space as the rotor

spins past the pole pieces. In this case, the pole pieces are analogous to the sun.

This assumption is particularly good if it is assumed all sections of the solar

array surface are identical. This means that it should be possible to represent at

least some portion of the magnetic field contribution of a cylindrical solar array

by a stationary or fixed coil carrying an unknown constant current as indicated in

Figure 5.3-13. The diameter of the cylindrical vehicle is assumed to be 1.5 times

the width of the paddles on the paddle wheel satellite; thus, the required relative

dimensions are roughly compatible from a projected area standpoint. The coil

representing the uncompensated, fixed, solar array field is assumed to be 2 feet

in diameter to roughly fit the projected area and is assumed to be located at the

center of the cylinder so as to simplify the calculations. The booms are assumed

to be located in a position identical to the paddle wheel configuration.
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P1 P2 P3 P4 P5

74"

0° Reference

PI' P2 etc are

positions of sensor
chosen for

calculating Br, B R
and BA magnetic
field components

/._p ffi 15.I'

P = 77"

Z=0

t Pl '

_ Rotating Sensor Point

P = 56"

Z = 52"
o

P = 42" _/

Lp= 17.3 °

p = 67,,

z = 37,,

P4

z = 64,' Lp 90 °

p = 42"

z ffi 64"

/

Fixed Coil

I

+ Reference

Direction

P5

Sun Vector

Figure 5.3-13 Model for Cylindrical Configuration
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The equation for the magnetic field due to a current loop is used again for this

analysis. Five positions are used to obtain the field contributions at a boom tip as

the boom rotates through the fixed field of the coil. The radial and axial field com-

ponents (relative to the fixed coil) at the boom tip for the five positions shown in

Figure 5.3-12 are:

Position B(p) (gamma) B(Z ) (gamma)

1 0 -4.11 I

2 +5.25 I -I. 24 I

3 +4.94 I +2.72 I

4 +5.51 I +4.34 I

5 +2.8 I +6.93 I

These components can be combined into tangential, radial, and axial components

relative to the spacecraft at each indicated position as follows:

Position 1

B T = B(Z )

BR: 0

BA= 0

Position 2

B T = B(Z )

B R = B(Z )

B A = B(p)

cos 30 ° - B(p)

sin 30 ° + B(p)

sin 17.3 °

cos 60 ° cos 17.3 °

cos 30 ° cos 17.3 °
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Position 3

BT = B(Z)

BR = B(Z)

BA = B(p)

Position 4

cos 45 ° - B(p) cos 45 ° cos 20.9"

sin 45' + B(p) cos 45" cos 20.9 °

sin 20.9"

B T - B(Z ) cos 60 ° - B(p) cos 30" cos 28.4"

BR = B(Z ) cos 30 ° + B(p) cos 60" cos 28.4"

B A = B(p) sin 28.4 °

Position 5

BT= 0

BR = B(Z )

B A = B(p)

The above relationships can be combined with the previously determined expres-

sions for radial and axial components (relative to the fixed col1) and expressed in

terms of coil current to obtain the net field as a function of position and time. The

resulting field components are plotted as a function of time or spacecraft position

as shown in Figure 5.3-14. For this model, the tangential and radial components

assume the greatest relative importance with a magnitude around two times greater

than the axial component. Note, that while the current delivered by the solar array

is nearly constant, the sensor or the boom can experience a time-varying magnetic

field as the spacecraft rotates, Just as in the case of the paddle wheel configuration.

In this case the fundamental frequency is the frequency of rotation.
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To finish the exercise, again the Initial Defense Communications Program data on

magnetic fields due to solar panels is used with rather broad assumtpions to obtain

an absolute value for the field evaluation. As before, it must be understood that

only empirical data can be used to accurately determine the field strengths. How-

ever, it was again assumed that the coil produced a worst case uncompensated field

of 30 gamma at 1 foot along the axis. For the 2 foot diameter assumed, this would

be related to a coil current of 0. 041 amperes. Using this coil current and the plots

of Figure 5.3-14, a tangentl_ component variation of +0.16 to -0.16 gamma is

predicted and a radial component variation of +0.3 to -0.3 gamma is predicted.

The axial component ranges between 0. 12 and -0.12 gamma.
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SECTION 6

TELECOMMUNICATIONS

6.l COMMUNICATION SYSTEM REQUIREMENTS AND CONSTRAINTS

Aside from the requirement to transmit all of the scientific data that is collected

by instrumentation aboard a set of four satellites in a highly elliptical orbit, there

are few constraints placed upon the telecommunication subsystem by the science

subsystem. It is pertinent that the data collected by the four satellites achieve

the primary objective of a multiple satellite system -- namely, the simultaneous

collection of data at several points in a particular space m gion. Of importance

also is accurate time-tagging of the data collected by the multiple satellites.

From the communications point of view, the primary constraint is to assure that

all of the time-correlated dam acquired in the regions of interest be reliably trans-

mitted to ground stations at intervals whose position and length will be optimum

from a standpoint of quantity and quality, and not interfere with the collection

of data.

Fully real-time transmission of science data is not a primary requirement, and

might, in fact, be a detriment if it were to be effected, since much data might be

lost due to inavailability of ground stations for its reception and subsequent

reduction. However, in concert with other objectives, the real-time transmission

of scientific data on an "as required" basis is desirable, and will be considered

in this study.

The principal objective of the telecommunications portion of the multiple satellite

program study is to perform a parametric analysis of alternate methods to

accomplish the scientific mission. To that end, this portion of the study concerns

itself with data acquisition, tracking, and command. The following discussion

assumes that the mission is accomplished by four satellites, of either the '_-adial"

or "stacked" configuration. The orbit is assumed to be highly elliptical, with

apogee at twenty earth radii.
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6.1.1 Mission Requirements

Data Transmission Requirements. The primary requirement of the data trans-

mission subsystem is to transmit all data efficiently, whether in real-time, or

from storage. This implies that all data collected in one orbit period should be

transmitted in one orbit and that the transmission should not interfere with data

collection. This requirement is reflected primarily in the fact that the power

needed to conduct experiments restricts the power available for data transmission.

An assumed requirement on the communications subsystem is that the quantity and

quality of data transmitted be maximized within the constraints imposed by other

factors in the system design. One criterion for communication system design

which derives from this latter requirement is maximization of the experimental

data rate.

In addition to transmission of science and status data from individual satellites,

attitude control data and command verification data must be transmitted from the

satellite carrier module in real time.

A data transmission requirement that applies both to the satellites and to the

carrier module is that the modulation, carrier frequencies, power levels, and data

rates be compatible with the capabilities of the STADAN network.

Command Requirements. Individual satellites must be capable of receiving coded

command signals from the ground to reset clocks, activate gates for the trans-

ponding of ranging signals, and a variety of other tasks. From the communication

viewpoint, the primary requirements are that there exist adequate system margins

to guarantee reliable reception of legitimate command signals and that the satellite

receiver be compatible with the requirements of the STADAN network.

In addition to commanding the individual satellites, it is a requirement that the

carrier module be commanded to effect attitude correction, boom deployment,

and separation of the satellites from the carrier.
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Tracking Requirements. One of the essential tracking requirements is that track-

ing measurements be sufficient in number and quality to define the orbit quickly

and to an accuracy that permits execution of the maneuvers necessary for separa-

tion of the satellites from their carrier vehicle. A second requirement of particu-

lar importance in this multiple-satellite configuration is that the position of each

satellite in space and with respect to each other be established with a high degree

of accuracy in order to correlate the scientific data of each satellite with the

position of the satellite at the time of data collection.

6.1.2 Constraints

Design constraints are of two types, extrinsic and intrinsic. The intrinsic con-

straints are those imposed by natural phenomena such as propagation losses,

refraction effects, and noise environment. The extrinsic constraints are those

imposed upon the system by considerations of such factors as ground station support

time, the type of orbit, the maximum size weight and power allocated to the com-

munication subsystem, and the characteristics of the ground station support.

Data Transmission Constraints. The primary constraints that apply to data

transmission are:

a. Limited amount of time available because of ground station scheduling.

b* I,imited data rate possible because of range at which transmission begins

and power availability.

c. IAmited flexibility in changing data rates because of added complexity

and consequent system unreliability.

d. Limited interval available for data transmission because of satellite

antenna coverage at lower altitudes.

Although the above factors are listed separately, they are interdependent, and will

be treated as trade-offs in the material which follows.
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SatelliteAntenna Coverage Constraints. Aside from the fact that the physical

configuration of the satelliteantenna places restrictions on the coverage possible,

the relationshipbetween maximum realizable gain and broadest possible bcamwidth

results presumably in an optimum beamwidth. Due to the fact, however, thatthe

spin-axis is tilted with respect to the orbit normal, this beamwidth places limits

on where in the orbit earth coverage is adequate for data transmission. To

minimize the effects of this constraint, the design recommends a beam-shaping

approach, which appears feasible for the types of spacecraft antenna recommended.

SatelliteAttitude and Separation Constraints. Because of orbital dynamics, the

separation of the satellitestend to disperse as they approach the earth. In

particular, in the region of the orbit below ten earth radii, which is the primary

region for data transmission, the satelliteseparation exceeds the beamwidth

of the ground-based antenna. Thus, simultaneous reception from two or more

satellitesis precluded, and, sequential access to the satellitesis required.

Since only one ground-based antenna for either S-Band or VHF is available at

each site, the totalamount of data that can be read out per orbit is restricted.

An additional constraint is placed on the design of the carrier module communi-

cations capability by the attitudeof the carrier and by the particular carrier

configuration under consideration.

For the "stacked" configuration, an essential requirement is to command

separation near apogee. To achieve uniform azimuthal coverage in a plane normal

to the spin-axis is desirable; however, this carrier module must also be access-

ible during the early stages of the coast phase in order to effecterection of the

spin-axis normal to the orbital plane. This implies a constraint of not having

deep nulls along the spin axis in the direction pointing towards earth.

In the "radial" configuration of the carrier module, the antenna beamwidth must

be sufficientlybroad to provide access by a ground-based antenna continuously

throughout the "coast" phase. In particular, a uniform azimuthal pattern is

mandatory to avoid signal degradation at the time of satelliteseparation.
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6.1.3 Ground Network Capabilities and Constraints.

As stated earlier, one of the fundemental requirements of the proposed system

design is that it be compatible with the configuration and capabilities of the STADAN

network for the period 1970-72. Since the STADAN network is currently undergoing

many changes, no planning document is available. The existing STADAN is a hybrid

collection of a large variety of subsystems whose capabilities have been gleaned

from the following documents:

a. NASA-GSFC Report X-530-66-33, "Space Tracking and Data Acquisition

Network Facilities Report" (STADAN), December 1965.

b. NASA-GSFC Report X-560-63-2, "Aerospace Data Systems Standards:'

January 1963, Revised May 2, 1966.

c. NASA-GSFC Specification S-531-P-17, "Goddard Range & Range Rate

System Specifications," Exhibit A, May 1966.

Since the first two of these documents apply generally to current configurations

and requirements, and since the period of interest is 1970-72, these two documents

have been used primarily for guidance. The Goddard Range and Range Rate

(GRARR} specification, however, is a detailed specification of an integrated

tracking telemetry and command ground support system for both S-Band and VHF,

which is to be installed at major STADAN sites in the time period of interest.

Also, the recommendation has been made by members of the advanced Develop-

ment Division of the Tracking and Data System Directorate of NASA/GSFC that

our design be based on the functional characteristics outlined in the GRARR

specification.

The basic ground support system capabilities assumed to be available for this

program will exist at the following sites:

Rosman, North Carolina

Tananarive, Republic of Malagasay
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• Carnarvon, Australia

• Fairbanks, Alaska

• Santiago, Chile

The systems will operate in the following frequency allocations:

S-Band

SRS-TRI46

VHF

a.

Primary

a. Down-link: 2253 MHz

b. Up-link: 1800 MHz

Secondary

a. Down-link: 2243 MHz

b. Up-link: 1792 MHz

b*

Down-link:

Up-link:

135-139 MHz

145-160 MHz

6.I.3.1 Receiving Capabilities. The characteristics of the Goddard Range and

Range Rate Receiving system are treated in detail in Reference 1. Certain

of these characteristics have been selected and are repeated here since they are

directly pertinent to the discussion which follows.

Figure 6.1-1 is a block diagram of the multi-functional receiver assumed as part

of the baseline ground support system. The receiver subsystem consists of the

subunits:

a. VHF Preamp-Converter

b. S-Band Paramp Converter

c. Multicouplers

d. Multi-functional Receiver

[p.,Lco]m
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e. Subcarrier Receiver (both VHF and S-Band)

f. Doppler Extractor and Digital Rate Aid Unit

6.1.3.2 Transmitter Capabilities. The ground transmitters projected to be

available for the 1970-72 period are those specified in Reference 1 with the

exception that 5 kilowatts of output power is assumed rather than the 1 kw or 10

kw noted in the above reference.

VHF Transmitter. The output bandwidth of the VHF transmitter is 2 MHz to the

3 db points over a tunable range of 145 to 160 MHz.

S-Band Transmitter. The output bandwidth of the S-Band transmitter is 10 MHz

to the 3 db points over a tunable frequency range of 1750 to 1850 MHz.

6.1.3.3 Antenna Capabilities. The best available description of the ground

support antenna capabilities projected for the 1970-72 period appear in Reference

1. The following capabilities have been selected from that source and are

noted separately below since they are pertinent to the trade-off considerations

which follow.

VHF Antenna. The VHF antenna is a 28-foot array of cavity-backed slots arranged

in four quadrants for phase-monopulse tracking. It is capable of the simultaneous

functions of transmitting, data reception and monopulse tracking. The antenna

has an X-Y mount and is capable of being pointed at any point from 0 degrees above

the horizon (except for keyholes) during tracking operations. The VHF antenna

is a "leader" for the S-Band antenna or any other antenna at the site. When oper-

ating as a receiving array, the VHF antenna is a simultaneous lobing type, phase

monopulse array with the following outputs:

a. Two sum channels

b. Two X-error channels

c. Two Y-error channels
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TABLE 6.1-1

ANTENNA CHARCTERISTICS

Frequency

a. Receive

b. Transmit

Gain

a. Receive

b. Transmit

Polarization

a. Receive

b. Transmit

Coverage:

GRARR
VHF Antenna

137 • 3 MHz

148 ± 2 MHz

(154 MHz Future)

20 db (rain.)

20 db (rain.)

(Polarization tracking)

Linear: Horizontal &
vertical.

Circular: Right & left
hand.

(simultaneous)

Linear: Horizontal &
vertical.

Circular: Right & left
hand.

(simultaneous)

From 0° above hori-
zontal

GRARR S-Band

Antenna

2200-2300MHz

1750-1850MHz (1)
2090-2120 MHz (2)

42.0 db

41.5 db (1)
42.5 db (2)

Linear: Horizontal &

vertical.

Circular: Right & left
hand.

(simultaneous)

Linear: Horizontal &

vertical.

Circular: Right & left
hand.

(simultaneous)

From 0° above hori-

zontal.

(I) Goddard Range & Range Rate Transmit frequencies

(2) Apollo Unified S-Band Transmit Frequencies

6-10

i PHILCO }i llpaoe m Iqe_ntry
DHILi:O'llOmO =Olil*OIqAVlOm lymtoml [31vlllon



TABLE 6.1-1

ANTENNA CHARACTERISTICS (Continued)

SRS-TR146

Beamwidth:

Pointing
Accuracy

GRARR
VHF Antenna

X = 18 ° nominal

Y = 15 ° nominal

(a function of
polarization)

1.0 °

1. 5 °

GRARR S-Band
Antenna

0.1 °

Velocity 5¢/Sec (Max.) 5°/Sec (Max.)

?

hccel. 5°-10°/Sec (Max.) 5°-10°/Sec (Max.)

Xmit.

Power 15 kw, continuous 15 kw, continuous
Capab. 20 kw, peak

Avail. Rosman, N. C.
Site s

Rosman, N. C.
Fairbanks, Alaska
Santiago, Chile

Tananarive, Malagasy
Carnarvon, Australia

Fairbanks, Alaska
Santiago, Chile
Tananarive, Malagasy
Carnarvon, Australia

S-Band Antenna. The S-Band antenna is a 30-foot diameter paraboloid reflector.

The feed system is a cassegrain feed system and consists of a composite feed

capable of transmitting and receiving in the 2 GHz band. The composite feed-

horn accomplishes the following functions:

a. Transmits in the 1750-1850 MHz band.

b. Receives in the 2200-2300 MHz band.

co Provides monopulse two-dimensional sum and difference information.

The antenna has an X-Y mount and is capable of being pointed at any point in the

sky from 0 degrees (except for keyholes) during the tracking and transmitting

operations. It is capable of the simultaneous functions of transmitting, tracking,

and data reception. Table 6.1-1 summarizes the capabilities of both the VHF and

S-Band antennas assumed available at STADAN in the 1970-72 period.
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6.1.4 Other System Constraints

In addition to the constraints due primarily to equipment characteristics, there

exist limitations primarily on the transmission of data due to:

a. Availability of ground stations during the period of data readout.

b. Ability to track only one satelliteat a time due to ground antenna

beamwidth.

c. Limited time for emptying satellite recorder contents during data

transmission interval.

These and other considerations will be developed in the material which follows.
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6.1.5 Tracking Considerations

The objective of the tracking system is to determine the location and motion of

the carrier module and of the satellites, to rapidly define the orbits of the carrier

module and each of the satellites, and to periodically update orbit parameters

for time correlation of position information with scientific data. Updated tracking

data is also required for programming of ground antennas prior to satellite pass.

Within the STADAN network there are at least five available methods of tracking

which might be used for this program. The characteristics of these methods are

listed in Table 6.1-2, and are discussed in the following section.

The following tracking methods will be considered:

a. Minitrack

b. One- Way Doppler

c. Angle Tracking

d. VH F Goddard Range & Range Rate

e. S-band Range and Range Rate

Minitrack. Minitrack, which is one of the earliest tracking networks, was designed

primarily for tracking satellites in low circular orbits. It operates on the principle

of the radio interferometer which measures the angle between the observer's

reference plane and the line from a reference point in this plane to the satellite.

This measurement is based on the difference in arrival time of the wavefront from

a distant point source at each of a pair of multiple pairs of antennas. These ground

antennas are fixed, slot-type antennas precisely positioned geographically, and are

linearly polarized.

The antennas are of two types: 1) a long baseline ("fine") type for highly accurate

angle measurements, and 2) short baseline type for ambiguity resolution. The

"ambiguity" antenna merely defines the particular wavelength received by the

"fine" antenna. This system requires the use of only a simple beacon on the

spacecraft to act as the point source, and therefore ts very attractive as a

possible tracking technique.
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The "fine" antenna array has a fan beam of 10.75 degrees in one direction and

76 degrees in the orthogonal direction. The ambiguity antennas have fan shaped

beams of 78 degrees in one direction and 108 degrees in the orthogonal direction.

The very low gain (6.4 db) of these ambiguity antennas is a limiting factor in their

application to this design. Assuming the ability of the ground station to resolve a

136 MHz signal waveform to within 1 millimeter, by use of heterodyning and pre-

cision timing techniques, and assuming baseline lengths of 46 wavelength as listed

in the STADAN facility report, establishes an angular resolution of 48 microradians.

At 20 earth radii this corresponds to distances across the line of sight of approxi-

mately 6 kilometers. This accuracy is close to the maximum attainable, and

ignores the degrading effects of ionospheric refraction. In addition, the accuracy

of an angle measuring system suffers in highly elliptical orbits because of the

great distances the spacecraft can move with little change in angle.

One-Way Doppler. One-way doppler is attractive as a tracking technique, because

it too requires only a frequency-stable, low-power beacon on board the spacecraft.

Theoretically, with perfect instrumentation and no atmosphere, the orbit of a

satellite produces a unique time dependence of the doppler shift, and thus one

should be able to determine the orbit from a single satellite pass, except for

secular variations in the orbit. The accuracy of one-way doppler measurements

is affected by two fundamental sources of error: oscillator instability and ionos-

pheric refraction effects. Typical (one sigma) range rate accuracies at S-band

measured over a 60-second sampling interval are 30 meters per second for short-

term oscillator stabilities of 10 -7 .

Errors due to ionospheric refraction effects contribute directly to range inaccura-

cies, and the refraction of radio waves by the ionosphere is an extremely complex

subject. These refraction effects can be understood qualitatively by noting that the

maximum slope of the doppler curve (Figure 6.1-2) is a rough measure of the slant

range, and that refraction has a direct effect upon this slope. The effect of

refraction is to decrease the slope and thus indicate an increased range due to

ionospheric refraction. These ionospheric refraction effects are inversely pro-

portional to transmitter frequency, and so, use of this technique at higher fre-

quencies is to be preferred. The table below shows the deviations from the
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Figure 6.1-2 Refraction Effects on Doppler Shift

geometrical Doppler Shift for different transmitter frequencies assuming a high

elevation, horizontal trajectory, straight-line propagation, and • 5 km/sec

satellite velocity component. 2

Deviations due to

Frequency (MHz) Ionosphere (Hz)

i00 + 2

400 + 0.5

1000 ± 0.2

2000 :e0.1

A more practical constraint upon the use of one-way doppler measurements for

orbit determination is the fact that since one-way doppler tracking is not presently

employed in the STADAN network, instrumentation for its use in orbit determina-

tion is not presently available and would have to be provided at proposed ground

sites.
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Angle-Tracking. As is true for the interferometer and the one-way doppler tracking

techniques, angle-tracking requires only a simple beacon on-board the spacecraft,

and thus appears worthy of consideration in this study. An important difference

between angle-tracking and the two-techniques considered thus far is that there

will exist an angle-tracking capability as part of the STADAN facility in 1970-71.

Angle-tracking as a distinct tracking mode is inherent in the Goddard Range and

Range Rate System at either VHF or S-band. Figure 6.1-3 is a simplified functional

block diagram of the GRARR S-band angle-tracking system.

In Figure 6.1-3, only the X-axis portion of the servo system has been shown, since

the Y-axis is identical.

The S-band antenna is a 30-foot parabolic reflector mounted on an X-Y pedestal.

A Cassegrain feed provides for amplitude comparison, simultaneous lobing, angle

tracking. The received feed uses a 12-horn concentric ring, grouped into four

quadrants to provide a sum and two error signals. The sum channel receiver

phase-locks to the received carrier and generates an AGC voltage in the AGC

detector. Two error channel receivers provide for the demodulation of two error

signals. In the autotrack mode, the outputs of the two error receivers are connected

to the servo amplifiers, providing for automatic angle-tracking of the received

signal. A 16-bit angle encoder and line amplifiers are mounted on the antenna.

The gated storage registers and code converters, which are in the instrumentation

building, provide angle readouts in a binary coded decimal parallel form.

The VHF angle-tracking system is essentially the same as the S-band system

except for the antenna and RF circuitry. The antenna is an array of crossed

dipoles which generate a sum and two difference patterns, providing simultaneous

lobing, angle-tracking. The tracking signals are amplified and converted to a

60 MHz I-F after which point the circuitry is the same as shown in Figure 6.1-3.

The angle-tracking errors are of two major types: tracking errors and pointing

errors. The tracking errors consist of servo errors, which cause the RF axis to

shift from the line of sight, and boresight errors, which cause the optical axis and

the RF axis to differ. The pointing errors determine the accuracy to which the

true optical axis can be measured. The pointing errors are initial alignment errors,
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angle encoder errors, and mount alignment errors. Table 6.1-3 summarizes the

errors and their sources for the S-band and VHF autotrack modes.

The values in Table 6.1-3 were taken from a design evaluation report v of the GRARR

System, and may be considered typical of future system performance for compara-

tive evaluation purposes. The different polarization errors for the two frequencies

are due to the increased beamwidth of VHF over S-band, since this error is inter-

preted as 3 percent of the sum pattern beamwidth. The difference in collimation

errors is due primarily to ionospheric refraction effects, and as noted earlier is

approximately one order of magnitude worse for VHF than for S-band. The rms

sum of the errors for the two systems evaluated here is, however, about five

times less than the errors specified for those systems to be installed by

1970-71. We may, therefore, consider any design based on the specifications as

conservative.

TABLE 6.i-3

ANGLE-TRACK ERROR BUDGET FOR VI-IFAND S-BAND

Error Sources

Servo Loop Errors

Polarization

Mechanical and Electrical

Typical Values

(Sec) S-Band

54

70

47

Typical Values

(Sec) VHF

54

540

51

Feed Errors

Refraction

Multipath

Receiver Errors

Collimation Errors

RMS Sum

20

32

68

39

130

20

3.34

46

360

734
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Goddard Range and Range Rate System. There exists a large amount of literature

on the principles and performance of the Goddard Range and Range Rate System,

and so its development and implementation will not be treated here in great detail.

The obvious advantage of this aidetone rangine technique is the improved accuracy

and flexibility of the system for orbit determination and satellite tracking.

Table 6.1-2 contains a brief summary of the characteristics of both the VHF and

S-band Goddard Range and Range Rate Systems. Figure 6.1-4 is a simplified block

diagram of the GRARR system. Despite its operational advantages, the GRARR

system suffers the disadvantage that in place of the simple beacon required of the

systems considered earlier the GRARR system requires a cooperative transponder

in the satellite. Spacecraft limitation on size, weight and power place severe

restrictions on the degree of sophistication allowable for providing the tracking

function. Fortunately, the GRARR system does not require the elaboration

required of coherent turn-around ranging systems wherein the range data is de-

modulated to baseband and remodulated on the down-link carrier. In this system,

range tones phase-modulate the up-link carrier to the satellite and are translated

into a low I-F frequency in the satellite, and the entire up-link spectrum modulates

the down-link carrier. In addition, the transponder can either time-share or fre-

quency-share the up-and-down link for command and telemetry, providing an inte-

grated tracking telemetry and command system. The size, weight and power pen-

alty associated with the transponder is thus reduced, since a command receiver

and telemetry transmitter would be required in any event.

Range measurements are made using basic sidetone ranging techniques and a hybrid

combination of sidetones coupled with unambiguous coding techniques. In one mode,

of system operation the S-band portion of the system is used to determine range,

range-rate and angle data with the VHF system guiding the S-band antenna in the

initial acquisition of the spacecraft. In another mode of operation, the VHF antenna

sector scans until the VHF transponder carrier frequency is acquired by the VHF

ground receiver. The VHF antenna then goes into the autotrack mode and range

tones are applied to the up-link carrier. The VHF ground receiver then extracts

range, range rate, and angle data.

6-20

[ p_[/([_O ]_ gpao. & Reentry

..,Lco..omo CO,,,.O.A.,ON Eyltlmm Oivlmlon



1

! 0

SRS-TR146

8paom _ Iqoqlnlnt:ry

Symtemm OIvImlon

6-21



SRS-TRI46

The fundamental differences between the S-band and the VHF system are:

a.

be

The S -band system provides more accurate range, range rate and

angle data.

The S-band system can be used to make simultaneous measurements

from three ground stations, thus potentially giving a complete orbit

solution from one observation interval.

The primary reason for the increased accuracy of the S-band system is that the rms

range error is a function of the highest range tone frequency and of the S/N ratio as

follows:

0.056C
_R =

fR _

where _R = rms range error

C = velocity of signal propagation

fR = highest range tone frequency

S/N -- Signal to noise ratio in the tone isolation PLL

Figure 6.1-5 is a plot of the above equation for three range tone frequencies. Obvious-

ly, then, the higher the range tone frequency, the greater the range accuracy. The

S-band system is designed to accommodate a major range tone of 500 kHz, while the

VHF system, being bandwidth limited, can accommodate a highest range tone of

only 20 kHz.

An outstanding feature of this system is that range rate measurements are made with

all of the advantages of two-way doppler, but without the need for a coherent trans-

ponder. The reasons for this are basically that the doppler shifted signal received

on the ground consists of a carrier whose frequency is 60(f ° + fed).
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where f
0

fed

= transponder oscillator frequency

= doppler shift on transponder oscillator frequency

and a subcarrier whose frequency is

80 (fo t + rod ) - (fup + 2fupd)

where f
up

f
upd

= up-link frequency

= doppler shift on up-link frequency

These two frequencies, along with a known transmitter frequency, fup/80 are

combined in a doppler extractor to give a suitably biased coherent two-way

doppler shift signal of 500 kHz + 2fupd, thus yielding the necessary information

for range rate determination. This process tends to cancel out the effects of

oscillator instability in the transponder oscillator, provided that the instabilities

are tracked by both carrier and sub-carrier phase-locked loops.

Preferred Tracking Alternatives. Based on the capabilities and limitations of

the various tracking alternatives considered, use of the S-band GRARR system on

each satellite is _ndicated. Based on the capabilities of the angle-tracking technique

and on the constraints imposed by antenna and reliability considerations, use of the

VHF angle-tracking system is indicated for the carrier module.
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6.2 OPERATIONAL CONSIDERATIONS

6.2.1 Orbit Characteristics

The orbit of the multiple satellites is highly elliptical, with an apogee of 20

earth radii. For communication purposes the orbit may be visualized as shown

in Figure 6.2-1. A unique feature of highly eccentric orbits is that during the

270 ° TRUE ANOMALY _--2700 - 3 HOURS (213 ° TRUE ANOMALY)

_

__ , 121,000 - EE

PERIGEE 2700+25 MIN

Figure 6.2-1 Distances to surface of Earth

interval of science data collection(beyond 10 Re), the spacecraft moves very

slowly; while near perigee the spacecraft velocity is so high that the time avail-

able for data transmission is very short. This circumstance is a fortunate one

for collection of data, but an unfortunate one for data transmission.

If, for reasons of satellite antenna coverage, which will be developed later, it

is assumed that transmission will occur between 10 R and 270 degrees truee

anomaly on the inbound leg and between 90 degrees true anomaly and 10 R e on
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the outbound leg, the maximum time available for transmission on either leg is as

shown in Figure 6.2-2. Inspection of this curve indicates several interesting

points. Since the slope of the curve decreases rapidly as we approach 270 degrees

true anomaly, we rapidly run out of available time; so, one should prefer

to begin data transmission as soon as possible after 10 R has been reached.e

Although transmission at ranges beyond 10 R is assumed unavailable, it ise
apparent from Figure 6.2-2 that the time parameter is much less constraining in

this region.
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Figure 6.2-2 Transmission Time Available vs True Anomaly
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Another consideration of importance in planning for the optimum point in the orbit

at which to begin transmission is the data rate. Figure 6.2-3 is a plot of maximum

possible data rate as a function of true anomaly based on the assumption of a

two-watt, S-Band satellite transmitter, and on the assumption, as before, that

transmission occurs on the inbound leg of the orbit. As expected, the allowable
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Figure /2-3 Maximum Available Data Rate vs True Anomaly

for 2-Watt, S-band Satellite Transmitter

data rate under/ixed power conditions increases as the spacecraft approaches the

earth. The in/cated preference, based on this consideration, then appears to be

to transmit c/ser to earth, thus taking advantage of the increased allowable data

rate. This f in contrast to the preference based on "time" considerations.
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A third, and more meaningful, criterion on which to base the system design is

the total amount of data read out. This is simply the product of the available

time and the available data rate. Figure 6.2-4 is a plot of total data read out as

a function of position in orbit based on the assumptions stated earlier. From

this plot it is apparent that there is an optimum position in the orbit to begin

data transmission.

X

t-

Q

200 210 220 250 240 . 250 260 270

TRUE ANOMALY (DWGRE[$)

Figure 6.2-4 Total Data Readout vs Position in Orbit
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The results of this curve must be interpreted with some caution. From Figure

6.2-4 it appears that it is possible to transmit a maximum of 11.4 x 107 bits of

data. Practical tape recorder capacities are well below this limit; thus, the

full capability of the transmission system, based on this criterion can not be

realized. In addition, it must be borne in mind that although the four satellites

are widely separated in space In this orbital region, the time separation between

satellites is essentially constant throughout the orbit. Table 6.2-1 below indicates

the separation in time between the first and last satellites for various passes.

TABLE 6.2-1

TIME SEPARATION ALONG ORBIT PATH
BETWEEN FIRST AND LAST SATELLITES

Orbit Pass
Number

0

10

30

6O

90

Time Separation
(Sec)

24O

44O

84O

1640

2040

For example, if based on Figure 6.2-4, one would initiate transmission at 245

degrees true anomaly (optimum point) and transmission would _ontinue at the

maximum allowable data rate of 70,000 bits per sec.; and, assuming a recorder

capacity of approximately 4 x 107 bits, the remaining satellites would have passed

the point in the orbit which would permit total recorded data read out.

Simultaneous Vs. Sequential Readout.

Alternatively, ifall four satellitescould transmit simultaneously, this criterion

could be used effectivelyto define transmission scheduling and data transfer rates.

A firstconsideration is the capabilityof the ground support network. As noted

6-29
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above, simultaneous reception of two spacecraft on separate frequencies can be

accommodated by the ground receiver. Thus, assuming the existence of only

one S-Band antenna, and assuming that at least two spacecraft are within the beam

of this antenna, simultaneous reception of, at most, two satellites is possible.

To establish the feasibility of tracking two or more satellites simultaneously, an

investigation of intercepted arc lenght along the orbit and satellite separation

as a function of position in orbit was initiated. Figure 6.2-5 shows the arc len_h
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Figure 6.2-5 Interception of Satellite Pairs

by 30-Foot Parabolic Antenna
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intercepted by the antenna beam of the S-Band 30-foot parabolic antenna as a

function of true anomaly. The values for this curve were computed on the basis

of a simplified model (Figure 6.2-6), which assumed that the mln/mum antenna

elevation angle was 5 degrees above the horizon, .and that antenna beamwidth

was I. 5 degrees. The arc length was computed for elevation angles of 5, 30,

60 and 90 degrees. Since/n the region of interest the arc length changes only

slightly (* 5 percent) as a function of elevation angle, a mean value of arc length

for the several elevation angles was plotted in Figure 6.2-5 as a function of true

anomaly.

R
s

Figure 6.2 Model of Ground Antenna Coverage

Knowing the arc length il/equ/valent to imowing the permissible separation of

satellites for simultane(ILs antenna access, and so the separation of satellite

pairs was plotted as a i_l_tion of true anomaly for the 30th and 60th passes. R
is clear from Figure 6. :-5 that for values of true anomaly greater than those where

the satellite separation axceeds the antenna arc length, access to a pair of

sate]lltes is not possib _. Since for even the 30th pass (2 months in orbit) the

separation exceeds thq

than about 213 degree;

[ ll
let41 t.OO.leOiIil_ con IleC)mA'rloN

antenna beamwidth for values of true anomaly greater

, simultaneous communicaUon with satellite pairs is
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impossible with a single antenna. Further, the situation deteriorates with time

as can be seen from the separation curve for the 60th pass. The data from which

these separation curves as plotted includes the effects of a composite 5-degree

error. The conclusion to be drawn from these curves is that since each ground

station has but one S-Band antenna, the satellites must be accessed sequentially.

6.2.2 Scheduling of Ground Equipment

Since it has been established that sequential transmission from each satellite is

required, the scheduling of transmissions in some optimum manner is required.

This scheduling on a sequential basis assumes the following factors.

a. Single station contact of three hours per day for all four satellites is

available.

b. Pre-pass programming and postpass calibration are included in the

ground support time.

Based on these assumptions, one-half hour per satellite of transmission time is

assumed, therefore, as a baseline. This allows 15 minutes per satellite for

station preparation. With few exceptions, this constraint is reflected in the

development which follows.

6.2.3 Modulation

The type of modulation to be used for transmission of serial PCM data from the

satellite to ground has a significant influence upon the final value of the RF

parameters of the telemetry system and consequently upon the final design of

the telecommunication subsystem. The choice of modulation is based upon a

minimum number of significant criteria.

a. The system must be efficient. In terms of the type of modulation, this

means that some measure of modulation efficiency must be optimized.

6-32

IPM,Lcolm Spllll:e Q RIIqlnll;ry

llyllt:llrnll Division



8_-T_46

be The satellite subsystem must be compatible with existing ground

facilities. In terms of the modulation technique to be employed by

the satellite telecommunication subsystem, this means that the type

of modulation employed must be compatible with the ability of 8TADAN

ground stations to satisfactorily demodulate the received signals,

For purpose of comparing modulation types, we shall assume that the TCM

subsystem transmits a serial stream of binary PCM data, thus ruling out con-

sideration of M-ary systems, where the data waver.tin has more than two levels.

We shall also assume, for purposes of comparison, that all systems transmit

information at the same rate. The performance of all systems will be given as

a function of the signal energy per bit per on_-sided noise spectral density, E/n
N "

This parameter is related to the more familiar average signal-to-noise o

ratio (S/N) by the relationship
d

Where,

E/n _ S
- ,N

0

n = 1 (binary coding) i

T Bit length in sec,/nds

W Receiver bandwiilth (equivalent noise bandwidth in Hz)

We shall further assume the performax i.'e of systems in the presence of gnussian

noise into the receiver, usually a Justin}able assumption for most radio links.

Carrier vs. _Subcarri.___er. One of the flx\'t considerations concerning the type of

modulation is whether the PCM data frcl_ the telemetry subsystem should modulate

the carrier directly, or whether the dat

carriers which in turn modulate the car:

Relative to the criterion of efficiency, a

should modulate one or more sub-

er.

_mparison of suboarrier and noa-subcarrter

systems is given in Table 6.2-2. Based In the assumptions listed earlier, we can

compare the efficiency of the two system _s in terms of the required E/N ° for

some fixed Pe and for an optimized p, col_elation coefficient between two possible

transmitted waveforms. In Table 6.2-2, P!" 10-5' but the results for other error

\
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TABLE 6.2-2

CARRIER VS SUBCARRIER SIGNAL ENERGY REQUIREMENTS

Type of

Modulation

PCM/PM

PCM/PM

PCM/PM

PCM/FM

PCM/FM

PCM/FM

PCM/AM

PCM/AM

Type of

Detection

Matched Filter

Phase Comparison

Discriminator

Matched Filter

Dis criminator

Envelope Detect

Matched Filter

Envelope Detect

Required E/N o (db)for
• Pe = 10_ 5

Non-Sub

Carrier Subcarrier*

9.6 11.1

10.3 12.0

11.2 12.9

11.8 13.5

12.5 14.2

13.3 15.0

12.6 17.3

12.9 17.6

*Note: All subcarriers are either PM or FM.

rates show the same trend; namely, that for all of the types of modulation shown,

and for all the types of detection shown, there is a significantly higher required

E/N for subcarrier systems than for systems where the carrier is modulated
o

directly. Further, the validity of this conclusion is even more graphically

displayed in Figures 6.2-7 and Figure 6.2-8, where P is plotted as a function ofe

required E/N o for subcarrier and non-subcarrier systems.

With regard to the second criterion, compatibility of STADAN networks to demodulate

direct carrier modulated signals, Figure 6.2-9 is a much simplified system block

diagram illustrating the use of the primary Goddard Range and Range Rate receiving

system supplemented by a phase-lock demodulator such as the ELECTRAC 215C,

but modified to accept a 10 MHz I-F input signal. The PCM data handling equipment

shown could be similar to the Magnavox PCM/DHE which is presently available at
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three of the five planned GRARR sites. PCM/DHE capabilities are planned for

installation at all STADAN sites by 1969.

There is, however, one caution which must be observed when advocating PSK,

bi-phase modulation of the carrier, and that is to avoid complete carrier

suppression by an appropriate choice of modulation index at the telemetry-

transmitter. Part III of "Aerospace DATA SYSTEMS STANDARDS, " prepared

by NASA/GSFC and dated November 4, 1965 states, that STADAN network

stations are not currently equipped for PSK (_ 90 degrees) bi-phase demodulation,

and to avoid carrier suppression, at least 10 percent of the total transmitted

power shall be left in the carrier. This will be accomplished by shifting the

phase of the carrier a nominal • 70 degrees, which permits coherent detection,

and which permits transmission of ample carrier power for faithful lock-on

and tracking of the carrier by the ground receiver.

In the two-stage process of modulating subcarriers, which when added together

modulate the carrier, one is generally interested in providing a relatively small

number of channels where the ability to separate the channels is of significance.

For small satellites, frequency division multiplexing does not provide the user

with equipment which easily allows for efficient changes in channel bandwidth.

Greater flexibility and simpler equipment results when time division multiplexing

is used. For these reasons then, the choice for this system was one wherein the

carrier is directly phase modulated, and where the channel bandwidth varies as

a function of the data rate.

Type of Modulation. In space communication systems, primary emphasis is

placed on frequency or phase modulation methods, because of the inherent

efficiency of these methods when proper design approaches are used. From the

standpoint of efficiency, reference is again made to Table 6.2-2. It is apparent

that, under the assumptions of optimum c_ )ice of modulation indices, PCM/PM

is superior to PCM/FM.

C(_mparison of relative system performan(

easily done using only bit probabilty of err
I

uses Shanmon's formula for channel capaci
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C
C _-wo (1  °--linl

= Wc l°g2 +2 W c

or

where

C
C

W
C

E
min

S°

In

C
C

W
C

log2i1. 
S. E
m _ rain

_C
C

= minimum received signal energy required per bit
of information

= required input signal power

= channel capacity (bits/sec)

= channel information bandwidth

= noise power spectral density (assumed Gaussian)

to derive an often used measure of system efficiency in terms of the minimum

received signal energy per bit of information. A plot of _ as a function of P e

is shown in Figure 6.2-10. From thiscurve we see that in the region of most

interest (low Pe )phase-modulated systems are superior to frequency modulated

systems for binary transmissions.

Modulation Index. As we stated earlier, direct bi-phase modulation (_ 90 degrees)

of the carrier is not feasible, since the attendent carrier power reduction prevents

coherent detection of the signal unless carrier reconstruction is effected at the

ground sites. To avoid this difficultyand to avoid the complexity and inefficiency

of data modulation of a subcarrier, the modulation index is chosen so that there

will remain sufficientcarrier power to effectcoherent detection on the ground.

The signal-to-noise output in terms of peak modulation index for a coherent

demodulator operating in white Gaussian noise is given by: 5
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Figure 6.2-I0 Comparison of Binary Systems on a /_Factor Basis

ssTb{ , }_ r 1 - cos 2 _ rn (t)
N N O

where S - E2
r - -2- (average received signal power)

Tb = Bit time in (seconds)

N = Noise power spectral density
0

= Peak modulation index (radians)

re(t) = Modulation function (0-i)
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It can be seen from the above equation that the optimal value for _ is • (90 degrees).

Ifa modulation index of + (70 degrees) is used, the system suffers a degradation

of 0.54 db, which is insignificantwhen compared to the use of subcarrler phase

reversal where, for an optimized carrier modulation index, the best performance

is at least 1 db worse than for direct carrier phase modulation. Figure 6.2-11

shows the additional carrier power required relative to carrier phase reversal

for two types of subcarrier demodulation.
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Figure 6.2-11 Comparison of Subcarrier Binary Phase Modulation for
re(t) = sintoL and Carrier Binary Phase Modulation
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Viterbi 6 has shown that the performance of a coherent demodulation process

is strongly influenced by the form of the modulating spectrum as well as by the

modulation index. The output SNB depends upon the SNR in the modulating

spectrum, and is shown graphically in Figure 6.2-12 as a function of _ for

various n:

z

40

3O

2O

1'1 = 0010 54 3 2

n !

-i0

0 i0 20 30

o_ DB

Figure 6.2-12 SNR for Optimized Phase-Modulation Receiver
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where

cr2 A 2

2 NB
O" Oe

2
O" = phase error in Phase Locked Loop.

channel SNR in the modulation bandwidth.

2n = order of the polynomial representing the modulation

process.

For a given value of SNR in the modulation bandwidth, , equation

relates the modulation index Km (radians/volt) to the parameter _, defined

above.

Q Km 2 = (_- sin_r/2n+ 1)

or2 t_ ( sinTr/2n_---f2n)

-1

For large n, the above relationship is approximately:

B

Km 2 e -1
or2

Thus, the larger the data rate, and c_nsequently the modulation bandwidth B,

the greater should be the modulatiovlindex. At short transmission ranges where

the output SNR increases, and wher,! larger data rates can be accommodated,

modulation index should be increasell accordingly for an optimized transmission

link design. I

/

IDHILCO.FORD C O Iq IDOllt AT|O N

I

]

I ,

l
6-43

IIl_aOm Q Ro,,on_rv
Ilyantem| Olvlmlon



SRS-TR146

6.2.4 Data Transmission

It was established in Section 6.2 that due to the orbital _Jynamics of the satellites

and to scheduling constraints, a baseline o2 _)pc-ha!f hour per satellite of trans-

mission time would be assumed. In addition, NASA/GSFC has recommend that

S-band be preferred for telecommunications support. As shown in the link analysis

studies, operation at S-Band has an advantage in link capacity over VHF. Figure

6.2-13 shows the data rate as a function of range for S-band and VHF links.

100,000

n
m

M

I0,000

a_

I.-

O

I, 000

1,000

Figure 6.2-13

AT

APOGEE

2700-3 HR TNUE

ANOMALY

7,000 BPS

(30W PRIMARY)

10,000

RANGE (KM)

S-BAND

(10W PRIMARY)

(10 PRIMA ,

7SW S-BAND i

(]. 75W PNI MARY 1

I00,000

Data Rate vs Range for Various Transmitter Powers at
S-band and VHF

If we allocate 30 minutes per satellite of transmission time plus an additional hour

for set-up, reacquisition, and postpass calibration, then a total of three hours

operational time is required from the STADAN network f_r a_ t four _;_ellites

during each orbit. Thus the network can usually be sehed:i_ ,j as a ;_i_::le three-hour
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operation without interruption from a single station. We choose a minimum satel-

lite altitude of 6100 kilometers which corresponds on the inbound leg to 270 degrees

true anomaly. A smaller altitude is undesirable due to increasingly large tracking

rates and reduced station coverage. The maximum, range of 44,600 kilometers is

equal to 213 degrees true anomaly. This maximum range corresponds to a three

hour transit time on the inbound leg from 213 to 270 degrees true anomaly.

Figure 6.2-14 shows earth coverage for the five GRARR stations at Carnarvon,

Fairbanks, Rosman, Santiago and Tananarive. The superimposed sub-satellite

trace for the orbiting satellites illustrates that nearly complete coverage is offered

for the orbit segment of interest. The trace shown is for the initial pass, and the

trace will translate across the map with succeeding passes. The segment of inter-

est is that part of the trace shown dotted. The two dotted segments the 3-hour

transmission intervals on the inbound and outbond legs of the orbit.

Referring to Figure 6.2-13, we note that at 44,600 km the maximum data rate for

a two watt S-band transmittet: is 7000 bits per second. If 7000 bits per second is

transmitted for 30 minutes, a total of approximately 1.3 x 107 bits per satellite is

received at the ground station. Based on an experiment schedule of ten hours per

orbit (two hours at apogee and four hours before and four hours after apogee), this

corresponds to an experiment data rate of 360 bits per second. Figure 6.2-15 is a

plot of data rate as a function of primary power, and illustrates the situation dis-

cussed above for a primary power input of ten watts and an assumed transmitter

efficiency of 20 per cent. j,

Figure 6.2-15 also illustrates the trade-off of primary power inout vs. experiment

data rate for two values of transmitter efficiency. Increased experiment data rate

can be achieved by adjustment of several system parameters, but the ultimate con-

straint is the capacity of the tape recorder. Projected estimates of a six-pound

tape recorder available by 1970 indicate a capacity of 4 x 107 bits, which corres-

ponds to an experiment data rate of approximately 1100 bits per second. One way

to achieve this maximum science data rate is to increase the primary power input.

Figure 6.2-15 indicates a primary power input for a 20 per cent efficient transmitter

of 32 watts. At higher power outputs, present state-of-the-art solid-state, S-band

6-45

mMtLCO mroIqO COmPQmATtON

liplloi & I=ll_ntry
Ily|tllrnn D|vllilon



SRS-TR146

operation without interruption from a single station. We choose a minimum satel-

lite altitude of 6100 kilometers which corresponds on the inbound leg to 270 degrees

true anomaly. A smaller altitude is undesirable due to increasingly large tracking

rates and reduced station coverage. The maximum, range of 44,600 kilometers is

equal to 213 degrees true anomaly. This maximum range corresponds to a three

hour transit time on the inbound leg from 213 to 270 degrees true anomaly.

Figure 6.2-14 shows earth coverage for the five GRARR stations at Carnarvon,

Fairbanks, Rosman, Santiago and Tananarive. The superimposed sub-satellite

trace for the orbiting satellites illustrates that nearly complete coverage is offered

for the orbit segment of interest. The trace shown is for the initial pass, and the

trace will translate across the map with succeeding passes. The segment of inter-

est is that part of the trace shown dotted. The two dotted segments the 3-hour

transmission intervals on the inbound and outbond legs of the orbit.

Referring to Figure 6.2-13, we note that at 44,600 km the maximum data rate for

a two watt S-band transmitter is 7000 bits per second. If 7000 bits per second is
7

transmitted for 30 minutes, a total of approximately 1.3 x 10 bits per satellite is

received at the ground station. Based on an experiment schedule of ten hours per

orbit (two hours at apogee and four hours before and four hours after apogee}, this

corresponds to an experiment data rate of 360 bits per second. Figure 6.2-15 is a

plot of data rate as a function of primary power, and illustrates the situation dis-

cussed above for a primary power input of ten watts and an assumed transmitter

efficiency of 20 per cent.

Figure 6.2-15 also illustrates the trade-off of primary power inout vs. experiment

data rate for two values of transmitter efficiency. Increased experiment data rate

can be achieved by adjustment of several system parameters, but the ultimate con-

straint is the capacity of the tape recorder. Projected estimates of a six-pound

tape recorder available by 1970 indicate a capacity of 4 x 107 bits, which corres-

ponds to an experiment data rate of approximately 1100 bits per second. One way

to achieve this maximum science data rate is to increase the primary power input.

Figure 6.2-15 indicates a primary, power input for a 20 per cent efficient transmitter

of 32 watts. At higher power outputs, present state-of-the-art solid-state, S-band
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transmitters have reduced efficiency. For a 15 per cent efficient transmitter,

the primary power input would be 42 watts.

_I0 e

_107

6 POUND RECORDER

I
1 i '. 11 1

iI.O I0 I

PRIMARY POWZR (WATTS) l l

I l
I I

I I ' I ' I ' [ ' I I ,i lI ,

1.0 Z 3 4 I I0 20

5

ENERGY PER ORBIT (WATTS/HOURI)

I ' I '1
30 40 50

Figure 6.2-15 S-band Telemetry Link Performance

Table 6.2-3 illustrates the S-band telemetry link performance for the alternatives

discussed above. Note should be taken of the fact that the data rate can be incre-

ased by using the battery for the additional power.

Telemetry Alternatives. As shown above it is feasible to increase the system data

rate by using reserve batter_, power for short intervals. The various alternative

methods considered are discussed below.
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TABLE 6.2-3

TELEMETRY LINK PERFORMANCE

Telemetry Data
Rate 44,600 KM

Total Bits per
orbit (per satellite)

Experiment Data
Rate (10 hrs. per
orbit)

Additional Energy
requirement

7,000 bps

1.3 x 107 bits

360 bps

None

20,000 bps

3.6x 107 bits

1000 bps

10 watt-hrs.

The first technique considered was to begin transmission earlier in the orbit.

This method is suggested by the fact that at greater ranges the satellite velocity

is less, thus allowing more time for data transmission, and possibly acquiring a

pair of satellites in the antenna, since, farther out in the orbit, the satellites are

closer to each other. The disadvantage of this alternative is that if transmission

is initiated beyond ten earth radii, science data collection is interferred with. In

addition, as the range increases, the allowable data rate decreases for constant

power output so that the net gain is reduced. More significantly, the limitation on

ground station support time precludes further consideration of this alternative.

The second alternative is to increase transmitter power output while maintaining

the ground support time limitation. This alternative has been discussed, and is a

feasible approach. The resulting increased data rates may impose transmitter

design problems resulting in increased equipment costs, but this does not appear

to be of major significance for data rates of approximately 20,000 bits per second

at S-band.
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The third alternative is to change the data rate in each satellite as the satellite

approaches perigee from ten earth radii. This could be effected upon command

from the ground, or by a pre-programmed timer in the satellite. If it is assumed

that the data rate would be changed three times during the orbit for each satellite,

the flexibility of twelve discrete data rates would be required in each satellite,

since the satellites alternate position with succeeding orbits. That is, the satellite

which is first on pass 1 might be second on pass 10 and fourth on pass 30. This

imposes an unnecessarily complex requirement on tape recorder flexibility. In

addition, it would be necessary to reverse the data record at the switching time in

order to assure continuous data flow while switching from one data rate to another.

In spite of its increased data discharge capability, this method appears to have

overiding disadvantages, but it does suggest the fourth alternative.

The fourth alternative is to include in each satellite the ability to read data out at

four different data rates. Since the satellites are accessed sequentially, each

satellite transmits data at a different rate in a single pass dependimg upon its

range when acquired, but any one satellite maintains the same rate for each pass.

The first satellite to reach maximum range of 10 R e (57,500 Kin) transmits at its

maximum allowable rate until it has completely discharged the contents of its re-

corder (assumed as 4.32 x 107 bits). At the end of this transmission the second

satellite is acquired and initiates transmission at its maximum allowable rate for

the reduced range (29,500 kin), and transm!ts until it has discharged the contents

of its recorder. This process is continued _vr the third and fourth satellite, taking

advantage of increased data rate capability dile to decreased range.

The fifth alternative is to utilize the entire th}ee-hour interval on the inbound leg

to read data out of the first two satellites and_he succeeding three-hour interval on
\

the outbound leg to read data out of the two rerL_ulning satellites. This alternative

assumes the same data transmission rate from 11 satellites, and is suggested by

the need for additional time to completely disch: "ge the contents of the recorder.

Although this technique imposes no equipment co lplexity penalties, it must be dis-

carded because of the constraint of a total of thr[, _ hours of ground station support

time for all four satellites. This technique does however, suggest the sixth

alternative, t

[..,Leo lm
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The sixth alternative for increasing the total amount of science data transmitted is

to playback data from the first two spacecraft within 1-1/2 hours from 270 degrees

true anomaly on the inbound leg and from the remaining two spacecraft within 1-1/2

hours from 90 degrees true anomaly on the outbound leg. Since transmission is

initiated at a lower altitude (14,000 kin), the data rate can be increased while main-

taining constant transmitter power output. This alternative would permit complete
\

discharge of tape recorder contents without imposing additional power drain penal-

ties, but would require that at least two ground stations _ _ovide support for recep-

tion of data collected in one orbit pass.

With the exception of the second alternative (increased tra smitter power), the

techniques noted for increasing data playback involve, pri] Larily, operational con-

siderations. The relative merits of the several alternativ( depend more upon their

practicabiliW from a ground-support viewpoint, and so rec nmended adoption of

any specific alternative must be withheld pending considera on by those concerned.

6.2.5 Real-Time Telemetry Options

Real-time transmission of perishable data is vital to the su .ess of the multiple

satellite mission. Although the bulk of scientific data will b identified by time

and space coordinates which accompany the data record, the _ may arise a require-
t

ment for a "quick-look" at either scientific or status data. It_cussions thus far
!

considered data transmission on a store-and-forward basis o_y. This section

considers the real-time transmission of data for two modes o _,peration:

a. Real-time telemetry 1
I

b. Real-time telemetry with, GRARR tracking i
The capabilities for real-time data transmission in both instanc are

• 1

worst-case tolerances and the ani_lyses are made for transm_ssi(

Real Time Telemetry. Table 6.

for the primary data playback m(

mode the majority of the primar

l..,-colm
t

[
I

-4 is a comparative summary ot

de and the real-titre mode. DurJ

power is used for operating and c

6-50

based upon

at apogee.

_,rformance

the real-time
i

rolling the



SRS-TR146

scientific instrumentation. The tape recorder power consumption is assumed neg-

ligible since the recorder is on standby. The primary power available for data

transmission is thus 5. 00 watts. Aa overall transmitter efficiency of 15 percent

has been assumed, resu_Lting in an RF power outPut of 0. 75 watt. Transmission is

assumed to be at S-band, using direct carrier PCM/PM (_ 70 degrees) modulation

and a bit error probability, Pe = 10-4" Referring to Figure 6.2-13, the data rate

at apogee is 330 bits per second.

TABLE 6. 2-4

REAL TIME TELEMETRY OPTION

i
Mode ! Primary Backup Real Time

Item

Experiment

Tape Recorder

Misc. (Receiver, Telm.,
Power Control, etc.)

Transmitter*

Primary Power avail.

RF Power out

(S-Band)

Max. Range

Bit Rate

DictaPlayback Data Readout

/ 1.0 watts 7.0 watts

I 2.0 watts 0. 0 watts

4. 0 watts 5. 2 watts
10.0 watts 5. 0 watts

17.2 watts 17.2 watts

i ..............

2. 0 watts

44, 600 K. M.

7,000 Bits/sec.

0.7 5 watts

121,000 K. M.

330 Bits/sec

*Transmitter power swil ning by either:

(1) Bias control o _arallel output transistors.
(2) Change DC co ,ctor voltage from 40 volts to 28 volts.

Since transmission in two/odes of primary power input requires an additional de-
/

gree of flexibility in tran,;t 2tter design, the practicability of accomplishing this

was investigated. There !re several methods for switching the same transmitter

between the 5 and 10 watl lc modes:

I PHILCO /
/
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al Parallel output transistors can be used with one unit biased

or switched off. An advantage of this method is that a

measure of redundancy can be obtained by switching both

transistors.

bl The dc voltage can be changed to either 40 volts or 28 volts,

corresponding to the input power level of 5 or 10 watts.

It is anticipated that any dual mode configuration would result in a lower efficiency

for one of the modes. In this example an efficiency reduction from the primary to

the lower power mode of 5 percent was assumed. This is possible in excess of

what might be realized.

Real-Time Telemetry with GRARR Tracking. In the real-time telemetry option

considered above, it was assumed that data would directly modulate the carrier

frequency. The Goddard Range and Range Rate system provides the facility for

simultaneous side tone ranging and telemetry transmission, but in this mode tele-

metry data is treated like range-tone data; i. e., it is placed on a sub-carrier for

transmission on the down-link. The GRARR sub-carrier receiver on the ground

demodulates the telemetry signal to baseband for data extraction by external equip-

ment. The objective of this analysis was to determine the amount of useable side-

band power in the telemetry channel, and thus establish the channel data rate. As

distinct from the case considered earlier, two subcarriers exist here: one phase

modulated with range tones, and the other phase modulated with telemetry data.

Table 6.2-5 presents the link analysis for simultaneous telemetry and side tone

ranging. '\

\

Table 6. 2-6 summarizes the results of this an_\tysis. Based on these results one
L

may conclude that real-time telemetry near aixiT, ee is feasible with or without
L

tracking, but at much reduced data rates. \

I PHILCO
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TABLE 6.2-5

PROJECT :

C HANNk_ :

MODF :

AMES MULTIPLE SATELLITE

GRARR S-Band, Down-LinkLf - = 2253 MH

Simultaneous Telemetry & Side-Tone Ran_ging

DATE:

NO

5
4

5
o

7
8

9
IO

ii

12

t3
i_

 5.f

17
1_3.

T-_ai--Tr_nsmitter Power 0. 7. u'at'._

Tr_nsml ttlng C Ircult Loss

Transmitting AntennR Gain

T,a,,smlttlng Antenna Pointing Los0

S[_ce Los. ( 22!i:_ me, 121. 000 km)
Polarization Loss

Receiving Antenna Odin

Receiving Antenna Pointing Lose

Receiving Circuit Loss

Net Circuit Loss

Total Received Power

Rccelver Noise Speetml DensltYoK(N/B) (T System - )

Carrier Modu/_tlon Loss

Received Carrier Power

Carrler APC Noise BW (_ - 20 HZ

CAI_ilER PERFORMANCE -

riJ:c.ihoid SNn tn ZS O
Tl_r_:shold Carrier wet

P_-' rfor_m_nce__Mrxr_! n-

V*/_K

28.75 dbm

-I.0 db

_ +2.0 db

Included in (3J

-__01.16 db

-0.5 db

+42.0 db

-0.1 db

-0.5 db

-i_9.26 db

-130.51 dbm

-175.2 dbm/Hz

-5.82 db

-136.33

13.0 db

TRa_a=KIHO (One-Way)

+I.0 -l.0db

+0.o -1.Odb
+3.0 - I. 0db

BOURCg

Spec%figd

Estlmated

Estimated

+0.3 -0.5db

+I.0 -0.5db REF #.I

+0. i -0. Idb

+0. I -0,4db

+4.5 -3.5db

+$. _ -4, _db

+ I. 4 -0. Odb

+0.5 -0.5

- 5. Odb

+0.5 -0.5db

db +6,0

Calc,,larod
REF # 1

Calculated

REF #1

Z (2 "9)

t+i0

Calculated

REF #2

II - 13

REF #1

19
_._0

21,

CARHII_R PERFORMANCE = T_tCKING (Two-Way)

Threshold Carrier Power

Performance Mar_ n

CARILISR PERFORMANCE -

22_-Threshoid- SN_ in 2BLO
_j_ Threshold Carrier Power

2u__] Performance Marzin

_ATA CIUkNNEL

25]-S0d-ulatlon Loss

;_oi Received Data Subcarrler Power

2",: Blt hate (l/T)

_] Required ST/N/B

29] Threshold Subcarrier Power

/_OJ Performance Mar6in

[ -9.94

[-140.45 dbm

I 19.15 db
9.2 db

]-146.85

I +6.4

m

-- -- I Calculated

+5.5 -A.SdbI I_ - Q}
I

+0.5 -0.5db [ Calculated

+1.9 -0.9db [ 12 + 27 + 28-6.4db 26 - 29

SYNC C IUkNNEL

]1 I ,dulation Loss

_;dl ceived Sync Subcarrler Power

J31 Sy_c ABU Noise BW(eBLO - )

t_l xeohold SNR in 2_LO

_r,_ _reshold Subcarrier Power

rfomanee _ar_tn

CO_SNTS :

REF #I: Goddard Range & Range Rate System Specification, 'Exhibit "A",

NASA/GSFC S-531-P-17, May 1966

REF :72: The Goddard Range and Range Rate Tracking System Concept, Design and Performance

by G.C. Kronmiller & E.J. Baghdady, Space Science Reviews, Vol. 5, Mar. 1966,

pp. 265-307.
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TABLE 6.2-6

REAL-TIME TELEMETRY OPTIONS

Parameter

Frequency (MHz)

Range (Kin)

Spectral Noise Density (dbm/Hz)

Modulation

Carrier Modulation Indix (radians)

Subcarrier Modul. Index (radians)

Required ST/No (db),

Received Data Channel Powe] (dbm)

Data Rate (bits/sec)

Real-Time

Telemetry

2253

121, 000

-175. 2

PCM/PM

1.22

9.2

-133. 95

330

Real-Time

Telemetry &

Tracking

2253

121,000

-175. 2

PCM/PM/PM

1.5

0.75

9.2

-140. 45

82
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6. 3 LINK ANALYSIS AND DESIGN

6.3.1 Parametric Ana|ysis

The selection of the proper RF paramete.rs for optimum performance of a tele-

communications system requires analysis of the three functions of telemetry,

tracking, and command. This section includes the supporting background infor-

mation upon which many of the operational trade-offs were based.

Telemetry Link, The principal criterion of a data transmission system perform-

ance is the maximum data rate available within certain fixed physical constraints.

As was established earlier, the most efficient modulation technique for PCM tele-

metry is direct phase modulation of the carrier by the serial stream of PCM data.

S-band Telemetry. Table 6.3-1 contains a tabulation of gains and losses based on

a spacecraft power of two watts operating at a frequency of 2253 MHz, and a dis-

tance of 121,000 kilometers, corresponding to the nominal slant range at apogee.

The spacecraft antenna was assumed to beieither a biconical horn or cylindrical array

having a forward gain of 2 db. The groundtreceiving system was assumed to be
I

that specified for the Goddard Range and R_!age Rate System, and presumes use of

a 30-foot parabolic reflector and a specific, i receiver noise figure of 2.0 db.
I

t

Certain items in Table 6. 3-1 should be notrlt. The equivalent noise temperature of
!

the receiver includes the effect of transmi'_lsion line lo_- as well as sky temperature

and receiver noise figure as follows:

N = KT
o e

where T e L

L = I_ine l,oss = 0.5db --

TA ; Sky Temperature ; 1,_

F ; Receiver Noise Figure

T L = Transmission line tern

{F-l) T
O

= 2.0 db = 1.6

erature = 290°K

I;IH I LC 0. F OQ C:) COI_IpORATION
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TABLE 6.3-I

PHOJECT: A_____rc__Multiple Satellite

_. k].: _ Sp_acecraft-_to_l-_E_aarth..P_= I0"4, Modulation:
S-Band Telemetry from, Apo_e

NO. PARAMETER VALUE

-T-_ta-i T_nsmttter Power (2 watts)

Tr_nsmi ttlng Circuit Loss

Transmi%tln 6 Antenna Gain

T_ansmltting Antenna Pointing Loss
5
b

7
8

9
I0

Ii

!13
ill+

DATE:

PCM/PM

[tiLT

1-8.

Sl_ce Los, (Z253 me, l'.'l.O00km)

Polarlzat_on Loss

Rccctvln_< Antenna Gain

Receiving Autenna Pointing Loss

Receiving Circuit Loss
Net Clrcult Loss

T_,tal Received Power

Receiver Noise Spectrtl Density_

(N/B) (T System - 214 _68 °K)
Carrier Modulation Loss -0
_tcelve,i Carrier Power A 6 = 70°

C_rrler _C ._olse BW (Z_O L_)

_ARRIkR PERFOFddANCE -

T__e_hJ£i- __-i-.-2_o

+2.0 db

Included in

........... -c ....

33.0 dbm +_,0 -I.0
'i.0 db +0.0 -I.O

+3.0 -I .0

(3)

+42,0 db

-o.I db
-0.5 dL

-159.26 db

-126.26 dl;m'

-175.2 db_/Hz
-3.6 db

-129.86 dbm

i7'.8db/Hz

TRACKING (One-Way)

db

db

db

_E

Specified
E_tim_ted
E_t|mat_d

- - Calculated

+0.3 -0.5

+l,O -0,)

+0. I -0. I
40.1 -0.4

+4.5 -3.5

+5.5 -4.5

+1.4 -0.0

+0.5 -0.5

+6.0 -5.0

+0.5 -0.5

Estimated

Ref. @I

Calculated
Ref. #1

(2 ()
1 4 I0

Calcu fated

Calculated

11 4 13
Ref. #1

Tl,r,..h,_idCarrier Power

P, F: ,rm__n_c_e_M___rl_in

_NG (_o-w,y)CARHIILR PI<RFORMANCE -

_1_0[ Threshold Carrier wet

Purformance Mar_In

CMHLIiR PERFORMANCE -

25[-T.res.oiW r_m in-a%o23 Threshold Carrier Power

2___ P_rformance Margin

DATA CIIANNF__L

9.0-148.4

] +18.5,

db

3bm

db I Q

+1.9
+5.5

-0.5
-6.9

Estimat_ ,I 1

2_-Modulation Loss _ _ . 70u
20 I Received Data Subearrler Power

2_I Bi_ Rate (I/T)

;28 I Required ST/N/B
291 Threshold Uubcarrler Power
J__Ol_Pcrl'ir_nanee Mars in

5YNC CHANNEL

32 Hecelved Sync Subcarrler Power
Sync _ Noise BW(aBLO " )

Threshold SNR in _BLO

L_L Threshold Subearrler Power_ P_rformance Mar_in

- 3.0
=129.2:

+29.8

+9.2
-136.1t

6.9

COMMk/fPS :

b
dbm

db-bps

d_

dh

+0._
+6.0

-0,5 Ca|cu|ated
-_ ,0 11 25

Derived

+0,5

41.9

-0.) Calculated

-0.5 12 + 27 * 28

-6.9

\
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T = Ground Temperature = 290°K
o

Computing T :
e

15 (1.I-i) 290
e 1.1 1.1

e

+ (1.6-1) 290

"File polarization loss (0. 5 _0.1 db) was calculated on the basis of a 3 db axial ratio

for a circularly polarized satellite antenna and for a maximum ground antenna

axial ratio of 2. 5 db circularly polarized in the same sense. The receiving antenna

pointing loss is based on a specified minimum pointing accuracy of 0.1 degrees.

The values for receiving antenna gain and receiving circuit loss are those specified

for the GRARR, S-band ground system. The two-sided carrier bandwidth was

chosen as 60 Hz, since this represents a reasonable compromise between tracking

rate capabilities of the ground receiver, and signal spectral components for the low

data rates anticipated at this distance. For the modulation index chosen (1.22 tad)

about 45 percent of the power remains in the carrier, and about 50 percent is usable

sideband power. Only about 5 percent oJ the power is thus wasted in unusable side-

bands. This was considered the maximtlm index which would be consistent on the

one hand with the requirement for maint _ining sufficient carrier power to assure

carrier tracking, and on the other hand

The carrier tracking loop has a "worst

which is quite adequate. The maximunl

was calculated on the basis of a "worst

nominal margin is 6.9 db, but negative

case" condition.

VIIF TelemetI¥, Table 6.3-2 is a tab

similar to the S-band telemetry link,

antenna configurations, transmitter eJ

this frequency. The primary purposc

permit evaluation of performance of

t_eep wasted sideband power at a minimum.

rose" performanc_ l_argin of almost 12 db

_vailable bit rate at this range (973 bps)
1

_ase" performance margin of zero db. The

;olerances reduce this to zero for the "worst

ation of the VHF telemetry link budget

:cept for choice of operating frequency,

_ciencies and system losses and gains at

)f this analysis was, as stated earlier, to

{F versus S-band.
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TABLE 6.3-2

PROJECT: Arc: Multiple Satellite

_ LI': _Pa-_ce__qcrJ!_[t't_9_°-E__ar___th,Pe - 10"4, Modulation:

VHF Telemetry From Apogee ..............

. PARAMETER

IY To-tql- T r_nsmltter Power (5.5 watt_

2 Transmitting Circuit Loss - 1.0 db

3 Transmitting Antenna Gain - I. 5 db

h T_at*smitting Antenna PolntlnK Loss include in (3)

5 Since Los, ( 136 mc,121,000 ks) -!76.8 d b

o Polarlzmtion Loss - 1.5 db

i[ Receiving Antenr_ Gain .+22._ db

Receiving Antennm Pointing Loam _ncluded in (7)

Receiving Circuit Loss " " "

1 Net Circuit Loss -158.6 db

-121.2 db
Ii I T,,tal Recelved Power

12 Receiver Noise Spectzlll+_It¥
{ (N/B) (Z System :913 _'_ OK) -169.0dbm/Hz

1131 Carrier Modulmtion Loss _@ =+70 ° - 3._ db

I141 Rcceiwz,t Carrier Power -124.8 dbm

[151_Carrier_APC_M°!8_e BW (_____._"60 Hz___J 17._88 db-Hz

CARRIER PERFORMANCE - TRACKING (One-Way)

]_ F Threihgii- SNR in _ [
17 Tl,r,:shold Carrier Power

[18 L PFrfpr_ance Margin

CAIU(IER PERFORMANCE - TI_KIWO (_o-Way)

_ Threshold Carrier Power• Performance Marsin

VALUE
+37.4 d-bin .....

DATE:

PCM/PM

TOIA_RASCE
+I. 0 - I. Odb

0.0 -i.0

+i. 5 -i. 5

- I,.5 +1.5

+I,0 -o.5

+4.0 -4.5

SOUBC_

.Specif led

Estimated

Estimated

Calculated

Estimated

STADAN SPEC.

+5.0 -5.5

+2.4 -0.5 Calculated

+0.5 -0.5

+5.5 -0,0 .
+0.5 -0.5

,qTA I}AN _-,P F C,,

Z (2 --_ _)
i + 10

Calculated.

ll 13
Ref. #1

I 1

C/U_ItlER PERFORMANCE -

ie_FTi;r_7_i'oi,_ h_ in m%o

g3 I Threshold Carrier Power

[_TA C ILENNEL

5l-Mod-_latlon LOSS _ _ = +70 °
bl Received Data 8ubearrler Power

,-'71_ Rate (_/T) (470 bps)

28l Required ST/N/B (Pe=lO "4)

_9{ Threshold Subcarrier Power

O_/__Pe_rformanc e Mar_in

SYNC C ILENNEL

132{ Received S2nnc Subcarrler Power

Noi,e )
{3l¢{ Threshold SNR in PRLO

[35 I Threshold Subcarrier Power

Li6_LP_rrormance MarKin

COMMitS :

.0 db
- 14-_ 2dbm

_4 db

I ...... 4 !
!-I +6.5 -8.9"[ 14 - 23 J

- 3.0db "

-124.2 dbm ._ +5.5

+26.7db-bp_!

+ 9.2 db _!

-133.1 dbm

8.,9 db _

)

+0.5 0. 5 (:a lc,,lated

'b. _ 11 25

+0.5 -0.5 Calculated

+2.9 -I..0 12 + 27 + 28

+6.5 -8.9 26 29
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The results of this analysis clearly indicate the improvement to be realized in

using S-band.

The maximum available bit rate under "worst-casel' conditions is 470 bits per

second compared with 973 bits at S-bsnd for the same primary power input. This

represents in excess of 3 db improvement of S-band over VHF. The primary con-

tributions to degraded performance at VHF can be noted in certain items of Table

(i. 3-2. Despite the much higher transmitter efficiency and reduced space loss at

VltF, the antenna gains and reduced noise temperatures at S-band more than offset

these factors.

The satellite antenna assumed for this analysis was a turnstile type, radiating

circular polarized energy off the spin axis, and linearly polarized energy in the

orbit plane. The ground receiving antenna was assumed to be the SATAN antenna

whose gain is slightly greater than that of the GRARR crossed dipole array. The

receiver noise figure was assumed to be 3. 5 db, as specified in the STADAN

Facility Report. The required ST/N o was calculated as 8.3 db theoretical, plus

0.9 db allowance for equipment degradation. The polarization loss for the "worst

case" is 3.0 db, since the ground antennas may be tracking circular polarization,

and the satellite is so oriented as to radiate linear polarization.
t

For the VHF link the modulation index is the same as for S-band, since the same
}

criteria of usable sideband power and iarrier power apply. However, the carrier
• . i . ,, •

performance margin at VHF, though af,equate (8.5 db, wurst case ),Is not as

great as for S-band. The assumption lpertinent to the data channel at VHF are the
same as for S-band -- namely, a derbted data rate based on a "worst case" perfor-

mance margin of zero db.

[PM'Lcolm

!

I _\\
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6.3.2 Command Link Analysis

Analysis of the command link is fairly straightforward if it is assumed that by 1970

installation of a proposed Programmable Command Generator will have been ef-

fected. Recent information 8 from NASA/GSFC indicates that the Command Subcom-

mittee of the Data Systems Requirements Committee is in the process of revising

the present standard to take advantage of an advanced flexible command system to

be implemented into the STADAN network beginning in 1968. For this analysis it

will be assumed that the command system will employ PCM/FSK/PM modulation,

and that it will be integrated with the (unified) GRARR system. The Aerospace

Data System Standards specify amplitude modulation of the RF carrier for both the

Tone Digital Command and the PCM Instruction Command; however, use of the

integrated GRARR system requires that all carriers be phase-modulated, and that

the modulation index be variable from 0 to 1.5 radians peak. The PCM command

data are translated to an intermediate band by FSK modulation of a subcarrier in

the 7.0 to 11.0 kHz band. A sinusoidal bit synchronization signal is 50 percent

amplitude-modulated onto the data subcarrier at the data bit rate, thus providing

unambiguous bit synchronization.

The input signal to the command subcarrier demodulator in the spacecraft can be

expressed as:

/

,][ ]1 1 + U(t 1 + m cos (_ + 8)E(t) =

E. 1

+-"L'12 [1 + V(t)] [1 +m cos {_tt+0)]
+ N(t)

cos (_lt +51)

cos 0) 2 t _ ¢2)

e

#t

IP"'L°°lm

_.

f
/

Ipmoe _ Iqe_ntry
IEymtmml Divilion
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whe re

E i = received subcarrier amplitude

,)

E. _

::Si = 2 Jl 2(f_ ) S
'2 c

= received subcarrier power

B = subcarrier deviation on carrier

S = received carrier power
C

m = modulation index of AM sync sine wave

N(t) = White Gaussian noise

= Sync sinewave frequency
S

U°l &_2 = FSK subcarrier frequencies

(b l&O 2 = phase of FSK subcarriers

The one sided spectral density of the command data signal is given by:

G(f)- 2H [sin rrf/H]2rrj/H

where H = keying frequency

The sync sinewave consists of a discret!_ subcarrier co,,_nent and two discrete-
/

frequency subcarrier sideband componettts which are separated from the subcarrier

by an amount equal to the keying freque0ey. The spectral density of the received

signal is as shown in Figure 6.3-1, w!/ere rather than sharp transitions between
t

bipolar levels, some form of shaped t"lansitions are assumed in order to reduce

/

spectral tails. [

I
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F c

• i

DATA SPECTRUM

/
/ _ SYNCS,OESAND• \

I ; i

I (_c+_c) _ H _--
I I I
I I i
I I I

(_'c+ Fsc )-_ ir_ (Fc+ r c )_A F

Figure 6.3-1 Spectral Density of FSK Command Signal

The FSK detection in the spacecraft is non-coherent, and employs the two filter

technique with sampling of the filter envelopes. For a probability of bit error,

P = 10 -4, the predetection ST/N/B is 12.9 db. To this has been added 0.3 db
e

to account for the sync power which is modulated into the sidebands.

In the tabulation of the command channels at both VHF and S-Band (Tables 6.3-3

and Table 6.3-4), the bit rate is assumed to be 128 bps. Command standards re-

quire that the two tones be separated by at least twice this amount; practically,

separation is many times greater and filter bandwidths only wide enough to pass

the energy spectrum defined by the bit rate.

With the above considerations in mind, it is interesting to note the results of the

analysis. Inspection of both Tables 6.3-3 and 6.3-4 show that the performance

margins are quite adequate. For the VHF carrier, the worst-case margin is 32.7

db and for S-band, 37.7 db. The data channel margin, worst-case, is 25.2 db for

VHF, and 33.0 db for S-band. These comfortable margins are due largely to the

6-6Z
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TABLE 6.3-3

PROJECT :

C HANN 5]_:

MODL :

NO.

1

2

3

O

7
8

9
IO

Ii

12

13
:It_

ARC MULTIPIA_ SATELLITE DATE:

Eartl_-to-Satellite_ PCM/FSK/PM, P_= 10 -4, RB= 128 bps

.... Y_LF CQg_r,and Link, Grad. Ant = 20 d_bbx__Pa = 5 kw

PABAMgTER

Total_Tr_nsm£tter Power (5 kw)

Transmlttlng Circuit L¢s

Transmitting Antenr_Gain

T,a, mmitting Anterma ntinK Loss

Space Loss ( 148 me, 21,000k m)

Polarization Loss

Rece[vlna Antenna Gala

Receiving Antenr_ Pointing Losm

Recelvlng Circuit Loss

Net Circuit Loss

Tt_tal Received Power

Rc,-eiver Noise Spect_l Density_

(N/B) (T System =I "250 uK)

Carrier Modu/_tion Lose _=_70 °

Rocelved Carrier Power

Carrier APC Noise BW (P_'LO " I00 H_ I

VALUE TOLERANCE
67.0 dbm +I.0 -l.0db

-1.5 db +0.5 -0.0db

20.0 db +0.2 -0.5

-0.2 db

-177.5 db

-i,_ db

-1.5 db

-0.2 db

+0.2 -0.5

+1.,5 -1.5 .
+1.5 -1.5
+0.2 -0.5

8OUBC_

Specified

Specified
Calculated

Calculated

_alculated

Estimated

Estimated

Estimated

-1.3 db +0.0 -0.8 Estimated

-163.7 db +5.9 -4.8

+6.9 -5.8

+0.8 -0.8

+O.5 -0.5

-96.7 dbm

-166,7 dbm/Hz

-3.6 db

-100.3 dbm +7.4 -6.3

Calculated

Calculated

11- 13

20.db - Hz +I.0 -I.0 Assumed

CARRIER PERFORb_E - TBAOKINO (One-Way)

:17|Thr,:nhohl Carrier Power

[A_ L_Pcrfo_uance Margin

CAPd{IER PERFOF_4ANCE - TRACKINO (Two-Way)

[19[ Threshold SNR in o_ _)

120 [ Threshold Carrier Net
[21 Perfo_nce Mar_In

CA]_}t[£/I PEKF0_E -

]23|Threshold Carrier Power

_| Performance Mar£in

I̧ I I
I 9 db ...... ES_ imated

-137.7 dbm +1.8 -1.8 12 + 15 + 22
I 41.0 db +_ -8,3 l 1_, - 23 I

DATA CIIANNEL

q)7-Modulation Loss _ (b : +70 °

O| Received Data Subcarri_r Power

7! Bit Rate (l/T) 128 bps

L'8 Required ST/N/B

[291 Threshold Subcarrler Power

Performance Mar_in

SYNC C flANNEL

- 3.0 db +0.5 -0.5 Calct, lated

-99.7 dbm +7.4 -6.3 11 - 25

_i.I db-_z ...... Calculated

13.2 db +0.5 -0.5 Calculated

-133.5 dbm 1.3 -1.3 12 + 27 + 28

+32,8 db +8.7 -7.6 26 29

FhTMoaJ t1 Los s

llJ3 Syne AI_. Noise _(2BLO "

13_I Threshold S_R in _LO

15_I Threshold Subcarrier P_er

_/ Perform ace M_rRin

COM_NTS : (;-63



TABLE 6,3-4

: ARC MULTI-SATI.:I,I,ITE DATK: I2/21/66

Cl_N_;_,: __Lou-.d__Lo S__at_,,!_!t__"_. PCMIVSKIm; Pe -- 10. _;___SB__--_128 b/s;
MOI)I,: :_-hand (1800 MHz) Command [,ink, Ground Antenna = 4].5 db, Po = 5 kw

NO. PARAMI,T ER VAI_E TO_IR

41,5 db
-0. I .db

-199.2 db'

+2.0 db

0 db

/
-170. l dbm/Hz

-i3.6 db

+I.0 -I.0 db

SO_NCE

+0.5 -0 db

+0. I 0.I db

+3.0 -l.O db

+0.0 -2.0 db

+0 - 1 db

+1.4 -3.2 db

+0.5 -0.5 db

-(_3.4 dbm +5.6 -6. I db

;!] db-Hz +0.5 -0.5 db

-Reference #l -

Reference #1

Reference #1

Calculated

Calculated

Calculal _d

Estimated

Estimated

Estimated

Z (2-9)

(i-io)

Calculated

Calculated

ll-13
I

+1.9

+45.'7 db +6.4

Rate System Specit ica't ion, l.:×hibit "..V', _4-531-P-17,

/
/

t
/

__A
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5-kilowatt transmitter power assumed. Unintentional activation of the command

system by spurious signals in the command frequency band is not an uncommon

experience, and such activation can seriously affect mission accomplishment.

These margins are particularly attractive, therefore, since they accrue with no

penalty to the primary criterion of scientific data collection and transmission.

There are few parametric trade-offs involved in the RF portion of the command

subsystem. For example, increasing the modulation index to accommodate higher

command data rates results, of course, in more power in the data channel and

less in the carrier. However, command data rates for the 1970-71 period are not

expected to exceed 2000 bits per second, and the requirement for higher data rates

does not exist for this mission. The selection of either VHF or S-band is not

clearly indicated on the basis of a link analysis. Such a choice depends on exterior

considerations such as spacecraft antenna, spectrum occupancy, range tone trans-

ponding and ground support facility.

The assumptions underlying certain estimates in Tables 6.3-3 and 6.3-4 are note-

worthy. Item 12, the receiver noise temperature, was based on a transmission

line temperature range of 0 ° - 120°F and a receiver noise figure of 6 db. This

noise figure represents a cost item, and, in view of system margin, might be

relaxed to 8 db. Carrier AlaC noise bandwidth was assumed as 100 Hz. This was

based on previous transponder designs and represents a compromise between

false-carrier lock and large acquisition time for phase-coherent carrier detection.

This item also represents a possible cost trade-off, si,_ce a discriminator, rather

than a carrier phase-lock-loop might be employed in view of the signal-to-noise

margins. This, however, must be considered in terms of spectrum occupancy

and the probability of spurious commands entering the receiver. The remaining

estimates are based on the same considerations which apply to the telemetry link.

6.3.3 Tracking Link Analysis

It was established in Section 6.1.5 that the S-band Goddard Range and Range Rate

system was preferred for satellite tracking and that angle-tracking was preferred

for the carrier module. The following analysis considers first the up-link and

[pH,-Co]H
PHmLCO-FOmO COmPORATION
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down-link budgets for the S-band GRARR systems, then a comparative link

analysis for VHF vS. S-band GRARR down-links, and finally a link analysis of the

VHF beacon for angle tracking.

Table 6.3-5 is a tabulation of items pertinent to the up-link performance of the

S-band GRARR system. The basic system gains and losses (Items 1-12) are the

same as for the command link. The modulation index (_ = 1.06 radians) is that
7

specified in a performance analysis by Kronmiller and Baghdady. Item 15,

Carrier APC bandwidth, assumes use of a carrier tracking loop in the satellite.

As in the discussion concerning performance of the command link, the requirement

for a narrow band carrier tracking loop must be justified on the basis of other

system considerations, since the carrier performance margin of 39 db in the

worst case is more than adequate.

Item 27 assumes an IF bandwidth wide enough to pass the highest frequency range

tone, 500 kHz. Since the range tones are not detected, but are translated to an

IF frequency, a signal-to-noise ratio of 10 db in this bandwidth was postulated.

The effect of these assumptions is to add the up-link noise to the down-link noise.

This reduces the carrier power available for the ranging, because it modulates

the carrier along with the range tones. This effect will be considered in the

down-link analysis. The up-link performance margin for the worst case is noted

tobe 2.6db.

Table 6.3-6, a tabulation of the down-link tracking budget, _ssumes a 2.0 watt

transmitter power in the satellite,where only I.8 watts (or 90 percent of 2 watts)

is available signal power. The remaining 0.2 watt is up-link noise power which,

after space attenuation, is added to the noise power at the ground receiver.

6-66
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TABLE 6.3-5

PROJECT: ARC MULTIPLE SATELLITE

CI[ANNLL: (;RARR UP-I.-/NK; S-Band e

MODe:: ___ TRACKING

NO. PARAMkT ER

I0

ii

12

_3

1 1 To-t'_i Trsnsmitter Power 5 kxq

i Transmitting Circuit Loss
Transmitting Antennm Gain

Transmitting Antenna Pointing Loss

5] ,Since Los, ( 1800 me, 121,O00km)

o

7

DATE:

VALUE TOI_2ANCE SOURCE
..................................

_7.0 dbm

-I 5 db

+41.5 db

-0.I db

-[99.2 db

+i.0 -I .Odb

+_, 0 db

0 d b

Polarization Loss

Recetvlng Antenna Gain

Receiving Antenna Pointing Lees

Receiving Circuit Loss

Net Circuit Loss

T,,tal Received Power

R_ceiver Noise Spectral D eD_sity

(N/B) (T System : 700-_) OK)
Carrier Modulation Loss _$ = 1.06tad

[_ccetvrd Carrier Power

Carrier APC Noise BW (2BLO • lOOHz )

CARRIER PERFORMANCE - TRACKING (One-Way)

]_{r Th ' :;hOiZ N ZBLO
117 T!w,,nhold uarrier Power

Lit! ]. p_, ri'orn_n_ce_Ma;_'gi n

+0.5 -0 db

+0.5 -0, _ dh

+0 -0 db

REF #t

REF #l

_F #t
Calculat _d
Ca lcu lat ed

-0.5 db +0.1 -0.1 Calc,lated

-1.0 Estimated+3,0

+0 -2,0db

+0 - 1. Odb

+4.1 -4, _db

+5. I -5.6 db

-I.0 db

-158.8 db

-91.8 db

+1.4 -3.2db

Estimated

E_t imated

z (2 ---" 9)
1 + 10

-170.1 dbm/Hz

-2.7 db

20 db-Hz

Calculated

+0.1 -0. ldb Calculated

-94.5 dbm +5.2 -5.7db 11 13

+0.5 -0.5db

l I ...........1
CARHILR PkRFOF_dANCE - TRACKING (Two-Way)

........

[1() '[_'ll'L'_hold _'_ in -°_LO

21P0 't'hrc,,_hold Carrier Power
.... Performance Mar._In

I I ...............1
CA Rid Ell PENFOF_h%NCE -

........ ZBLO122 Threshold SNR in

123 Threshold Carrier Power

UATA CILANNEL

_5-l-fiS,f6/ation Loss : fb : 1.06

201 Received Data Subcarrier Power
T

127| Bandwidth i blHz

_13_ Required ST/N/B

_)j Threshold Subcarrier Power
..... Performance Mar__i n

+9 db Est imat ed
-141:1 db -+-_.9 -'t 7 225_+-75

+46 6 db T--_]-+8-9 -7:6 _ ]dJ_

+0,5 -0.5db Calculated

+5.6 -6. ldb 11-25

60 db-Hz +0.5 -0. 5 Ass,reed

oYN_. C IL_NNEL

+0.5 -0.5 Assumed

+2.4 -4.2 12+27+28

+3,2. -1.9 26 - 29

l -3.8 db

-95.6 db

tO db

100,1 db

4,5 db

IjlI_G,i,,inti6n LoSs

_2_ Hecelved Sync Subcarrler Power
J3| S_1c Am Noise BW(2BLO • )

Jkl Threshold SNR in ZBLO

[35[ Threshold Subcarrler Power

_J P_rfon_ance Mar_in

C OMMAN_FS :

Rt-:F :.:1: GK\RR '4\.._;tem Specification, Exhibit "A", NASA/GSFC, 5-531-P-17, May 1966.
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TABLE 6.3-6

PROJECT : A RC MULT[ -SATELLITE

_I, NE],: b PACECRAFT TO EARTH._[ _,B___6.AND__ ---G fi-X-R-R _y s_e rn Down-Link

NO

1

2

31

5'
O

7
fl

9
lO

ll

.1U

t3
lh

15

ll- (, T

2253 MH z, TRANSPONDING

DATE:

PARAMkTFAI

r0tal Transmitter Power (l.8watts)*

TrBn.mltttng Ctreult Loss

Transmitting Antenm#L Gain
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Items 1 through 15 (Table 6.3-6) are the same as those forthe telemetry link.

The 0.2 watt of noise power in the 1 MHz bandwidth represents a noise contribution

at the satellite of -37 dbm/Hz. When attenuated by the net circuit loss of -159.26

db, this represents a noise spectral density at the ground receiver of -196.26 dbm/

Hz. This is more than 20 db below the noise spectral density due to system noise,

and can thus be neglected in computing system performance.
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Item 22, the threshold S/N in the carrier isolation bandwidth, is related to system

range rate error as shown in Figure 6.3-2, and for a 2BLo of 60 Hz is 16 db.

Under these conditions we note that the worst-case carrier margin is 6.7 rib.

Item 28 (Table 6.3-6), the required ST/N/B, is related to the range error, and is

plotted in Figure 6.1-5. For a specified range error of 10 meters, the required

S/N is 11 db. Item 30, the worst-ease range channel performance margin, is

greater than 10 db, which summarizes the total tranaponding link analysis.

TABLE 6.3-7

TRACKING LINK DESIGN

Assume: P. = 10 watts VHF S-band
in

A_ carrier =

rad.

A._ 20 kHz tone

: 0.7 rad.

A,_ 500 kHz tone

-- 1.06 rad.

1 channel oper. @
S-band

carrier 20 kHz

tone

carrier 500 kHz

tone

Total XMTR 37.4 dbm (5.5 watts) 33.0 dbm (2.0 watts)

35.07 dbm

-176.2 db

-1.5 db

+22.2 db

-2.5 db

-122.93 dbm

-169 dbm/Hz

20 Hz

+33.07 db

22.08 dbm

-176.2 db

-1.5 db

+22.2 db

-2.5 db

-135.92 dbm

-169 dbm/Hz

0.1 Hz

+43.08 db
I

5.5 meters

Spacecraft power out

Space loss (121,000 km)

Satellite Antenna gain

Ground Antenna gain

Misellaneous losses

Received signal power

Receiver noise density

Receiver banchvidth

Received S/N ratio

rmz range error (meter)

27.18 dbm

-201.16 db

+2.0 db

+41.5 db

-2.1 db

-134.58 dbm

-175.2 dbm/

Hz

20 Hz

+27.62 db

O. 1 meters

26.07 dbm

-201.16 db

+2.0 db

+41.5 db

-2.1 db

-135.69 dbm

-175.2 dbm/

Hz

0.1 llz

+4.9.51 db
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Since the use of either S-band or VHF Goddard Range and Range Rate Tracking

was one of the options available for evaluation, a comparative analysis was made

of the down-links of both systems. Table 6.3-7 presents the results of this

analysis. It was assumed that the primary input power was ten watts in both

cases. The constraints are that the VHF systems highest major side-tone was

20 kHz, and that only one-channel of the three available at S-band was employed.

The modulation indices assumed were those specified as optimum for both systems.

The results of this analysis clearly indicate the advantage of S-band over VHF.

VHF Beacon. To provide angle tracking at VHF requires only sufficient signal to

noise power ratio in the ground receiver. For "sum" channel noise ratios of 10

db, the rms angle tracking error due to thermal noise in the receiver can be ex-

pressed as9:

1 S/N -1/2
_O_K

-1
where K = 0. 077 mr

(Milliradians)

]

f

/

A S/N = 10 db results in an rms angle(error of 0.75 degrees, which is within the

accuracy specified in Table 6.1-2. T!ble 6.3-8 is a tabulation of losses and gains

for a 1 watt VHF beacon Spacecraft-tt.-Earth link operating in the tracking loop,

Item 18, performance margin indical!.'s a worst-ease margin of 1.5 db. Thus,

tracking within the specified accuracy is _msible. In addition, a very low tele-

metry data rate, such as might be requir tJ for the radial configuration could be

accommodated. Higher telemetry rates _)uld be accommodated at shorter ranges,

or with reduced tracking accuracy. 'rhef_, options have not been evaluated here,

but a trade-off of these two alternatives _ersus increased beacon power would pro-

vide guidance in a final choice of designI_arameters.
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TABLE 6.3-8

PI_AYECT: ARC: MIII.TIPI.E SATEI,LITE

CIL_NN£_,: VHF BEACON; Po = II watt. (136.0 MHz)

MOI)t', : ANGLE TRACKING

NO PKNAM_TF_

1 total Transmitter Power I watt

2 Trmnsmlt%Ing Circuit Loss

J Transmitting Anter_ O_In

h Tvansmltting Antenna Pointing Loss

5 ST_ce Loss ( 136 mc, 121,000Mm)

o Polarization Loss

7 RecetvinK Antenna Gain

8 Recelvlu6 Antenna Pointing Loll ,,

9 Receiving Circuit Loss

i0 Net Circuit Loss

ii T,,tal Received Power

12 Rc,=elver Noise Spectz_l De/ks_ty_

(N/B) (T System = 913 +135°t_U _)
'13 C_rricr Modulation Loss

jll_ Rceolve_ Carrier Power

]._ Carr,'.er JUvC _oise BW (_mLO -60 Hz )

CARRIER PERFORMA_E -

DATE:

VALUE TOLERAI_E BOUFICE

--30- dbm ........ -+--I.0 - I. Odb S p-_c-ifie d.....
-I.0 db

-1.5 db ....

0.0 -I.0 dh

+I. 5 -I. 5db "

Included in 3 "

-,176.8 db
].5 db

20.0 db

Included in 7/7

+1.5 - l. 5db

+1.0 -0.5db

II It II

C160.8 db +4.0 " -4.

-130.8 dbm +5.'{) -5.5

-169.0 dbm/Hz

-0-

130.8 dbm

17.8 db-Hz

TRACKINO (One-Way)

+2,4

+5.0

+0.5

[IATA CItANNEL

Mo, h'l_t ion Loss

Rrcelved Data Subcarrler Power

Bit Rate (l/T)

Required ST/N/B

Threshold Subcarrler Power

P_r forrr_nce MKr_In

SYNC C RANNKL

Calculated
Estimated

Specified

'] f ]-.,:_:iiLm ti on L-Js• ....

32|R_ceLved Sync S_ Dcarrler Power
j3ls_c A_ _otse Bw(eBIm -
31_I Threshold SNR in _BLO

351 Threshold Subcarrier Power

L__OL___Perrorvmnce Mar_ tn

COMMENTS :

S pec if led

Specified

Z (2 .----_9)

I+ I0

-0.5 Calculated
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6.4 SPACECRAFT ANTENNA CONSIDERATIONS

The spacecraft antenna considerations fall into two groups: carrier module antena

and satellite antenna. Within each of these groups, consideration is given to the

two proposed configurations: radial and stacked.

6.4.1 Carrier-Module Antenna

In the configurations considered, a group of four satellites is clustered together

after having been spin-stabilized and boosted to final orbit velocity. After the

booster is jettisoned, the cluster is left in a "coast" condition. At the appropriate

time, commands are transmitted which cause satellite separation, placing the

satellites in their proper orbits. A command antenna is therefore required for the

carrier module, or cluster. This antenna is also to be used with a beacon trans-

mitter for tracking and telemetry.

Figure 6. 4-1 shows the orientation of the radial configuration at various positions

in the orbit. The arrows indicate the direction of the forward end of the cluster.

Figure 6. 4-2 illustrates the fact that for the stacked configuration, the carrier

module spin-axis will be erected normal to the orbit plane, thus imposing different

antenna pattern requirements. Figure 6.4-3 is a close-up view of the radial con-

figuration, and Figure 6.4-4 is a close-up view of the stacked configuration. The

following paragraphs discuss antenna concepts for the two carrier module configu-

rations.

Stacked Cylinder Configuration. The command antenna for this configuration is to

have pattern coverage near 90 degrees to the spin axis with coverage continuing

through the region toward the rear, or toward the position of the third stage motor.

Coverage is to be omni-directional about the spin axis. S-band or VHF may be

used for this command function. At the time of use of this system, the booms will

have been deployed, but the effect of boom excitation is probably negligible.

S-band circular array of one satellite. One suggestion for the

telemetry antenna for this configuration was a cylindrical array
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Figure 6. 4-1 Orientation, Radial

Configuration

Figure 6. 4-2 Orientation, Stacked

Configuration

£

Figure 6. 4-3 Radial Configuration Figure 6.4-4 Stacked Configuration
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about the satellite. This antenna on one of the two central units might

be used for the command system. The pattern while looking through the

carrier truss is undetermined but it may be suitably uniform in azimuth.

A drawback will be that the lobe (gain) will fall off rapidly toward the

rear direction.

An S-Band "bent stub" array on the aft satellite. A cylindrical array

of vertical stubs on the cylinder face will generate an omni-directional

azimuth pattern if near enough to the edge. If the stubs are all bent in-

ward and fed in a phase progression of 2 _r radians around the circle,

circular polarized energy will be available in the aft direction. A second

array would be required on the inner satellite pair. This approach

would probably require a large number of elements placed within inches

of the edge of the face to achieve reasonable broadside directivity and

seems unnecessarily complex.

A VHF "bent stub" array. This array could consist of just four elements

placed at corners of a square of about _t/3 on a side. The wavelength is

long enough compared to vehicle size (42.5" dia.) for a good azimuth

pattern. Phase progression feeding will fill in the aft null. Again, a

second array is required for the inner satellite pair.

A single VHF stub placed in the center face of the forward satellite. At

this long wavelength, the azimuth coverage will be good. However, the

deep null in the aft direction may not permit use of the single stub an-

tenna.

A turnstile array at VHF (136 MHz) about the mid-section. This an-

tenna will develop circular polarization off the tail and linear in the 90

degree equatorial plane. Since the elements will be over a half wave-

length apart, some pattern ripple will occur in this 90 degree azimuth

plane. However, an important advantage for the antenna is that only one

is required with no complexity of separating coaxial cables (luring thc

vehicle separation.

6-75

I PHILCO !IE_
pMILCO-Ft)mO C(_RPORATtON

Space & Reentry
Systems Division



SRS-TRI46

Radial Configuration. The command antenna for this configuration is to have

pattern coverage in the azimuth about spin axis. The expected requirement will

be in directions near 90 degrees from the spin axis with no requirement at angles

near the spin axis except as required by the transponder. Booms will not be de-

ployed when this command antenna is required.

Suggested telemetry antennas for this configuration included a belt cylindrical

array about each satellite or an S-band unit that nests up within the booms prior

to their deployment. Neither of these approaches offers much promise as a com-

mand antenna prior to vehicle separation. An S-band approach does not appear

reasonable for this configuration (nor the other configuration for that matter) be-

cause of gross vehicle size. An S-band unit would probably need to be held about

five or more feet away to reduce the effect of the vehicle on pattern coverage. The

following VHF antenna alternatives, therefore, were considered.

A four element VHF array, one element on each satellite aft face. This

group would not use bent stubs since aft coverage is not required. These

radiators would now be near enough to the edge of these aft faces so that

reasonable omni-directional azimuth coverage is provided.

A single VHF stub centrally located on the aft faces and erected after

third stage separation. At a low enough frequency (136 MHz) this unit

would give reasonable dipole type coverage; the totla of four satellite

faces is only about one half wavelength in diameter. The antenna does,

however, have a deep polarization null off the aft axis. Its major ad-

vantage is that upon the separation of the four vehicles, no coaxial lines

need be broken or separated.

Based on these considerations, the preferred antenna design alternative for the

radial configuration is a VHF quarter-wave whip, spring mounted to the carrier

mechanism and erected after separation of the booster. For the stacked configura-

tion the preferred alternative is a VHF turnstile (crossed dipoles) which will pro-

vide spherical coverage -- an important consideration because of carrier reorien-

tation prior to satellite separation.
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6.4.2 TT&C of Carrier Module by Satellite Telecommunication Subsystem.

For the radial configuration, serious consideration was given the alternative of

using the S-band antenna and associated transponder on-board one of the satellites

in the cluster. This alternative was discarded on the basis of the following con-

siderations.

10 DB

NULL

Assuming the use of a bi-conical horn, and assuming that the satellite booms are

folded during the "coast" phase, the boom structure, which is fabricated of con-

ducting material will cause pattern distortion in the equatorial plane of the module

as illustrated in Figure 6.4-5, where point "A" represents the spin-axis of one

Nulls exceeding 10 db might be expectedof the four radially mounted satellites.

for a window of 0 to 270 degrees.

/

/

f 180°

c\
e\

CARRI E R

SPIN AXIS

270 ° 90 °

D

SATELLITE
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/
/

Pattern Distortion on Radial Cluster
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For this situation, and for a dispenser spin rate of 120 rpm, or 2 cps, full signal

strength exists for 125 milliseconds, with the balance of one revolution of the

dispenser experiencing nulls. Since the radiated signal is assumed to be the

transponded down-link S-band range and range rate signal, a requirement of at

least 10 db margin exists in the tracking down-link I-F system lock is to be main-

tained. This is not the case as can be verified by inspection of the down-link

budget analysis (Table 6.2-5).

Alternatively, if 125 milliseconds is adequate for the GRARR system to acquire

lock and perform a measurement, this technique might work effectively. The time

to acquire and perform range and range rate measurements is the time to perform

the following operations:

a. Ground receiver phase-lock loop acquires

b. Sub-carrier phase-lock loop acquires

c. Apply ranging tones to signal transmitted from the ground

d. Propagate range tones to satellite receiver and back to ground

e. Pull in and lock range loops

f. Lock-in of Hybrid Acquisition system

g. Multiplication and integration of received and reference codes.

Assuming a carrier loop acquisition bandwidth of 200 Hz, a threshold signal level

of -142 dbm (105 km range, I watt transponder), and a parallel mode of operation

wherein all ranging tones acquire concurrently, the following tabulation indicates

the time required for acquisition. This time is exclusive of the smoothing time

necessary for realization of stated range and range rate system accuracies.

a. Turn on transponder & RF returns to ground receiver

b. Carrier loop locks

c. Subcarrier loop locks

d. Range tones transmitted and received

e. Tone loop lock time

f. Digital tone extractor locks

g. Hybrid acquisition begins

h. Code designate time
6-78
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Total Acquisition Timeis 16.31 + (4.0) N seconds where N - number of correla-

tions of received and reference code sequences. Clearly, the system acquisition

and data measurement time far exceeds the time available in a fraction of the

dispenser rotation cycle.

Additional considerations for use of satelliteS-band transponder in "cruise" phase.

The initialconcept envisioned use of a single satelliteGR&RR subsystem; however,

antenna pattern distortion and unbalanced power drain among the four satellites

generated the idea of possibly activatingall four satellites. In this mode, ifall

four satellitetransmitters radiate on the same frequency, the tracking of individual

satellitesfollowing separation is precluded, and would be impractical, ifnot, in

fact, contrary to the principles and practices of ground station support. Alterna-

tively, the transmission of signals on separate frequencies makes the acquisition

problem due to antenna pattern distortion similar to the problem when only a single

satelliteof the four is energized. For these reasons, use for carrier module

telemetry tracking and command was abandoned in favor of an independent TT&C

receiver-transmitter-antenna mounted on the carrier frame.

6.4.3 SatelliteAntenna

An S-band antenna (_ 5-1/2 inches) is required which will develop a uniform

toroidal (azimuth) pattern about the spin axis of the vehicle. Nulls are allowed on

or near the spin axis, and beam narrowing may be permitted if significant antenna

gain is required. This azimuth radiation pattern should remain fairly constant for

any given cone angle measured from the spin axis. This is be(muse any amplitude

variationof the pattern will appear as an amplitude modulation of the received sig-

nal at the vehicle spin rate. The following paragraphs present design alternatives

for statellite antennas.

Stacked Configuration. One vehicle configuration for consideration is a flat cylinder,

43 inches in diameter and 12 inches high (stacked configuration). Three booms are

to be erected in space, located 120 degrees apart around the cylinder. Such a de-

sign is not conducive to the development of good azimuth coverage at a short wave-

length.
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Boom-Mounted Dipole. The usual method to obtain such coverage would

be from a dipole, or biconical type of radiator with axis on the spin

axis. However, the vehicle may interfere with this pattern since it is

large, about 8 wavelengths in diameter. Such an antenna would need to

be mounted some distance away to avoid this problem. An erecting

boom might be used to accomplish this. An experimental pattern study

would be needed to determine the best arrangement for this.

Cylindrical Array. A cylindrical array will also generate an omnidirec-

azimuth pattern. Ideally, a continuous "in phase" radiating source

around the cylinder is required. This may be simulated by closely

spaced discrete sources. As fewer sources are used, becoming farther

apart, the azimuth pattern develops larger relative lobes until finally

deep nulls are registered. A maximum spacing of about 3/4 wavelength

might be used for maintaining a good uniform pattern. Again, this de-

pends upon system tolerance of signal amplitude variation as the vehicle

spins.

The 43"inch diameter indicates that 33 radiating elements are required

at a spacing of about 0.744 wavelengths. These elements could be a

variety of things as follows:

a. The planar spiral, cavity backed. A planar spiral (printed) about

0.7 wavelength diameter and backed by a cavity about 2 inches deep.

This will develop circular polarization.

b. Dipoles mounted either longitudinally or ciroumferentially about the

cylinder. These half wave dipoles should be placed about 1/4 wave-

length from the cylinder surface. Linear polarization.

c. Crossed dipoles mounted as above and in phase quadrature will

develop circular polarization.
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Radial Configuration. Another (and more desirable from the antenna standpoint),

configuration has been suggested. This cylindrical design is 21 inches in diameter

and 26 inches long with a recessed belt area around the central region which may

be ideal for mounting a cylindrical array. The array could consist of 16 radiators

mounted within the belt region. The longitudinal dimension of the radiators may

be extended to achieve a narrower elevation beam and additional gain. The elements

would be the same as those discussed above. Also for this configuration the use of

a dipole (biconical) on the spin axis becomes more attractive. The smaller diame-

ter will tolerate a closer spacing of antenna to vehicle body.

Based on considerations of satellite dimensions, pattern coverage, and mechanical

constraints, the preferred alternatives for an S-band satellite are the biconical-

horn for the radial configuration, (Figure 6.4-6) and the cylindrical array for the

stacked configuration (Figure 6.4-7).

Figure 6.4-6

lPM'L=°Jm
IOHILCO. PORO COlqPOqATIO hi

Bi-conical Horn Satellite Figure 6.4-7
Antenna
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6.4.4 Antenna Beam Shaping

In the development of satellite antenna trade-offs, a problem of providing adequate

earth coverage at low altitudes while maintaining maximum antenna gain presents

itself. The problem arises because the satellite spin axis is normal to the ecliptic

and not normal to the orbital plane. This phenomenon is discussed at greater

length in Section 7.4. Figure 6.4-8 illustrates the situation.

SATELLITE
SPIN-AXIS

SATELLITEANTENNA SEAM

(TILT ANGLE) 8

ECLIPTIC

/

/

Figure 6.4-8 Satellite to _'ientation Relative to Orbit Plane

4

It is fortuitous that the effect of the "'tit" is greater at smaller slant ranges, be-

cause tMs allows us to postulate a hy_)thetical antenna pattern wb.ich will meet

both the earth coverage and gain requ!rements. Table 6.4-1 tabulates the "tilt"

angle, the slant range and the requirid gain versus true anomaly in orbit. Since
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the tilt angle is the same as the beam angle in the elevation plane, and since the

required gain can be defined in terms of this angle, an antenna patt ern can be

derived.

The antenna pattern shown dotted in Figure 6.4-9 represents relative power levels

required as a function of the angle measured from the spin-axis normaJ. There-

fore, the dotted pattern represents the required relative antenna gain based on

considering the tilt of the spin axis relative to the orbit normal (which is the view

angle from the satellite antenna to earth) and the slant range, both as a function

of the satellite position {true anomaly) in orbit. The solid line represents a pos-

sible antenna pattern which, in fact, can be approximated by a simple dipole.
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TABLE 6.4-1

"TILT" ANGLE, SLANT RANGE, AND GAIN FOR ORBIT ANOMALIES

True Anomaly

180

200

210

220

225

250

270

Off-Axis Angle

(degrees)

Slant Range

0 M)

15 ° _- 4 o

0 44 °

12° =_4 o

21 ° _ 4 °

25 ° ± 4 °

45 ° ± 4 °

59 ° _- 4 °

12,181

75,412

5i, 491

39,505

27,687

12,986

6,104

Required Antenna

Gain (db)

0

4.16

7.44

11.6

12.8

19.8

25.9

Note that the first null must exceed a 60-degree half-angle to obtain full coverage.

The solid curve is chosen to have its first null at 70 degrees, and this approxi-

mates the half-power beamwidth; i. e., 70 degrees. This pattern is not that of

a simple dipole which has a half-power beamwidth of 78 degrees, but is instead a

beam somewhat narrower. It should be noted that the peak gain can be greater

than that from a dipole, and, depending upon the actual design, may exceed 2db

which was assumed as an antenna gain figure in the link budgets for S-band. For

instance, a bi-conical antenna nearly a wavelength long might be used to obtain

this particular beamwidth.

[p.,Lcolm
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6.5 TELEMETRY SUBSYSTEM FUNCTIONAL DESCRIPTION

6.5.1 General

The telemetry subsystems of the satellites monitor and encode data from the

scientific experiments, attitude control sensors, and engineering status activities.

These data are processed for storage by means of a high performance tape

recorder for subsequent playback. The data may also be transmitted to the

STADAN ground stations in real-time depending on the mission phase.

In addition, the parameters associated with the multiple satellite holding struc-

ture, attitude control, and dispensing mechanism, may be monitored and trans-

mitted to the ground by a parallel channel in real-time.

6.5.2 Mission Recluirements

6.5.2.1 Primary Satellite Telemetry Requirements. The primary satellite

telemetry requirements are:

ao Accept data from on-board scientific experiments, encode and relay

this data to the ground stations.

b° Operate with two scientific instruments: a magnetic field measuring

device and a particle / energy detector. The bandwidths of these

instruments will be less than or equal to 1 Hz.

C. PCM telemetry data format for accuracy and compatibility with future

data processing and data linktrends.

d° PCM word length of 7 bits for system resolution and accuracy

capabilities.

e. Error rate of 1 in 10 4 for PCM data, 1 in 10 3 worst case.
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f. On-board time reference base for experiment data acquisition time

correlation.

g. Operate with existing STADAN ground station and data processing

equipment.

h. Provide for status and diagnostic telemetry, specific points to be defined.

6.5.2.2 Secondary Requirements. In addition to the specific requirements

stated in the previous paragraph, the following additional recommendations are

made:

a. Operational: The satelliteorbit and power place limitationson the

TLM data transmission rates and hence on the data measurements and

the sampling rates. To meet the mission requirements, several

telemetry modes are proposed. These are described in Section 4.

b. Configuration: To meet the system requirements, the following

configuration c,_nterlines have been established:

Incorporation of a tape memory to permit recording of essential data

at apogee and playback to the ground stations at perigee_

B Maximum use of high reliabilityparts and space proven techniques to

meet the projected one-year lifetime. (This is in preference to a

partiallyor fullyredundant system which would increase the space and

power required and the manufacturing cost.)

Maximum use of the Space & Re-entry Systems Divisions existing

field-effecttransistor (FET) and integrated circuit (IC) components

and technology to minimize the development costs on the subsystem.
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C° A separate real-time channel to accommodate the limited TLM require-

ments for the multiple satellite holding, altitude control, and dispensing

mechanism.

6.5.3 Recluired Subsystem Functions

6.5.3.1 Mission Telemetry Profiles. Figures 6.5.1 and 6.5.2 illustratethe

mission profile as itrelates to telemetry operations. The figures are subdivided

into two main categories - vehicle and satelliteactivitiesand telemetry (TLM)

activities. During each phase of the mission, the scope and degree of interest in

TLM measurements shifts. This is indicated in the figures by the profiles of the

TLM parameters from the various TLM sources.

a. During launch, ascent, and up to payload separation, TLM will not be

required.

b. Following payload separation, attitudedata will be transmitted in real-

time from the carrier module for the stacked configuration.

C. As the STADAN stations acquire, the initialsetup and verification of

the satelliteorientations and orbits will take place. During this period,

engineering data (which includes attitudedata) will be transmitted in

real-time from either the central module and/or the satellitesdepending

on the particular configuration and phase.

d. Following the proper orientation of the spin-axes of the satellites and

the orbital determinations, the mission will enter the phase during

which the scientific data will be of most interest. During this portion

of the missions, the TLM subsystem will be required to operate in five

distinct modes as indicated in Section 6.5.4.
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TABLE 6.5-1

DATA PARAMETERS

Subsystem

Experiments

Magnetometer

Particle Detector

Attitude Control 1

Pressure

Spin Rate 2

Sun Angle

Roll Angle

Command Decoder

Power

TLM

Encoder/MPLX

Tape Recorder

Time Data

RF

Receiver

Transmitter

Total

No. of Input Data Parameters

Analog Discrete

3

2 2

1

1

1

1

8

16

3 4

3 6

2

1

2

29

2

3

3O

2

The Attitude Control subsystem parameters are monitored
on the Central Module for the stacked configuration or on
each of the satellites for the radial configuration.

Not required to be monitored for the stacked configura-
tion.
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6.5.4 Telemetry Modes

The requirements and various operating conditions described in the preceding

paragraphs can be summarized in terms of modes as follows:

Mode 1 - Standby, no telemetry equipment in operation.

Mode 2 - Engineering data transmitted in real-time at the low bit rate of

approximately 112 bits per second. These data will be trans-

mitted from the carrier module for the stacked configuration.

Modes 3a -
and 3b

Science and Engineering data transmitted in real time at the

medium bit rate of 1120 bits per second. These data will be

transmitted from the satellites; Mode 3a emphasizes science

data and Mode 3b emphasizes engineering data.

Mode 4 - Science and engineering data recorded at the medium rate of

approximately 1120 bits per second. The science data will

constitute approximately 95 percent of the data recorded. The

record time is a function on the recorder capacity and will

range from a minimum of 3.0 hours for a recorder capacity

of 1.25 x 107 bits to 10 hours for a recorder capacity of

4.0 x 107 bits. At the conclusion of Mode 4, the telemetry

subsystem will normally reset to Mode 1.

Mode 5 - Playback of the magnetic tape memory at a high rate. The

cycle time for this mode will be a function of the tape recorder

capacity, and the playback rate. The playback rate depends on

variables such as the available power and the ground station

availability. Figure 6.5-3 illustrates the relation between

recorder capacity, playback rate, and playback time.

6-91

lpaco & Reentry
lylterns Division



SRS-TR146

o

o

Id o
r,,.

Z o

n,

I11 o

<
.J

W m
J
m

_u w

!g

b/
D-

°*o v,

,,Z ._

,,YJ ,q

2" _,,g

N

1 1 i l/m J If I I I I _ t I 1 I 0

(sBnOH) '_I, NI.L )4OVeAV-Id

u,1

(J

I-.-

O

5

(12
m

a.

t-
o
,m

e'-

n_

n_

Q._

E
°_
I---

Q.

J,

LI..

6-92

r PHILCO }!
I_It.OO-_ONO t30 m_Om_'r tON

Dpaoe & Re-entry
llyet;|rno Divl-,Ion



S_-T_46

6.5.5 Performance and Operational Parameters

6.5.5.1 Telemetry Data Format. The proposed data frame format for real-

time telemetry in Mode 3a and delayed telemetry in Modes 4 and 5 is illustrated

in Figure 6.5-4. Some of the more pertinent parameters of the format are

as follows:

Main Frame Length.

of frame sync.

1024 bits including 144 data words and 16 bits

Subframe Length. 56 bits which includes 8 data words.

Subcommutated Frame Length. 72 words

Word Size. 7 Bite

Bit Rate. 1120 bits per second in Modes 3 and 4. 5.5 Kl_/sec to

21 kb/sec in Mode 5 depending on tape memory capacity and transmitter

power available.

Data Cycle. The basic sample rate is based on the sub frame rate of

approximately twenty per second, which provides a basic sampling rate

for each of the experiment parameters of 20 samples per second. Using

a 40 dl_/decade input filter, this results in an aliasing error of less than

1/2 percent up to a data frequency of 1 Hz and less than 1.5 percent up

to 10 Hz. The question of errors is discussed more fully in Section 5.2.

The remaining engineering data are subcommutated into word (channel)

number 8 of the subframe. This provides an effective low sampling rate

of 20-/72 = 1 sample per 3.6 seconds. Some parameters may be assigned

multiple subcom words so that the effective rate may be higher than

1 sample per 3.6 seconds.
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Sync. Synchronization of the main frame is accomplished by recognition

of the 16-bit flame sunc. word at the beginning of each data frame.

Synchronization of the subcommutated frame in word 8 is accomplished

by recognition of the complement of the 16 bit main frame sync. word.

Mode Recognition. A partial recognition of the particular mode may be

accomplished by noting the frequency of the data subcarrier. For a par-

ticular subcarrier frequency, the remainder of the recognition may be per-

formed by identifyingone of the subcommutated words in channel 8.

The proposed data frame format for real time telemetry in Modes 2 and 3b

is illustrated in Figure 6.5-5. The main parameters of this frame are the

same as those for the data frame utilized in Modes 3a, 4 and 5, except the

bit rate in Mode 2 is approximately 112 bits per second. The main differ-

ence lies in the assignment of the data to be monitored to the available word

slots or channels. For Modes 3a, 4 and 5, the scientific experiment data

was assigned to almost all the available word slots with the engineering

data being submultiplexed into one of the available word slots. For Mode 2

and 3b, on the other hand, engineering data samples are commutated into

the available word slots and the subcommutation feature is not used at all.

Mode recognition is accomplished by complementing of the main frame

sync word and recognition of mode designation words in the data frame.

6.5.5.2 Telemetry Errors. The performance of the telemetry subsystem in

terms of accuracy can be allocated to the following factors:

a. Pre-multiplex filtering

b. Aliasing or frequency-spectrum foldover errors
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c. Multiplex errors

d. Quantizing errors

e. PCM link errors

f. Tape-memory playback errors

It is assumed that the decoding by the ground stations is essentially error-free

compared to the encoding process. Utilizing a 7 bit PCM system introduces

a peak quantizing error of _-0. 375 percent. The multiplex errors can be held

to $ +0.1 percent. The PCM link errors are equivalent to an average error

of _ _:0.05 percent. Similarly the errors involved in playback of the talce

memory can be averaged out to _ _q). 05 percent.

The main errors aside from the quantizing error are errors introduced

because of the pre-multiplex filtering to restrict the bandwidth of the data

signal input to the telemetry encoder and errors introduced because of fre-

quency spectrum foldover errors (aliasing errors) which arise from a limited

sampling rate as compared to the highest data frequency.

For the case under consideration, the frequency response of the basic

magnetometer (using Pioneer and the LSM programs as guidelines) is of the

order of 50 Hz. The power spectral distribution, undoubtedly extends up to

100 Hz or 200 Hz before the power components are down 40 db or so.

Bandwidths of this magnitude would require two or three orders of magnitude

increased recording capacity and telemetry link capacity for the data collection

periods contemplated (i. e., of the order of ten hours). Therefore, it seems

reasonable to restrict the bandwidth. The effective output bandwidth of the

Pioneer magnetometer is 0.3 Hz and the LSM magnetometer 0.5 Hz. There-

fore, data bandwidths of this order of magnitude have been deemed reasonable
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for this application. However, there is one additional factor which cannot be

overlooked and this is the contribution of the satellite spin to the frequency

spectrum of the magnetometer output. The maximum spin rate of the satel-

lite is estimated to be 90 rpm or 1.5 revolutions per second. Thus, the basic

magnetometer data will be modulated by or will modulate the 1.5 cps

satellite spin component.

There are two choices with respect to obtaining the desired magnetometer data.

One would be to process the data on board to remove the spin component. The

other alternative would be to transmit the entire spectrum to the ground and to

process the data on the grotmd.

It turns out in this particular case that the spin rate component is located in

the spectrum such that it can be conveniently sampled and transmitted within

the existing telemetry link requirements. The alternate technique of on-board

data processing require sophisticated and complex equipment. Thus the solu-

tion that has been chosen is to send the entire data spectrum, including the

spin rate components, down the link and reduce the data on the ground.

Nevertheless, a pre-multiplex filter is required between the experiments and

the telemetry system with a "cutofi _' frequency of 1.5 Hz, and an attenuation

beyond the cutoff frequency of 40 dt>/decade.

With these parameters and a sampling rate of 20 samplc_,/sec, the resulting

error due to spectrum foldover can be interpolated from the curves in

Figure 6.5-6. For Fs_/Fc = 13, the aliasing error is seen to be approximately

0.5 percent for all frequencies below 1 Hz. Even in the range from 1 Hz to

10 Hz, the peak error does not exceed 1.5 percent. Error curves for Fs-/Fc =

8.0 and Fs_/Fc = 3.0 are also illustrated to show that to achieve a 1 percent

system, an Fs-/Fc of at least 10 is required. This area is amenable to

trade-offs, however, and if a higher percentage of error can be accepted, the

bandwidth can be increased or the sample rate decreased.
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In addition to the aliasing error, the error introduced by the pre-multiplexing

filtermust be considered. This error may be divided into two parts: that

part due to the steady state response of the filterand the part due to changes

in the filtercharacteristic as a result of environmental and component changes.

Presumably, the firstportion of the error can be corrected to a degree by

calibration. The second portion of the error must be taken into account. The

variable portion of the error can be held to +0.1 db or +1.16 percent over the

environmental range.

Summing the errors, the total maximum error turns out to be approximately

• 2.095 percent. The average error should be less.

6.5.5.3 Sample Rate Summary. Table 6.5-2 summarizes the sample rates

for the various parameters to be monitored. The variation of sample rates

for the differentmodes is shown.
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6.5.6 Subsystem Elements

The proposed telemetry subsystems for the satellite and the central module are

illustrated in the functional block diagrams, Figures 6.5-7 and 6.5-8.

The subsystems include the following functions:

a. Science Data Multiplexing

b. Engineering Data Multiplexing

c. Attitude Data Encoding

d. Clock, Pulse Rate Division (PRD's) and Accumulation

e. Sequence and Control Logic

f. A/D Conversion

g. PCM Format Logic

h. Magnetic Tape Memory

i. Data Selection

j. TLM DC-DC Conversion

It should be emphasized that these are functions, not separate equipment modules.

The description in the following sections envisions an integrated hardware approach.

6.5.7 Subsystem Implementation

Possible means of implementing the telemetry subsystem functions shown in block

diagram form in Figures 6.5-7 and 6.5-8 are described in the following paragraphs.

I °

6.5.7.1 Inpu t Multiplexing, The prime and_ submultlplexers will accept the analog

data from the experiments and the various h_}usekeeping sensors in the form of

conditioned inputs in the range of 0 to +5.12 _. The input signals will be filtered to

restrict the bandwidth to the required range. I The appropriate input parameter will

then be selected and the data transmitted to t__._' analog-to-digital converter. The
!

data signal to the analog-to-digital converter fill be a time-multiplexed, analog

pulse train 0 to 5.12 volts in amplitude.
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The control of each of the input multiplexers will be exercised by the sequence and

control logic which receives control signals from the Command Subsystem as to

the mode of operation desired. The sequence and control logic will also provide

control signals to the A/D converter and to the PCM format logic.

The input multiplexers will be composed of field-effect-transistor (FET) input

switches, integrated circuit driver circuits, amplifiers, and control logic lements,

and hybrid filters.

Figure 6.5-9 is a typical schematic of an analog FET input switch.

6. 5. 7.2 .Attitude Data Eng@dlnL To encode the attitude control data for trans-

mission over the TLM link, special logic circuits will be utilized. A block diagram

of a typical attitude control data encoder is shown in Figure 6.5-10. These circuits

perform a serial A/D conversion by pulse counting techniques.

To encode the inputs from the horizon sensors, a level sensor converts the analog

inputs to digitalpulses. The length of the pulses is proportional to the time that

the horizon sensor outputs exceed a given level which is proportional to the "time

duration" of the output of the horizon sensors. The leading edges of the outputs

from the level sensors reset and startthe reed 7 counters and the trailing edges

stop the counters. The outputs of the counters are read through the read gates into

the PCM bit stream.

A similar process is utilizedto encode the spin rate. In this case, however, the

sun sensor pulse starts the counter at the beginning af a revolution, the counter

counts for one revolution, and the sun pulse then stops the count at the end of the

revolution. The count is proportional to the period of revolution or inversely pro-

portional to the spin rate. This count is then through the read gate into the PCM

bit stream on the revolution following the revolution on which the period was mea-

sured. Upon data readout the counter is reset.

The sun angle data is used to correlate the sun reference position during data

acquisition and is read directly from the sun angle sensor into the data bit stream

in two 7-bit words.
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The size of the counters, 7 bits, plus the clock rates are designed to give 7-bit

precision to the measurements of the horizon sensor pulses and the spin rate and

8 bit precision to the sun angle data.

6. 5. 7.3 Analog/Digital Conversion. The A/D converter is a seven bit encoder

that operates on a 0 to +5. 12 volt range of the input signal. It will receive as an

input, a time-multiplexed analog data signal from the input multiplexers and con-

trol signals from the sequence and control logic and provide encoded data to the

PCM format logic. A block diagram of a proposed analog-to-digital converter is

shown in Figure 6.5-11.

The A/D converter will be of a straightforward design utilizing a serial approxima-

tion technique. The incoming signal to be digitized is continuously compared to an

internal signal generated in a binary "ladder" resistance network. The ladder net-

work produces an output signal which has a binary relationship to discrete input

signals. The output of the comparison amplifier gates pulses from a timing regis-

ter to increase or decrease the state of a ladder memory which drives the resistance

ladder through appropriate drivers. This process continues until the internally

generated voltage and the external input voltage b_lance each other. The value of
|

the internal voltage is "read out" by monitoring t_e state of the ladder memory

through output gates. The overall process is cori:rolled by means of the control

and sequence logic.

The converter will be implemented largely by m_!ms of ;ntegrated circuits. The

reference supply and the binary ladder will be by' rid units, i.e., partly I.C. and

partly discrete components. /_i

/.
6.5. 7.4 Sequence and Control Logic and PCM]?ormat Logic. The commands

1

transmitted from the ground will be translate_ into detailed timing and logic con-
!

trols by the Sequence and Control Logic and Ire PCM Format Logic.
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Figure 6.5-11 is a block diagram of a typical Sequence and Control Logic and PCM

Format Logic. The implementation of these two units will be entirely by means of

integrated circuit logic elements.

6.5.7.5 Data Selector . The data selector will accept data either from the PCM

format logic or the magnetic tape memory and transmit the selected data to the

transmitter for transmission to the ground.

A secondary function of the data selector will be to control the modulation index

of the signal to the transmitter. This will be primarily a function of the mode

therefore, the output of the mode storage is utilized to switch the outputs of resis-

tive dividers which set the amplitude of the signal to the transmitters. A typical

arrangement of the data selector and mode control is shown in Figure 6. 5-11.

6.5.7.6 Clock, Pulse Rate Divider, and Accumulator. In order to accomplish the

processing of the TLM data, a variety of pulse rates will be required. In addition,

it is desired to have time data to provide a reference for data correlation. This is

accomplished by means of the logic shown in Figure 6. 5-12.

The operation of these timing circuits is relatively straightforward, consisting of

a precision crystal clock driving integrated circuit pulse rate dividers. The out-

puts of the PRD' s feed the TLM logic ;circuits through buffer amplifiers and the

data accumulator. The time da_ta accumulator also incorporates provisions for re-

setting the state to zero from the com!mand subsystem. The clock can accumulate
J

up to 16000 minutes with a resolution })f 1 minute. The accumulator is reset and

synchronizes with ground time up to 3,!maximum of every 4 orbits.

6.5.7.7 Magnetic Tape Storage. T_

tentatively decided upon to meet the

The maximum capacity of the unit

1120 bits/second for 10 hours. TI

second, depending on the availabl_

memory is in the final format, (i.

IP.,L:oJm

!Je storage specifications which have been

equirements of this application are as follows:

I_ll be 3.9 x 107 bits. The data recorded at

playback will be at a rate of 7 to 21 kilobits/

ransmitter power. The data is input to the

! , Serial NRZ-PCM) and is read out in the same

6-110
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form, serial NRZ-PCM. The recorder will incorporate the necessary electronics

to perform internal formatting and clocking for both the record and pIayback func-

tions.

Some additional pertinent specifications are shown in Table 6. 5-3.

A thorough investigation of presently available units was conducted to select the

tape memory most suitable for this application, The following basic types were

cove red:

a. Endless loop

b. Coaxial reel-to-reel

c. Coplanar reel-to-reel

The endless loop type was deemed to be the best choice for this application.

6.5. 7.8 DC-DC Conversion. The power required by the TLM subsystem can be

supplied by a high efficiency converter, Where precision voltages are required,

each output can be individually regulated. Low precision voltages (+2'_o) can be

supplied by a single converter whose output voltages are independent of input varia-

tion and sufficiently low in source impedance to maintain the required regulation.

The regulators consist of power switching transistors, transformers, integrating

inductors, filter capacitors, and a feedback control loop. The monitored voltage

is compared with a reference voltage then amplified to control the duty cycle of the

power switching transistors. An overall efficiency of 90% can be achieved with the

limited range of the input voltage.

A block diagram of a converter to furnish seve' al low precision voltages is shown

in Figure 6. 5-13.

I -,Lco]m
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TABLE 6.5-3

MAGNETIC TAPE MEMORY SPECIFICATIONS

Capacity

Input Record Rates

Output Playback Rate

Tape Speeds:

Record

Playback

Number of Tracks

Bit Packing Density

Weight

Volume

Power:

Record

Playback

Bit Error Rate

Wow and Flutter

4.0 x 107 bits

1100 bits per second

7 -" 21 kb/sec possible

0.1 ips

i.5 ips

8

1500 bits/inch

6 lb

150 in 3

1 watt

2 watts

<1 in 106 for 100 tape passes

5_o max.

PHILCO I_
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6.5. 8 Interfaces

6. 5. 8. 1 Mechanical. The elctronics will be packaged in RFI-tight enclosures.

For the different classes of circuits, different physical forms are appropriate.

Analog circuits will utilize a combination of discrete components and integrated

circuits, potted and surrounded by the enclosing frame structure. Construction

will be of a welded cordwood form.

Digital circuits will be multilayer flat pack assemblies, welded and potted, and

supported by the enclosing frame. The interconnections will be (welded) printed

circuits. The power assemblies will be potted.

6. 5. 8.2 Magnetic Considerations. The nature of the scientific calculations makes

it imperative that each satellite component be as magnetically "clean" as possible.

Philco-SRS has accumulated a great deal of experience in constructing magnetically

clean electronic assemblies for the Lunar Surface Magnetometer program for NASA.

The only possible problem source is the magnetic tape memory. The present state-

of-the-art appears to be in a rudimentary state as regards the magnetic signature

of available tape recorders.

Philco-SRS can insure that the magnetic characteristics of the chosen recorder will

be below the critical level.

6-115
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6.6 COMMAND SUBSYSTEM FUNCTIONAL DESCRIPTION

6.6.1 General

The command subsystem receives commands in STADAN compatible instruction

format, detects and decodes the commands, and delivers the decoded commands

to the various subsystems. The commands to the various subsystems are utilized

to control the operation of the satellite c_.rrier and/or the operation of the individ-

ual satellites.

The flmctions included in the oommand subsystem include the baseband-to-digital

signal conversion, the decoding and storage of commands, and the power control

driving and switching of the decoded commands.

1

In addition, sequencing and programming _unctions have been included to schedule

the initial setup and turn-on of the subsysl_m.

6.6.2 Mission Requirements

6.6.2.1 Primary Requirements. PriI _ry requirements

a. In order to facilitate operaU

in STADAN ground stations

b. Ability to command the sate1

during the various mission

c. Six month lifetime.
y/J

/
• i

6.6.2.2 Secondary Reqtur_ments,_ '

the following additional constraints ar,

a° The command subsystem foI

the PCM Instruction Comma_

are:

,s, compatibility with existing equipment

required.

[te carrier and/or the individual satellites

_ases of the flight.

meet the overall mission requirements,

proposed:

le individual satellites shall be based on

System capability of the STADAN stations.

6 _t6
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The command subsystem for the satellite carrier shall be PCM Instruc-

tion or Tone Digital depending on the quantity and precision of commands

eventually required.

b. The capacity to accomodate either discrete or quantative commands

shall be incorporated.

c. Incorporation of preprogrammed command instructions and sequence

for the early mission phases of the flight.

do Updatable stored quantitative command capability shall be included for

the satellites. This would be utilized primarily to control the operation

of the tape recorder.

e. Maximum use of space proven devices, components, and technology

utilized by Philco-Ford SRSD on previous space programs.

6.6.3 Required Subsystem Functions

6.6.3.1 Mission Command Profile. Figures 6.6-1 and 6.6-2 show the mission

profile as it relates to command activities. The figures are subdivided into two

main categories - satellite activities and command subsystem functions. During

each phase of the mission, the scope and degree of interest in the command func-

tions shifts. This shift of interest is indicated in the f_c,ures by the profiles of the

command functions.

a.

b.

cg

i H,.colmm
PMtLCO-FOAO COrn POmA'rOON

'11

During launch, ascent, spin-u_ _ and separation of the third stage, com-

manding will not be required.

Following separation of the thi-I ] stage, the command subsystem on the

satellite carrier will be activa _ by a preprogrammed command.

Commanding of the satellite c: _rier will then be accomplished. For the

Lvolve only release of the satellites.radial configuration thus will

6---
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d.

e.

For tihe stacked configurations initial setup and orientation will be ac-

complished for the carrier and satellites and then the satellites will be

released upon command.

Following separation from the carrier, additional commanding will be

accomplished. For the radial configuration this includes boom deploy-

ment and orientation. For the stacked configuration, no additional

orientation commanding is required.

After the setup and orientation of the satellites, the mission enters the

period during which scientific data from the experiments will be of prime

interest. During this period, the command system of the individual

satellites will operate in three distinct fashions. First, commands will

be processed in real time from the STADAN ground stations to control

the satellite operations such as the readout of the tape recorder near

perigee. Second, commands will be stored and acted upon following a

specificed time delay. This pertains primarily to the turn-on of the

tape recorder following a command and a delay period. Clock resolution

is 1 minute. Third, for the radial configuration the command subsystem

will be involved in the control loop of the attitude control subsystem to

maintain the desired orientation of the spin-axis of the satellite. These

last three functions will alternate, as required, until the satellite

end-of-life.

6.6.3.2 Command Summary List. Table 6.6-1 and 6.6-2 are a summary of the

commands to be supplied to the various satellite subsystems are for the PCM

Instruction Command function and the Tone Digital Command function.

6.6.4 Performance and Operational Parameters

6.6.4.1 PCM Instruction Command Word Format. The proposed command word

signal modulation and format for the PCM Instruction Command function are illus-

trated in Figure 6.6-3. Some of the pertinent parameters of this signal are as

follows:

6-120
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Baseband Modulation:

Data: FSK in the 7.0 to 11.0 KHz band

Sync: 50% AM of the data subcarrier at the bit rate of 128 bps.

Digital Command:

Bit Format: PCM, NRZ-C

Bit Rate: 128 bits/second

Command Word Length: 64 bits, including 40 bits of data and 24 bits of sync.

Command Word Period: 1/2 second

Command Word Rep. Rate: Approximately 1 per second.

The command word sync information is contained in 24 bits distributed throughout

the word in the following fashion. A "start-of-word" consisting of 14 bits prefaces

the discrete and quantitative command data. In addition to the 14 bits of start-of-

word, an additional 6 bits are spaced throughout the word to reduce the probability

of unintentional spoofing.

At the conclusion of the command word, 4 bits are utilized as an "end-of-word."

The start-of-word and the end-of-word are part of the standard STADAN format.

The additional "sync" bits are added as part of the command structure for the

UCLA satellite.

In addition to the "sync" information, 4 data words are included in the command

word. These may be summarized as follows:

Discrete Command Word: 1 each - 6 data plus 2 check bits

Type 1 Quantitative Command Words: 2 each - 8 data plus 2 check bits

Type 2 Quantitative Command Word: I each - 12 data bits

6-124
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6.6.4.2 PCM ln,_tr,_c_,o • Command Capability Summary. The command word

format outlined in the preceding section is capable of the following:

Discrete Commands: 64

Type 1 _ .... *_*._*_,,_ Commands:

Type 2 Quantitative Command:

2 words with a resolution of 1 part in 256

1 word with a resolution of 1 part in 4096.

Utilizing the check bit structure outlined to detect errors, the command error

rate can reasonably be expected to exceed 1 part in 106.

6.6.4.3 Tone Digital Command Message Signal and Word Format. The proposed

command message signal and word format for the Tone Digital Command function

are illustrated in Figure 6.6-4. Some of the pertinent parameters of this signal

are as follows:

Baseband Modulation:

Data:

bXyl_C:

PDM (100% AM) of one of the efght GSFC standard tones in the band
from 7.0 KHz to 11. 024 KHz.

Transitions of the leading edge of the data pulses.

Digital Command:

Bit Format: PCM-NRZ

Bit Rate: 1/72 of the tone frequency

Command Word Length: 10 bits, including 8 bits of data, 1 blank, and 1
word sync pulse

Command Frame: 5 command words, including 1 vehicle address word plus
a repeat, and 1 execute word plus two repeats and a blank

period.

Command Frame Period: Approximately 1/2 second.

Command Word Rep Rate: Approximately 1 per second.

6.6.4.4 Tone Digital Command Capability Summary. The command word for-

mat outlined in the preceding section is capable of accommodating approximately

70 discrete commands.
6-125
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6.6.5 Subsystem Elements

6.6.5.1 PCM Instruction Command Subsystem. A functional block diagram of th(_

PCM Instruction Command Subsystem for the satellites is shown in Figure 6.6-5.

The interface with the R-F and TLM subsystems is indicated in summary form.

The functions of the command subsystem proper are as follows:

1. Signal Detection

2. Input Gating Logic

3. Valid Command Logic

4. 64 Bit Buffering

5. Discrete Command Decoding Logic

6. Power Control Driving and Switching

7. Quantitative Command Storage

8. Preprogrammed Command Logic

9. Command DC-DC Conversion.

The serial FSK signal from the command receiver is demodulated into digital data,

bit sync, and an enable signal by the signal detector. Following the input gating

logic (which prevents inadvertant overlapping of commands) the data is stored in

the 64 bit buffer. The contents of the buffer are examined by the valid command

logic to insure that a correct command is indeed in the register and then the com-

mand data is operated on in two ways. Discrete commands are decoded completc_.y

in parallel by the discrete command decode logic, and the outputs of this logic co,--

trol the satellite modes of operation via the power control drivers and switches.

Quantitative command data is transferred to quantitative command registers where

it is held for as long as required. The quantitative command data may be utilize(', in

the attitude control subsystem, or to delay the tape memory operation.

Provisions are also incorporated to decode outputs from the clock to provide the

initialpreprogrammed commands. The command subsystem also includes pro-

visions for monitoring criticalpoints for return to the ground stationvia the T_;_;

link. Lastly the command subsystem incorporates DC-DC conversion for suppiy-

ing power to the subsystem elements.6_12 7
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6.6.5.2 Tone Digital Command Subsystem. A functional block diagram of the

Tone Digital Command Subsystem for the satellitecarrier is shown in Figure 6.6-6.

The interface with the R-F and TLM subsystems i s indicated in summary form.

The elements of the command subsystem proper are as follows:

1. Signal Detection

2. Input Gating Logic

3. Valid Command Logic

4. 10 Bit Buffer

5. Discrete Command Decoding Logic

6. Power Control Driveing and Switching

7. Preprogrammed Command Logic

8. Command DC-DC Conversion

The serial PDM signal from the command receiver is demodulated into digital data,

bit sync, and an enable signal by the signal detector. Following the input gating

logic (which prevents inadvertant overlapping of commands) the data is stored in

the 10 bit buffer. The contents of the buffer are examined by the valid command

logic to insure that 5 correct command words indeed passed thru the register and

then the command data is operated on. The discrete commands are decoded

completely in parallel, by the discrete command decode logic, and the outputs of

this logic control the satellite carrier operations via the power control driving and

switching.

6.6.6 Command Subsystem Description.

A possible implementation of the command subsystem (shown in block diagram

form in Figures 6.6-5 and 6.6-6) are described in the following paragraphs.

6.6.7 PCM Instruction Command Signal Detection and Decoding

6.6.7.1 Signal Detection. A review of Section 6.3-2 on the command link show_

that there is adequate S/N margin under worst case link conditions to insure

reliable commanding. 6-129
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As a consequence, simple and reliable methods for demodulating the FSK baseband

signal may be utilized.

The recommended approach for this particular application is a two-filter envelope

detector. This technique is slightly less efficient than limiter-discriminator detec-

tion or a near optimum matched-filter phase-coherent system. On the other hand,

the two-filer envelope detector is easier to implement than either of the alternate

techniques. As a consequence, satisfactory performance is achieved with a mini-

mum of detection circuitry and a maximum of reliability.

Figure 6.6-7 is a representative block diagram for the FSK signal detection function.

One disadvantage of the two-tone approach is the lack of a separate word sync. In

this case word sync must be established by pattern recognition on the digital data.

This method is less resistant to spoofing, (i. e., recognizing a valid command pat-

tern in a group of data bits caused by noise) then, a three-tone FSK technique,

where the additional tone is utilized to establish word sync.

This unit will consist largely of integrated circuits to minimize component count,

volume and weight. This includes the tone filterswhich will be active element de-

signs based upon Philco-Ford units utilizedin other space programs.

6. 6.7.2 Decoding Input Gating Logic. To control the inDut to the command word

storage register, input gating logic will be required. This logic limits inputs to

the command word storage register to data which occurs within the limits of the

enable gate generated by the signal detector and decoder. This operation minimiz,.

the probability of unintentional spoofing of the unit due to a possibly valid code oc-

curing within an otherwise random stream of data. In addition, once a valid com-

mand is recognized, this logic will prevent further entry until the received commas::1

has been properly executed. A logic diagram for a typical input gating logic is

shown in Figure 6. 6-8.

6. 6.7.3 Decoding Command Word 64 Bit Buffer Storage. A detailed analysis of

the 64 bit command shows that in order to prevent unintentional spoofing additional

6-131
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bits are required over and above those provided in the standard STADAN format.

These may conwniently be included in the format because the data does not require

the full format. In processing the data, the entire check bit structure must be ana-

lyzed prior to executing the command. This function may be done either in a serial

or parallel fashion. Serial processing requires a separate bit counter and decoding

structure. Performing this operation in parallel does not require a separate counter

but does require a 64 bit storage register. With the advent of integrated circuits,

this storage does not present too formidable a problem. Therefore, the method

suggested to implement the initial entry of the command word is a 64 bit storage

shift register. This register and associated buffers drive the related decoding

gates to perform the decoding of commands.

A typical serial input, parallel read-out, shift register is shown in Figure 6.6-8.

6. 6.7.4 Discrete Command Decode. A portion of the command word stored in the

command word storage register will be decoded to produce discrete commands.

Six bits of the available data have been allocated for this function. This provides

the capability of decoding up to 64 discrete commands. This is adequate to handle

the anticipated command load. Making provisions for 64 commands in the command

word does not impose a penalty on the hardware as only the necessary decoding

gates for the required commands are actually included in the hardware.

The data inputs to the decode gates are from the comma,'_ ,_,ord storage register

and the enable input from the valid command word logic.

The decoding is a straightforward parallel decode by means of NAND logic gates

whose outputs go to the driver circuits.

A pulse forming one-shot is included to stretch the input data to the time interval

required to execute the command. In most cases this will be a few milliseconds.

6.6.7.5 Valid Command Logic. This portion of the logic decodes those portions

of the command word designated as vehicle address, sync bits, and additional bits

inserted to prevent unintentional spoofing. Upon recognition of a valid command

6-134
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word, the input is gated off. The logic is held in this condition until the particular

command is executed at which time the input is unlocked and additional data may

be entered intothe command word register.

The structure of this control logic is not typifiedby any particular arrangement but

will be unique for the satellite.

6. 6.7.6 Quantitative Command Register. To handle quantitative command infor-

mation, the data in the command word shiftregister is parallel loaded into the

quantitative command data register. A block diagram of this logic is shown in

Figure 6.6-9.

The operation is straightforward. When a quantitative word is in the register, the

fact is recognized by the presence of the appropriate discrete command and bits.

This is "anded" with the input from the valid command logic to gate the information

from the 64 bit buffer into the appropriate quantitativedata register.

The data for the recorder delay operations is Jam-transferred via the transfer

gates to 12-bit registers. These registers also double as counters which operate

on the data in the following fashion.

The data set into the recorder delay registers, is the desired delay from the com-

mand to the turn-on and the turn-off of mode 4. Upon activation of this circuit by

setting the recorder delay flip-flop,the register acting in its _.ountmode begins

to decrement. When a count of zero is reached, the recorder is set in mode 4

operation and the delay circuits reset. At this time a second register begins to

decrement. When itreaches a count of zero the recorder is shut off. The registers

have a 12-bit capacity. The input clock is at a rate of one pulse per minute. ThLs

results in a resolution of one minute for a period of 68 hours which is adequate to

meet the anticipated recorder turn-on and turn-off delay requirements. The counter

is interlocked to prevent inadvertent entry of new data untilthe current operation

has been completed. A reset feature has also been incorporated to clear the register

in the case of inadvertent "lock-up".
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6.6. 7.7 Discrete Power Control Driver and Switch Circuits. The outputs of the

command word decode gates are at a low level, i. e., _ 5 vdc and _ 1 ma. In order

to provide the power and voltage transformations required to drive the peripheral

devices, such as the tape recorder, it is necessary to buffer the output of the logic

circuits. This is accomplished by the discrete power control and driver circuits.

6. 6. 7.8 Preprogrammed Commands. The implementation of the preprogrammed

command logic will include only the decode gates and drivers in the command sub-

system. The decode gates and drivers will be driven by the oscillator and pulse

rate dividers in the TLM subsystem. These items are shared with the time clock

provided to reference the TLM data. Power will be applied to the logic chain by

means of a separation switch which controls a power switch. Power will be taken

directly from the 26-volt bus for this function, since the DC-DC converter will not

be in operation at this time. Once power is applied, the oscillator starts to drive

the divider chain. When the correct count has been reached, the decode gates and

drivers will initiate the particular event. The events called for are as follows:

Deployment of the booms

Turn on of the command, TLM, and RF subsystem power converters.

6. 6.8 Tone Digital Command Detector

6. 6. 8.1 Signal Detection. A review of Section 6. 3.2 on the command link shows

that there is adequate S/N margin under worst case link cor_u.!ions to insure reliable

commanding. As a consequence, simple and reliable methods for J_'a_lulating the

PDM baseband signal may be utilized.

The recommended approach for this particular application is a digital detector.

With the advent of integrated circuits such a technique can be implemented in a

small size with low power consumption and excellent reliability. In addition the

cost per function of integrated circuits is rapidly decreasing so that the future cost

of such a unit should be more than competitive with a discrete component analog

unit. Figure 6. 6-10 is a representative block diagram for the tone digital PDM

signal detection function.
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The detected signal from the receiver is (after buffering) processed in 2 ways. First

the signal is filtered, 2nd detected, and then filtered again. This provides an en-

velope from which the bit sync is retrieved by triggering a fixed duration one-shot

on the leading edge of the envelope. The envelope also serves as a control signal

for the digital counters which measure the width of the "marks" and "spaces".

Second the analog input signal is processed by a zero crossing detector and then

the number of zero crossings after each envelope leading edge is counted.

Likewise a counter operating on an internal clock at twice the encoder frequency,

2 Tc. counts the number of clock pulses in each "space" following an envelope

trailing edge. The outputs of the two counters are fed to a dec(;dlng network where

the counts are decoded into a sync pulse, a 'tone" pulse and a "zero" pulse. The

pulse outputs of the decode logics are routed to flip-flops and stored to provide an

NRZ format to the remainder of the logic.

The entire signal detection function is gated by the squelch signal from the receiver

to prevent processing erroneous data in the absence of a valid received signal.

This unit will consist largely of integrated circuits to minimize component count,

volume and weight. This includes the tone filters which will be active element

designs based upon Philco-Ford units in other space programs.

6. 6. 8.2 Input Gating Logic. To control the input to the commend word storage

register, input gating logic is required. This logic limits inputs to the command

word storage register to data which occurs within the limits of the enable gate

generated by the signal detector and decoder. This operation minimizes the proba-

bility of unintentional spoofing of the unit due to a possibly valid code occuring

within an otherwise random stream of data. In addition, once a valid command

is recognized, this logic prevents further entry until the received command has

been properly executed. A logic diagram for a typical input gating logic was shown

in Figure 6. 6-8.

6. 6. 8.3 Command Word 10 Bit Buffer. In processing the data, the entire check

bit structure must be analyzed prior to processing the command word and may be
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done either in a serial or parallel fashion. Serial processing requires a separate

bit counter and decoding structure. Performing this operation in parallel does not

require a separate counter but does require a 10 bit storage register. With the

advent of integrated circuits, this storage does not present too formidable a prob-

lem. Therefore, the method chosen to implement the initial entry of each command

word is a 10 bit storage shift register. This register and associated buffers drive

the related decoding gates to perform the decoding of commands.

A typical and serial input, parallel read-out, shiftregister was shown in Figure

6.6-8.

6. 6. 8.4 Valid Command Logic. This portion of the logic keeps track of those

portions of the command frame designated as vehicle address, and execute, Upon

recognition of a valid address and execute the input is gated off. The logic is held

in this condition until the particular command is executed at which time the input

is unlocked and additional data may be entered into the command word register.

The structure of this control _ogic is not typified by any particular arrangement but

is unique for the satellite.

The logic will consist almost exclusively of integrated circuit logic elements.

6. 6. 8.5 Discrete Command Decode. The execute portion of the command frame

stored in the command word storage register is decoded to t:-oduce discrete com-

mands. The decode is based on a 4 out of 8 code. This provides the capability of

decoding up to 70 discrete commands. This is adequate to handle the anticipated

command load. Making provisions for 70 commands in the command word does

not impose a penalty on the hardware as only the necessary decoding gates for the

required commands are actually included in the hardware.

The data inputs to the decode gates are from the command word storage rcgister

and the enable input from the valid command word logic.
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The decoding is a straightforward parallel decode by mvann of NAND logic gates

whose outputs go to the driver circvits.

A pulse forming one-shet is included to stretch the Input data to the time interval

required to execute the command. In most cases this will be a few milliseconds.

6. 6. 8. 6 Discrete Power Control Driver and Switch Circuits. The outputs of the

command word decode gates are at a low level, i.e., _ 5 vde and _ lma, In order

to provide the power and voltage transformations required to drive the peripheral

devices, such as the tape recorder, it is necessary to buffer the output of the logic

circuits. This buffering is provided by the discrete power control driver and switch

circuits. These circuits also provide relay storage when required.

6.6.8.7 Preprogrammed Commands. The implementation of the preprogrammed

command logic will include only the decode gates and drivers in the command sub-

system. The decode gates and drivers will be driven by aa oscillator and pulse

rate dividers. Power will be applied to the logic chain by meann of a separation

switch which controls a power switch. Power will be taken directly from the

26-volt bus for this function, since the DC-DC converter will not be in operation

at this time. Once power is applied, the oscillator start s to drive the divider

chain. When the correct count has been reached, the decode gates and drivers

will initiate the particular event. The events called for are as follows:

• Deployment of the booms

• Turn on of the command, TLM, and RF subsystem power converters.

6.6.8.8 Clock and Pulse Rate Dividers. In ordor to aooomplish the operation of

the tone digital command system on the carrier module, several pulse rates are

required. The necessary pulse rates are provided by a precision crystal oscillator

and associated pulse rate dividers. These circuits may be realized mostly by inte-

grated circuit logic and hence are Jmall, reliable, and low power.
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6. 6.9 DC-DC Converter

The power required by the command subsystems will be supplied by high efficiency

converters. Where precision voltages are required, each output will be indivi-

dually regulated. Low precisions voltages (*1_ will be supplied by a single con-

verter whose output voltages are independent of input variabion and sufficiently low

in source impedance to maintain the required regulation.

The regulators will consist of power switching transistors, transformers, inte-

grating inductors, filter capacitors, and a feedback control loop. The monitored

voltage is compared with a reference voltage then amplified to control the duty

cycle of the power switching transistors. An overall efficiency of 90% can be

achieved with the limited range of the input voltage,

These units will be implemented by means of high density welded cordwood packaging

techniques.

A block diagram of a converter to furnish several low precision voltages is shown

in Figure 6.6-11.

6.6. 10 Mechanical Interfaces

The electronics will be packaged in RFI tight enclosures. For the different classes

of circuits, different physical forms are appropriate. Analog circuits will utilize a

combination of discrete components and integrated circuits, potted and surrounded

by the enclosing frame structure. Construction is of a welded cordwood form.

Digital circuits will be multllayer fiat pack assemblies, welded and potted, and

supported by the enclosing frame. The interconnections will be (welded) printed

circuits. The power assemblies will be potted,
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6.7 SECTION 6 BIBLIOGRAPHY

The following references pertain to notes through the preceding paragraphs of

Section 6:

.

.

.

.

*

*

.

.

*

Goddard Range and Range Rate System Specification, Exhibit "A, " S-531-P-17,
May 1966.

P.R. Arendt, "Natural Tolerance Limits of Doppler Measurements of Outt_,"
Space Radio Signal. " U.S. ASRDL Tech Report 2253, Feb. 1962.

"Design Evaluation Report for Goddard Range and Range Rate System (GRR-2). "
General Electric Co., Military Communications Department, Contract No.
NAS 5-9731, November 1964.

"On Comparing the Modulation Systems, " by John C. Hancock, NEC Proc.,
Vol. 18, 1962, p. 48.

"A Note on Product Demodulation of Binary PCM/PM Signals, " J.A. Develet, Jr.
Space Tech Lab., 8949-0002-NU-000, 12 Feb. 1961.

"Optimum Coherent Phase and Frequency Demodulation of a Class of Modulating
Spectra, " by A.J. Viterbi and C.R. Calm, IEEE Trans. on Space Electronics
and Telemetry, September 1964.

"The Goddard Range and Range Rate Tracking System Concept, Design and Per-
formance" by G.C. Kronmiller and E.J. Baghdady, Space Science Reviews,
Vol. 5, Mar. 1966.

Personal Correspondence from E.E. Melendy, Head Command and Control
Section, Advanced Development Division, NASA/GSFC, 27 Oct. 1966.

"Maximum Angular Accuracy of Tracking a Radio Star by Lobe Comparison, "
IRE Trans. on Antennas and Propagation, January 1960.

6-144

gpmoll _ Rll_ntry
liyllternm Division



SRS-TRI46

SECTION 7

SYSTEM ANALYSIS

7.1 LAUNCH VEHICLE SELECTION

One of the program requirements states that the launch vehicle is to be one of the

Thor-Delta family of vehicles. Selection of a particular vehicle combination from

this family will be made on the basis of payload capability, comparative injection

accuracy, vehicle availability, and costs.

7.i. 1 Payload Capability

Table 7-1 lists four launch vehicle combinations of the Thor-Delta family that are

appropriate for this mission. For each vehicle the table shows the estimated total

useful payload weight that can be injected into a nominal earth orbit of 150 nautical

mile perigee height and 20 earth radii apogee, using an eastward launch and direct

injection from the Eastern Test Range. The estimated total payload weight require-

ments are:

• Radial configuration, 266 lb.

• Stacked configuration, 302 lb.

The table also shows corresponding payload margins for each launch vehicle. Some

of these excess capabilities should be considered as design margin. (In this early

stage of design development, approximately 10 percent would be a prudent value. ) The

remainder of the margin represents growth potential, i.e., capacity for increasing

the experimental instrument load and attendant additional support equipment (mainly

increased solar array weight).

The table shows that the DSV3E (FW4) vehicle provides an excess capability of

2-1/2 lb. for the stacked configuration and 11 lb. for the radial configuration, per

satellite. In the early program phase, this margin is not adequate for the stacked

configuration.
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TABLE 7-1

LAUNCH VEHICLE SELECTION

Payload Capability

DSV-3E: 312 lb.

DSV-3J: 435 lb.

DSV-3E/B H: 255 lb.

DSV-3L/B H: 400 lb.

Design Margin & Growth Potential, Per Satellite

Radial (with DSV-3E): 11 lb.

Radial (with DSV-3J): 42 lb.

Stacked (with DSV-3E): 2-1/2 lb.

Stacked (with DSV-3J): 33 lb.

* Based on Estimated Total Payload Weights, Including 12 Ibs.

of Experiments per Satellite,Of:

Radial 266 lb.

Stacked 302 lb.
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The design margin is probably barely adequate for the radial configuration, but

there is no growth potential. In contrast, the DSV3J vehicle can boost additional

experiment packages of 2(_ and 35 lb. (These weights are in addition to 10 percent

design margins. )

The table lists Burner II configurations primarily to demonstrate that the standard

DSV3E Thor-Delta is inadequate if Burner II is used as a third stage. Obviously,

the use of Burner II is not advantageous purely from a payload standpoint, but must

be evaluated on the basis of flexibility of maneuvers and of comparative overall pro-

gram costs. To obtain adequate payload capability, a Burner II upper stage must

be used in combination with the projected DSV3L booster (or, alternatively, an

Atlas booster).

Another consideration affecting payload capability is the relationship to orbit para-

meters. It is conceivable, for example, that an acceptable lowering of apogee

would result in a substantial increase in payload capability, and thus affect the

vehicle selection. To evaluate these possibilities, the parametric relationships

between payload weight, perigee height, and apogee distance were developed for

the DSV3E (FW4) vehicle as a representative case, and are shown in Figure 7-1.

It is seen that there is a large variation in payload weight with perigee height.

However, as has been explained in Section 4, the nominal perigee height is chosen

as the minimum required to assure that subsequent perigee decay due to lunar and

solar gravitation will not result in an unacceptable level of aerodynamic drag;

therefore, there is no freedom to decrease this initial perigee height. The other

parameter that might be manipulated is apogee distance. Figu; e 7-1 shows, how-

ever, that the variation of payload weight capability with apogee distance is very

small. (This, of course, is a reflection of the fact that in highly eccentric orbits,

apogee distance is extremely sensitive to orbit energy. ) In the region of 20 Re

apogee, the slope is about one-half lb. payload per earth radius of apogee change.

This effect is so weak as to warrant its exclusion as a consideration. Thus it is

seen that reasonable changes in orbit parameters, from the reference orbit, have

a negligible effect on payload capability and therefore do not enter into launch

vehicle selection.
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7.1.2 Injection Errors

The injection accuracies of the DSV3E (FW4) and DSV3J will be essentially the

same. Analysis of the injection accuracy performance of the DSV3E (FW4) as

applied to the Pioneer mission, which has an ascent profile that is representative

of the type of interest, gives the following standard deviations (one sigma):

$ Burnout velocity • 32 ft/sec

• Flight path angle • 0.36 deg
(pitch & yaw)

• Radius vector • 11 nautical miles

• Longitude • 0.10 deg

• Latitude • 0.07 deg

The DSV3J, which has not yet been flown, will realize a slightly better proportional

accuracy, due to the more modern design of the TE364-3 third stage motor. How-

ever, because of the somewhat larger absolute value of velocity increment, the

resulting dispersion will be approximately the same.

7.1.3 Program Status & Vehicle Availability

DSV3E (FW4). The DSV3E is the most recent standard member of Douglas' Thor-

Delta family; itconsists of the standard DSV-2C Thrust-Augmented-Thor booster

and the Improved Delta second stage. The FW4 third _+-_ motor has now supplanted

the X-258 as the standard kick stage on this booster, for NASA and Comsat appli-

cations. This vehicle combination has been flight-proven in the IntelsatIIprogram,

and is currently available.

DSV3J. This is the same Thrust Augmented Improved Delta, but with a TE364-3

third stage motor. This spherical motor is an adaption of Thiokol' s Surveyor

main retro rocket. The launch vehicle combination will be used first in the NASA

Radio Astronomy Explorer program, with the initial launch scheduled for third

quarter, 1967. The vehicle will also be used for communications satellite launches

in the next three years and will be a standard NASA launch vehicle in 1970.
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DSV3E/BII. The Burner II is Boeing's Model 946 upper stage vehicle, which incor-

porates the TE364-2 motor. The stage currently is in production, for use on the

Thor booster in a classified USAF program. The first launch, which was conducted

with an operational payload last September, was successful. The Burner II struc-

ture is adaptable to mating directly to the Delta. It would be used in place of the

third-stage kick motor.

DSV3L/B!I. The DSV3L is the "Thorad", with the Improved Delta second stage.

The first-stage propellant tanks are lengthened, and the strap-on solid propellant

motors are slightly uprated. This vehicle, at present, is not funded for develop-

ment or scheduled for a particular program. Douglas planning is to make it

available by 1969, possibly for use on the Aerocomsat program.

7.1.4 Comparative Costs

The cost increment between the DSV3E (FW4) and the DSV3J will be due almost

entirely to the difference in motor price, about $15,000 each, and the increased

cost of a new and larger spin table, which will amount to approximately $20,000

per vehicle. Thus the total increase in recurring cost per vehicle will be less than

$50,000, out of an approximate total per vehicle of $3.5 million. Presumably the

development costs, which are not major, will have been amortized by 1970.

The total recurring cost of the Burner II stage projected for the 1970's will be

approximately $500,000.

Based on the foregoing considerations, the DSV3J vehicle is the preferred configura-

tion of the combinations with a simple spin-stabilized third stage. It offers a sub-

stantial increase in capability, for a very modest cost differential. It will definitely

be available in the time period of interest. It would seem to be a wise decision,

from a scientific experiment standpoint, to incorporate the satellite growth potential

inherent in the use of this vehicle.

An alternative is the use of the Burner II upper stage. A principal task of the

design study phase for this program would be a comprehensive cost estimate for
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the development and production of a satellite carrier including attitude control and

reaction control subsystems. This must then be compared with the combined costs

of a simpler satellite and a Burner II stage, to see which will give the lower total

program costs. This, together with a detailed comparative analysis of maneuver

capabilities, will form the basis for deciding between the two alternatives.

7.2 ASCENT AND COAST PHASE

7.2.1 Radial Configuration

Sequence of Events. The sequence of operations, from launch through the beginning

of orbit operations, is shown in Table 7-2. The coast phase, though not a discrete

event, is included to indicate that certain equipments must be operating during that

period.

Command and Control Requirements. There are two discrete events which must be

initiated while the satellites are in the ascent configuration: separation of the pay-

load from the expended final-stage rocket case, and the simultaneous separation

of the four satellites from the central module. The first event must be accomplished

very soon after third-stage burnout, since the moments of inertia of the payload-

final stage combination are such that the spin stability is poor. The elapsed time

between injection (final stage burnout) and acquisition by the first ground station

(Johannesburg) is about 20 minutes. This is an undesirable length of time to be

spent in the dynamically unstable condition; therefore, l_ _ _,_hly desirable to i

preprogram this event. The satellite separation will occur about °4 hours later,

near the first apogee, when the spin vector is again along the orbital velocity vector.

To ascertain whether this event also can be preprogrammed, it is necessary to

determine the period dispersion resulting from launch vehicle injection errors.

The 3-sigma dispersion in injection velocity, which was quoted by Douglas for this

type of Delta ascent, is • 96 ft/sec. This would result in a period dispersion of

approximately + 8.7, -6.6 hours, which would mean a change from the nominal

time to reach first apogee of about +4.4 or -3.3 hours. In order to maintain the

desired A V directions, it is necessary to execute the separation within about a

quarter degree of true anomaly at apogree (see Section 4), which corresponds to a

7-7

gBploe as Ro.,onlsr,y
IDyol:on_as Olvlmlon



SRS-TR146

TABLE 7-2

SEQUENCE OF EVENTS, RADIAL CONFIGURATION

1. Launch & Ascent, Through Delta Burnout

2. Third Stage Spin-up & Separation (Activate Payload
Separation Timer)

3. 3rd Stage Burn

4. Payload Separation (Activate Command Receiver)

5. Coast to Apogee (24 Hours)*

6. Simultaneously Release 4 Satellites (By Command)

For

7.

Eac____hSatellite:

Sense Separation & Activate Satellite Command Receivers

8. Release, Deploy, & Lock 3 Single-Hinge Booms

9. Erect Spin Axis Approx Normal to Ecliptic

10. Make Attitude Measurements

11, Make Spin Axis Roll Correction

12. Spin-up to Desired Orbital Rate

13. Make Attitude Measurements

14. Make 2nd Spin Axis Roll Correction

*Central Module VHF Beacon ON for Tracking & Command
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time "window" of about a half hour. Clearly, tracking must be accomplished to

establish the actual apogee before the separation event can be scheduled, i.e.,

preprogramming is not possible. It would be desirable, however, to have a timer

backup for this event so that, in case of failure of the VHF command receiver, the

satellites can still be separated and operable, albeit not in the desired array.

Following satellite separation, the orbital S-band command link will be used to

control the reaction control system for the necessary maneuvers.

Communications & Traqking Requirements. As established above, orbit determina-

tion must be accomplished by tracking during the first half-orbit. As analyzed in

Section 6, angle tracking only will be sufficient to obtain the desired accuracy.

Therefore, a simple beacon will be required on the payload. Except for command

verification, there is no telemetry that is essential during ascent. Following

satellite separation, the orbital S-band telemetry will be used to transmit satellite

attitude data.

Antenna Considerations. Consideration has been given to use of the S-band antenna

and electronics on one of the satellites for accomplishing the coast functions. This

possibility depends primarily upon the suitability of the antenna pattern in the ascent

configuration. Unfortunately, the satellite antennas are facing in the general direc-

tion away from the earth during the ascent. This fact, together with the effects of

the booms folded around the antenna mast and of the clustered satellites themselves,

results in deep nulls in the pattern in the direction of the earth. Only one satellite

down-link could be operating, since more than one radiating _.tenna in the cluster

would result in intolerable interferometer effects. As the one radiating antenna

rotated about the payload center line at a spin rate of about 2 cps, it would pass

through nulls, corresponding to blockage by the other three satellites, which would

certainly be below the link margin. Therefore the ground receiver would have to

reacquire the signal about every half-second, which is not feasible. It is evident

that the satellite orbital antenna cannot be depended upon during ascent, and there-

fore a separate transponder and antenna for ascent is indicated. Since a VHF

antenna will give a more nearly omnidirectional pattern for command reception,

and a VHF system will be compatible with the STADAN network, a VHF beacon

will be used. This will be installed in the central module, precluding any electrical
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interfaces with the satellites. A simple whip antenna, along the spin axis out the

"back" of the cluster, will give an effective pattern and will be relatively easy to

implement.

Power Requirements. The input power requirement of this ascent VHF beacon,

timer, and command receiver will be approximately 2 watts. Therefore, a small

primary battery, weighting about 2 lbs., will be adequate. This will also be

installed in the central module.

Interface Requirements. With a separate small beacon and battery package located

in the central module, there will be no electrical interface at all between the central

module and the satellites.

7.2.2 Stacked Configuration

Sequence of Events. The sequence of ascent Operations is shown in Table 7-3.

Command & Control Requirements. In this configuration, the satellite deployment

maneuvers must be controlled by ground command of the carrier. These maneuvers

are the separation of the first satellite pair, the execution of a specified number of

pulses of the V thruster, and the separation of the second satellite pair. There

are two approaches to the attitude control of this configuration: automatic and

ground controlled. In the ground-controlled case, which is the preferred approach,

commands are required to pulse the spin axis precessic-- _hrustor, for the initial

erection and for the two subsequent local roll corrections. An on-board timer

also will be required for the proper sequencing of these events.

Communications & Tracking Requirements. As with the radial configuration, it is

necessary to determine the orbit parameters by angle tracking before the separa-

tion maneuvers can be properly sequenced. In addition to the tracking requirement,

the open-loop attitude control system requires that a certain amount of attitude

senaor data be telemetered to the ground, for computation of the appropriate

attitude correction commands. Therefore, a VHF transmitter for teleme try and

tracking as well as a command receiver will be incorporated in the carrier.
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TABLE 7-3

SEQUENCE OF EVENTS, STACKED CONFIGURATION

1. Launch & Ascent, Through Delta Burnout

2. Third Stage Spin-up & Separation (Activate Payload _
Separation Timer)

3. 3rd Stage Burn

4. Payload Separation (Activate VHF Command Receiver
in Carrier)

5. Release, Deploy, & Lock 12 Single-Hinge Booms and Release
4 VHF Whip Antennae on Carrier

6. Erect Payload Spin Axis Approx Normal to Orbit Plane

7. Coast (72 Hours)*

8. Make Attitude Measurements

9. Make Spin Axis Roll Correction

10. Make Attitude Measurements

11. Make 2rid Spin Axis Roll Correction

12. Separate Two Outboard Satellites (Near 2nd Apogee)

13. Make In-Plane A V Maneuver (Pulsed Thrustor Operation,

Synched to Earth Sensor)

14. Separate Two In-Board Satellites

For Each Satellite:

15. Sense Separation & Activate Command Receivers

16. Fire Solid Rockets for Out-of-Plane A V

*Carrier VHF Transponder ON for Tracking & Command
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Antenna Considerations. Use of the satellites'orbital strip-array S-band antennas

during ascent is impossible, because they are nested within the solar array skirt or

the carrier framework. A VHF turnstileantenna with four radial whips will be

used on the carrier.

Power Requirements. Use of a ground-commanded attitude control mode will mean

a coast period of about 72 hours, to second apogee. The power requirement of the

transponder will be about double what it was in the radial case, or 2 watts, in order

to provide for the attitude sensor telemetry. The average power requirement of

the attitude control subsystem itself is 3 watts, (the total power requirement during

coast is about 6.5 watts, corresponding to a battery on the order of 20 lbs. ) which

is quite expensive in terms of payload weight. Therefore it would be desirable to

obtain solar power from one or more satellites during ascent.

Interface Requirements. An electrical interface is required between the carrier

and each of the inboard satellites, to transmit the signal to fire the pyrotechnic

devices for the separation of the outboard satellites. It is also necessary to trans-

mit the payload separation signal initiated by a microswitch in the satellite adjac-

ent to the booster) to the carrier, for activation of the ascent command receiver.

Finally, the power transfer interface is required between the carrier and an ad-

jacent satellite.

PHIL_O.FO_IO C OR P(_ RATION
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7.3 ORBITAL OPERATIONS

7.3.1 Experiment Scheduling

The region of scientific interest lies roughly between 10 and 14 R e from the

earth; therefore, the instruments will be turned on and data recorded over this

interval, on both the inbound and outbound legs of the orbit. The elapsed time

spent in this region is about 3.8 hours on each leg. Including a couple of hours

of collecting reference solar plasma data in the region of apogee, a nominal

experiment time of 10 hours per orbit has been chosen.

7.3.2 Playback Scheduling

As has been developed in Section 6, itwill be necessary to read out data from

each of the four satellitessequentially. This, together with ground network

constraints, results in a playback time of approximately 30 minutes per orbit,

for each satellite.

7.3.3 Operating Modes

There are four operational modes, as follows:

a. Record mode, in which the instruments are making their measurements

and the scientificdata are being recorded (there is no transmission

during thisperiod)

b. Readout mode, in which the scientific data is recovered from the

recorder and transmitted via the data link to the ground station,

together with engineering status information

c. Standby mode, in which no data is handled

7-13
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d_ Real time mode, which is only a backup mode in case of recorder

failure, in which data is taken directly from the instruments and from

engineering status sensors and transmitted simultaneously to the

ground station, using the transmitter in a reduced bit rate, reduced

power mode.

A listing c,f the equipments that are operating during these various modes, and

their respective power requirements, is given in Table 5.3-2. In addition to the

orbital modes, there is a specialized mode during the first orbit of the radially

deployed satellites, when the electrically heated ammonia reaction control

system is being used. This heater consumes about 15 watts, so that no record-

ing or transmitting of scientific data can be done while the attitude orientations

are being accomplished.

During eclipse, the satellite is maintained in the standby operating mode, power-

ed by a small secondary battery. As shown in Paragraph 5.3, the existence of

this battery also makes possible the optional operating mode of high rate data

playback and transmission (6 watts RF output). It should be noted that standby

operation of the satellite is desirable in order to keep the on-board sequencer

running, as well as to avoid sizable calibration shifts in experiment elements.

As indicated in the thermal analysis section, standby power is not required

purely for temperature control, for eclipse periods of up to an hour. A defini-

tive occulation time analysis has not been done for varying launch data, but it

can be stated that eclipse periods in excess of one hou_ _,ill not occur for at

least 4 months following launch. Beyond this, and depending upon the actual

ecliptic inclination of the orbit, modest additional increments of standby power

might be required for temperature control.

7.4 SPIN AXIS ORIENTATION

One of the system requirement questions which must be answered is: What

should be the inertial orientation of the satellite spin axis? The two orientations

of special interest are normal to the ecliptic plane, and normal to the orbit plane.

From the experimenter's point of view, alignment normal to the ecliptic is
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preferable. It remains to determine whether this is possible and reasonable from

the point of view of spacecraft requirements.

In the case of the stacked configuration, in which the orientation is established

by the carrier, the choice is constrained by the separation requirement that all

velocity increments be normal to the orbital velocity vector. Any deviation from

this will result in period differentials and therefore in secular drift rates. Since

implementation of the out-of-plane velocity increment, either by springs or by

solid rockets, requires that the separation velocity be along the spin axis, the

spin axis must be normal to the orbital velocity vector. This condition cannot

be satisfied by an ecliptic alignment. Making the spin axis normal to the orbit

plane does, of course, satisfy this necessary condition, and also simplifies the

mechanization of the attitude control sensors and logic. Therefore, the orienta-

tion of the spin axis is dictated in this configuration by the separation method.

In the radial configuration, in which the individual satellite spin axes are oriented

after separation, there is no constraint on the orientation due to the separation

method. The principal effect on spacecraft requirements of aligning the spin

axis normal to the ecliptic plane is the resulting increase in antenna beamwidth

requirement. The essence of this analysis is shown in Figure 7-2. The plot

shows the variation with true anomaly of the angle subtended by the earth's disc,

and the angle between the spin plane of the satellite and the earth-satellite line.

The sum of these, together with an allowance for attitude error, is the total angle

required to provide full earth coverage; this composite alzo is shown on the plot.

The spin plane tilt shown is based on a reference orbit which has an inclination to

the ecliptic of 26 degrees. The most interesting point on this plot is in the region

of 90 to 100 degrees true anomaly, below which satellite communications will not

be scheduled, due to operational considerations (i. e., station availability and

ground antenna tracking rate limitations). This region then represents the

maximum requirement on beamwidth.

From the plot, the total beamwidth required is about 110 degrees. This happens

to be just about the maximum toroidal beam which is feasible with the antenna

configurations which are proposed. It should be noted that the ecliptic inclination
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of 26 degrees represents a very conservative case. The actual selection of an

optimized launch date will result in ecliptic inclinations on the order of 5 to 10

degrees, and this will decrease the beamwtdth requirement correspondingly. An-

other factor which makes this a conservative analysis is a degree of flexibility in

scheduling the playback times. For example, should the actual antenna design

result in a beamwidth of 90 degrees, the plot shows that full earth coverage would

be available down to a true anomaly of about 110 degrees. Shifting the end of the

playback zone from 90 to 110 degrees true anomaly means a rescheduling of less

20 minutes. Because the satellite is moving much more slowly at the beginning

of the 2-hour playback period than at the end, the increase in range at the begin-

ning of playback is only slight (about 3000 km) and there still is no interference

between the playback region and the measurement and record region. It is there-

fore concluded that for the radial configuration, the experimentally desirable

alignment of the spin axis to the ecliptic does not result in any unreasonable space-

craft or system requirements, and therefore this alignment is recommended.

7.5 CONFIGURATION COMPARISON

In Table 7-4 is given a summary of the comparison of salient features of the

two principal configuration alternatives. The chief points of comparison, and

some explanatory remarks concerning the entries in the table, are as follows:

7.5.1 Design

Weight. Based on our preliminary design studies, estimates of total payload

weight have been made, as follows: radial configuration, 266 Ibs; stacked con-

figuration, 302 lbs. These estimates included an assumed experiment load of

12 lbs. per satellite. Although these figures would be refined by further design

studies, the comparison is valid and shows a substantial advantage for the

radial concept. This is due to a combination of individual satellite design

features, as well as the ability to use a relatively lightweight trusswork adapter

for the radial configuration, rather than the standard Delta adapter. Also, the

carrier module required for the stacked case is a considerable additional weight.
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TABLE 7-4

CONFIGURATION COMPARISON SUMMARY

• DESIGN

Weight
Power Available, Maximum
P/L Separation Complexity

Satellite Separation Complexity

Boom Complexity

Spin-Up Requirement

Attitude Control Requirements

Orbital Antenna

Ascent Antenna

Ascent Equipment

Ascent Power

• RELIABILITY

Probability of Survival,
4 Satellitesfor 3 Months
Risk Factor

• OPE RATIONS

Ascent

Orbital

• EXPERIMENT SUITABILITY

Spin Axis Alignment

Array C onfi guration
Expected Drift Rates

Adaptability for Orbital Maneuvers

RADIAL

266 lb,
30 Watts
Bolt Cutter

ISingle Event

Single Event for
Satellite;
Satellites Independent
Each Satellite

4 Separate Systems

NH 3 RCS
Sun Sensors
Albedo Earth Sensor

Biconical S-Band

VHF Whip
VHF Beacon &
Command RCVR

Battery;
No Interfaces

,59

Satellites Deployed
Independently

24 hours

Angle Track
& Command

GRRR Track

Receive TLM

& Command

Normal to

Ecliptic
No Essential Difference,
Capability is Added to

Can Make AV
Maneuvers for

3D Array

STACKED

302 lb.

25 Watts

STD Delta Separation
V-Band Clamp

3 Separation Events
+ AV Maneuver
+ Solid Rockets

Single Event

For Payload

None

Single System

N2H^ RCS
Sun _ensors

IR Earth Sensors

Strip-Array S-Band
VHF Turnstile

VHF Telemetry
Transmitter &
Command RCVR

Solar Power

From Satellites

• 56

2nd Pair Deployment
Dependent on 1st

i2 Hours

Anglo Track,
Receive TLM
& Command

GRRR Track,
Receive TLM
& Command

Normal to

Orbit Plane

if Translational

One Radial Satellite

No Orbital

AV Capability

Im(_ll L_O. POLIO cO IRpORATION
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Power. An estimate has been made for each configuration of the inherent

growth potential in power availability. These were based on the maximum

possible extension of the longitudinal dimensions of the solar arrays, con-

strained only by the shroud envelope (the diameters already are maximized).

The results were that the maximtim power available from the radial configura-

tion satellite would be about 30 watts, and from the stacked about 25 watts

(these figures are for conditioned load power at the end of six months). This

additional power for the radial case would be a decided advantage particularly

if it were desired to use the more capable DSV-3J launch vehicle and incorporate

added experiments.

Payload Separation Complexity. The radial configuration payload is separated

from the third stage adapter using a pyrotechnic bolt cutter and a set of matched

springs. The stacked configuration uses the standard Delta separation device

consisting of compressed springs and a pyrotechnically-actuated V-band clamp.

There is very little difference in complexity between the two systems.

Satellite Separation Complexity. The deployment of the four radial satellites is

accomplished by a single event, the firing of a pyrotechnic cable cutter. A

redundant pyro device could easily be added for reliability. By contrast, the

stacked configuration requires three separate pyrotechnic events, the in plane

AV maneuver, and the firing of the solid rocket on each of the four satellites,

for the out-of-plane velocity increment. The pyro events are V-band clamp

separations to release the satellites: one for each of the two outboard satellites

(these two are fired simultaneously), and a common one for separation of the

two inboard satellites. The in plane AV maneuver involves the pulsed operation

of the radial thruster of the hydrazine reaction control system in the carrier.

The comparative simplicity of the radial configuration in this regard is the

most persuasive single feature in its favor.
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Adaptability for Orbital Maneuvers. The on-board reaction control system of

the radial configuration satellite could be used, with the addition of a small

amount of propellant, for making AV maneuvers in order to obtain a particular

three-dimensional orbital array. The stacked configuration satellite has no

such potential; should the capability for orbital maneuvers be desired, the

requisite hardware would have to be added.

Boom Deployment Complexity. The boom design in the two cases is essentially

the same: a rigid, single,hinged boom which is released by a pyrotechnically-

actuated latch and deployed by a sprlng-and-damper mechanism. In the radial

case, a separate event on each satellitereleases the three booms on that

satellitewhereas in the stacked case a single event on the payload releases all

twelve booms. The radial case has a disadvantage in that itrequires four events

rather than one, but, since the satellitesdeploy their booms independently, a

failure would result in losing one satelliteonly, instead of the entire group.

Attitude Control Requirements. The most obvious difference between the two

concepts is that the radial requires four attitude control systems, one on each

satellite, compared to only one on the carrier of the stacked configuration.

Again the situation is that a failure is more likely with four separate systems

than with one, but the results of a failure are less disastrous. This presumes

that three operable satellites are to be preferred over none at all.

Beyond this overall comparison, the attitude control sybsystem elements

are different. They each have the same type of moving parts, solenoid-

operated propellant valves, and the radial case requires an ammonia

heater, whereas the hydrazine thrusters require a catalyst chamber

ammonia heater, whereas the hydrazine thrusters require a catalyst chamber

and propellant injector assembly. The same type of sun sensor is required for

each case. The radial case can use an albedo-type of horizon sensor, while the

more stringent accuracy requirements of the stacked configuration dictate the

use of infrared-type horizon sensors, which are more complex and costlier.
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Spin-Up Requirements. In the radial case, each satellite must have the capabil-

ity to spin up to the desired orbital rate, following deployment of the booms. In

the stacked configuration, the inertia ratios are such that the proper spin rate can

be obtained directly from the launch vehicle, and no spin-up capability is required

on the satellites. This is an advantage of simplicity in favor of the stacked con-

figuration.

Antenna Configurations. The orbital antenna which is most suitable for the radial

configuration is an S-band biconical horn on top of a central mast. For the stacked

configuration, a strip array of planar spiral elements with associated resonant

cavities appears to be the best choice. The former configuration is considerably

simpler both in design and in operation.

For ascent operations, the respective VHF antennas are a whip, for the radial

configuration, and a turnstile, for the stacked. These are both very simple,

and offer about the same level of performance.

Ascent Communications and Control Equipment. The release module of the radial

configuration requires a VHF beacon, and a command receiver with an associated

sequence timer. The carrier of the stacked configuration also needs these, and

has the additional requirement for a digital telemetry unit and telemetry trans-

mitter.

Ascent Power Supply. The radial configuration can be upera÷ed during ascent by

a small primary battery, whereas the power requirement and cva_t phase duration

of the stacked configuration are such that the additional complexity of an umbilical

electrical interface between the carrier and the solar array-supplied power sub-

system of an adjacent satellite is required for power transfer.

7.5.2 Reliability

Based on a single-string failure rate analysis, the radial configuration has a

slight advantage in probability of deployment and survival of four satellites for

three months, 0.59 to 0.56. Failure modes and effects analyses and the indicated
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low-level redundancies would easily bring either of these to the desired 0.70

value. There are reliability features, however, which are not readily reflected

in a mathematical failure rate model. One of these is the risk factor involved

in the stacked configuration in that the first pair of satellites must be separated

before the second pair can be separated, whereas in the radial case the separa-

tions of the four satellites are independent. Also, the existence on the radial

satellites of an attitude control system gives a certain functional flexibility, i.e.,

reorientations could be made in response to unexpected occurrences. Mainly

because of these qualitative evaluations, the radial configuration appears to

offer a reliability advantage.

7.5.3 Operations

Ascent Coverage. The support required of the ground network during ascent is,

in the radial case, of 24 hours duration, and consists of angle tracking for

essentially the entire period, computation of the apogee angle, and the commsuad

control near apogee. Subsequent to separation, command control of attitude

maneuvers is required for short periods during the first orbit. In the stacked

case, the ascent phase during which the satellites remain together lasts for 72

hours. The requirement for angle tracking and orbit determination is the same.

The stacked payload imposes the additional requirement for reception of tele-

metry {principally attitude data), computation of required orientation commands,

and transmission of the attitude control and deployment maneuver commands.

But all of this, with the exception of the AV maneuver, must be done also for

each of the radial satellites following separation, so that there is very little

to choose between the two configurations in this regard.

Orbital Coverage. There is no difference between the two configurations in the

network support required for tracking, data reception and management, and

command control operations.

7-22

mt41t.l=Q.WOmQ OOmlmOmATtlON

|pmo! | MNrlll
Ilye_mmme Olvlmlon



SRS-TRI46

7.5.4 Experiment Suitability

.SpinPlane. The radial configuration has the capability to align the spin plane

with the ecliptic,which is desirable from the experimenter's point of view,

whereas the separation method of the stacked configuration requires that the

spin axis be normal to the orbit plane, which results in a fixed bias of the spin

plane with respect to the ecliptic on the order of 5 to 10 degrees, depending on

launch date.

Array Configuration. There is no fundamental difference in the satellitearrays

which are obtainable using the two concepts. In the case of an array which is

initiallyplanar, the radial concept might be considered to have a disadvantage

in that itmust be separated at apogee, and thus the relationship of the sun to the

satellitearray is fixed by the launch date, whereas in the stacked case there is

freedom to trade offthis sun angle relationship against a varying true anomaly

of separation. The radial concept has a slightadvantage, however, should it

be desired to establish the array initiallyin a three-dimensional configuration,

because ittakes a lesser number of maneuvers to accomplish this.

Drift Rates. The arrays which are established by both concepts are subject to

asymmetric elongations which increase over the life of the mission, due to the

secular drifts of the individual satelliteswith respect to each other. These

drifts are associated with period differentials,which, in turn, are caused by a

combination of deployment errors and subsequent differentialJrag perturbations.

Error analyses of the two concepts have shown that the magnitude of expected

velocity direction errors is about the same in either case. Therefore, there is

no reason to prefer one concept over the other for reasons of lower expected

drift rate.

In summary, of the two alternative concepts which were studied, the radial

concept offers a configuration which is lighter, simpler, more adaptable to

growth versions, and has at least equivalent experiment value, and therefore

this is the preferred concept.
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SECTION 8

RELIABILITY ANALYSIS

8.1 INTRODUCTION

The major reliabilitygains in a system are made in the initialconcept selecti_,i_.

The concept selected basically constraint system reliabilityiml)rovement _'_('_I)#

in the areas of basic reliabilityimprovements of parts and materials used. lii:_

assumed that the system will be implemented with the most reliable parts and

materials available and the quality variance of the parts and materials will be con-

trolled by a 100 percent screening and burn-in type program on the 250 Io 5()_)h(,_v

level. In respect to maximizing the inherent design reliability,the preferred s,:._,ill

concept is the one that best provides:

High resistance to complete mission failure due to single part/materi_l

failures.

• Functional simplicity and independency of operation

• Functional flexibility

• Potential growth capability

High worth of possible failure modes in achieving partial missi(,t_

objectives.

The radial and stacked system concepts were evaluated in respect to the above

criteria and the results are discussed in the following paragraphs.
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8.2 SYSTEM RELIABILITY ANALYSIS SUMMARY

For the scientific data acquisition mission for this system, the preferred concept

that offers the highest potential of meeting the required level of reliability is the

radial payload system. _The specified requirement for the four-satellite array to

be designed to achieve at least a 0.70 probability of success for system installa-

tion and three months orbital operation can best be realized in the radial type

concept. Conservative assessment of the design indicates total functional success.

The probability that all four satellites will successfully survive three months

without any redundancy or special failure hazard reduction features i8 in the region

of 0.56. This is only a factor of 1.7 below the specified requirement of 0.70.

Based on past experience, this level of improvement is usually realized in the

detail design mechanization by nominal reliability improvement efforts.

8.3 SYSTEM CONCEPT TRADES

The results of alternate system concept trades are dependent on the mission

objectives and design criteria used to evaluate the concepts. The evaluation

criteria are stated in the following paragraphs.

8.3.1 Mission Objectives

The overall mission objective is to establish four scientific instrument "platforms"

in an array to acquire time and geometrically coherent data on the physical para-

m eters of interest.

The significance of this objective is that a space-time coherent scientific data

acquisition mission of this type requires a system concept that recognizes in its

design calibration, establishment and maintenance of the system geometrical

parameters within the scientific accuracy required.

8.3.2 Overall Mission Success Criteria

Total mission success in respect to the objectives is dependent on the following

specific success criterion:
8-2
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a. Placement of Science Instruments. Successful placement and orien-

tation of instrument_3 in the regions of scientific interest specified.

b. Science Data Acquisition. Successful acquisition, processing and

transmission of s'cience measurement data.

c. Experiment Control. Successful control of science instrument measuH,-

ments, orientation, processing, and transmission.

d. Calibration Data Acquisition. Successful acquisition, processing _Jnd

transmission of data on placement, orientation, instrument paran,ct,.r,

data proccssing parameters and transmission parameters for calibra-

tion and error analysis of science measurement data.

e. Engineerini: l)ala Acquisition. Successful acquisition of general salel-

lite performance parameters to vt,cify/aualyze the satellile's pert',,rm-

ance effect on valid science and calibration data acquisition, pr,)(.( s:+-

ing and transmission.

8.3.3 Inherent ReliabilityCriteria

The alternate concepts were evaluated in respect to the following specific criteria

to provide the engineering co_ffidence in relative achievement of mission objectives

to the success criteria.

a. Reliability of scientific data acquisition

b. Functional flexibility

c. Failure mode effect in terms of partial scientific ,]nta at'quisiti(,_

d. Potential ffrowth capability for reliability improvement/failure hazard

reduction in the implementati,m phase
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e. Functional independency and simplicity of operation to achieve total

and/or partial mission objectives

A brief expansion on each criterion is necessary to assure understanding of the

trades discussion.

Reliable Data Acquisiti,_n. Reliable data acquisition is dependent upon:

a. Design adequacy of the system array to sense and acquire the data.

b. Real time verification of acquired data validity.

c. Prelaunch calibration of sensors and instrument platform.

do Real time monitoring of performance to assure calibration data for

correction of systematic errors induced by degradation/aging of the

sensor equipment and platform.

e. Identification of systematic and non-systematic scientific data error

sensors.

Functional Flex..ibility. By definition, scientific measurements to determine

uppredictable characteristics of a transient nature imply a flexibility in measure-

ment control. In this sense, reliability of scientific data acquisition is dependent

to some degree on the capability to maneuver the instrumen_ D]atform's orientation

in respect to the space coordinates and to the satellite array co_,r(_inates. The

degree of flexibility required can not be clearly delineated until the initial reference

point is established with data reduction and correlation of the data obtained in

the early orbit.

The mission success criterion for system trades can be viewed as the probability

of acquiring useful scientific data as a function of unplanned events such as failures

and unexpected data perturbations requiring analysis by instrument platform

reorientation.
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Failure Mode Effect on Scientific Data Acquisition. The consideration of the

effects of failure modes on scientific data acquisition per missionis a significant

trade factor. In the reliability evaluation of two alternate system concepts to

achieve the same mission, the relative worth of failure mode effects are given

weight in the trade-off. The basis of this criterion is that: given a single catas-

trophic part/material failure in the design, the effect of the failure should not

result in a complete mission failure. Although it is practically impossible to

meet this criterion without considerable part, circuit and equipment level

redundancy, two system concepts can be evaluated for their inherent resistance

to complete catastrophic failure.

Potential Growth Capability. As the detail characteristics of a system design

become visible in the development and compatibility test phase, unacceptable

hazard areas become evident. A system that has intrinsiccapability for flexi-

bility,relocation of equipment, and minor reconfiguration is more reliable in

the sense that risk areas can be obviated by corrective action design without

major perturbation in the system design, cost and schedule.

Functional Independency and Simpliicity. The more complexity, interfaces, and

functional interdependency a system has, the more unreliable it tends to be when

compared with a competing system design to achieve the same mission objectives.

8.4 RADIAL VERSUS STACKED CONCEPT TRADES

Shown in Figure 8-1 is a delineation of the functional/event fl._w of the Radial and

Stacked with point of departure identified. With this diagram as an aid, the nmjor

significant factors in reliabilitytradeoffs are discussed.

8.4.1 Placement of Scientific Instruments.

The variance between the alternate concepts is greatest for accomplishment of

this success criteria. The major differences am :
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ag Carrier Configuration. The stacked carrier has the disadvantage of

potential structural design requirements variance as a function of

satellite position in the configuration. Since the stress loading of the

3rd stage burn is a significant stress region this can be a constraint

in assuring an adequate strength to loading margin within weight and

volume allocation in respect to standardizing satellite designs. The

radial carrier concept lends itself to standardized design due to its

symmetrical interface with the carrier orthogonal to the thrust vector.

be Extended Coast Time. The requirement of the stacked concept for a

72 hour coast phase versus 24 hour period for the radial is a significant

factor in battery reliability and maintaining thermal control without

compromising optimum orbital operation thermal design.

C, Delta Velocity Increment. The radial concept takes advantage of the

3rd stage stability RPM energy to inpart a delta velocity to each

satellite as a function of timed release. The stacked requires a

satellite solid fuel rocket combined with a carrier delta velocity

function to achieve the array dispersion matrix.

d. Conditional Functions/Events. Placement of satellites in the stacked

payload are conditionally dependent on successful functioning of the

carrier attitude control system. Separation of the satellites are serially

dependent, i.e., hang-up of a satellite will either affect an inboard

satellite or introduce sufficient instability m the _ystem to preclude

recovery by the carrier attitude control system.

D

8.4.2 Science Data Acquisitic_

Relative achievement for the alternative concepts based on this criterion favors

the radial due to its flexibility. Since the satellites have independent attitude

control capability and the measurements are vector as well as amplitude type,

the likelihood of achieving valid data even with satellite failures in the array or

partial failures in the satellites is improved by reorientation capability.
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8.4.3 E_perimental Control

This probably is the most important criterion for evaluating relative degree of

inherent reliability achievement. The degree of control of the satellites as

instrument platforms in context of unplanned events such as failures or unexpected

data perturbations can make the difference in a successflll mission. The radial

concept, due to its satellites having independent attitude control, provides

significant flexibility and failure recovery capability. Besides the obvious

advantage of the experimenter being able to change orientation in array or

satellite either prior to launch or post launch, the significant gain is that each

satellite can drop to a non-coherent Pioneer type mission, e.g., failure of the

booster to achieve planned trajectory would not abort mission since the radial

concept can separate four Pioneer class experiments and adjust each satellite

to obtain the most useful data for its type of orbit.

8.4.4 Calibration Data Acquisition

The radial provides the maneuvering capability to re-orient instruments to test

data in orthogonal planes or to verify a sensor's performance by change of sensor

orientation to the measured field.

8.4.5 Engineering Data Acquisition

No significant differences were noted in the alternate concepts for inherent

capability to this success criterion.

8.5 QUANTITATIVE ASSESSMENT

The following paragraphs discuss the quantitative assessment of the alternate

concepts based on a systems part count type assessment and the variance in

mission profiles. The results of the assessment were:

. The radially mounted config_aration is preferred for reliability reasons.

Table 8-1 provides a comparative listing of the characteristics of the

8-9
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two configurations considered. The radial design shows significant

advantages over the stacked configuration.

2. The significant requirement is the O. 70 probability of survival (Ps)

for the set of four satellites during the first three months in orbit.

. The reliability requirements are feasible if selected redundancies

are allowed.

4. The implementation of both a Failure Modes and Effects Analysis

are assumed to allow upgrading the reliability expected.

8.5.1 Quantitative Requirement

The reliability requirement for the four satellite array was specified as total

functional success for installation and operation for three months with a pro-

bability of success of 0.70. This is an effective requirement of 0.92 for each

satellite for three months or a equivalent failure rate of 4.1%/1000 hours.

Preliminary estimates give the following for an individual satellite:

*Probability of Survival - 1 satellite - 3 months = 0.75336

Probability of Survival - 4 satellites - 3 months = 0. 32211 for

h = 12930 Bits (1 Bit = 1 failure/108 hours)

The reliability improvement required can be measured by

heff 12930
= = 3.1

hreq'd 4128

Subsequently, more detailed analysis should show that achievement of the

required reliability is feasible. Analyses not possible at the present design

level typically show feasible reduction of A eff up to 0.56 from improved system

and equipment-failure definition alone.
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TABLE 8-1

RELIABILITY CHARACTERISTICS COMPARISON - SUMMARY

RADIAL STACKED

Advantages Disadvantages Advantages Disadvantages

Shorter time to

satellite sepa-
ration.

Failure of one

attitude system
still permits
stabil ization
of remaining 3.

All satellites

separated simul-
taneously.

Release sequence
relatively
simple.

Higher numerical
reliability estimate.

Four attitude

control systems.
Added possibil-
ity of failure.

One attitude

control systems.
Less probabil-
ity of failure.

Failure of one
A V motor will

still perm_ :c-
maining satel-
lites to be pro-

perly deployed.

Longer time to
satellite sepa- _-_
ration.

Failure of atti-
tude control af-

fects are satel-
lites.

Satellite separa-
ted pairwise.
Second separation
dependent on first
being successful.

Requires _hV
motor in each
satellite. Adds

to probability
of failure.

Release sequence
relatively
complex.

Lower reliability
numerical estimate.

D
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Then we have

_. eff 7241

hreq'd 4128
1.7

8.5.2 Single Satellite Assessment

The on.orbit reliabiliW factors are relatively independent of the launch

configuration used. The launch reliability (through separation of the satellites)

is different for the two configurations resulting in a slightly higher reliability

for the radial configuration. Although the attitude control function is found in

all four satellites, the added failure fractions are more than offset by the

48 hour longer period to effect separation of the stacked configuration.

8.5.2.1 Orbit Phase. Table 8-2 summarizes the failure fraction

contribution of the various subsystems for the orbital phase. Both configura-

tions are assumed the same during the orbit phase - after complete separation.

The table includes the basic failure rate; a failure rate adjusted for expected

influence of the failure modes and effects analysis and end life degradation

analysis ( h'= 0.56 k ); appropriate mission phase environment-time

factors ( KT ) and values of h KT and k' (adj.) KT. The reliability values -

probability of survival - are given for one satellite. Valuesfor four satellites

will be found in Table 8-3.

8.5.2.2 Launch Phase. Table 8-4 provides launch i_hase data for the two

alternate configurations. The configurations here are not the same. The

stacked configuration has the attitude control function contained in the central

cylinder. The radial system requires four attitude control systems. The

stacked system requires 48 hours longer to complete separation than the

radial configuration, thus delaying the initiation of the orbit phase. The

failure rate adjustment factors described in 8.5.2, 1 are not applicable during

launch and are omitted from the table.
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8.5.3 Quantitative Reliability Assessment Summary

Table 8-3 summarizes Tables 8-1 and 8-2 and presents a composite of the

reliability estimates. The probability for 4, 3, 2, 1, and 0 satellites sur-

viving the three-month required period are also given. Numerically, the

indication is that the radial configuration is to be preferred for reliability

reasons.
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TABLE 8-3

COMPOSITE - RELIABILITY

. LAUNCH THROUGH ORBIT OPERATIONS

Satellites Surviving Launch

0 satellite

1 satellite

2 satellite

3 satellite

4 satellite

Radial

O.00006

O.01040

O.98956

Stacked

0.00047

0.03462

0.96491

Expected No. Surviving Launch 3.99 3.96

0.00169

0.02654

0.15666

0.41092

0.40418

Orbit (3 months)

No. of Satellites Surviving

0

1

2

3

4

0.00169

0.02654

0.15666

0.41092

0.40418

0.00020

0.0O599

0.06618

0.32590

0.60175

0.00020

0.00597

0.06618

0.32590

0.60175

Expected No. Surviving
3 months Orbit 3.19 3.52 3.19 3.52

Launch Through Orbit 3 months

Satellites Surviving

0

1

2

3

4

0.00175

0.02718

0.15867

0.41175

0.40064

3.18

0.00021

0.00156

0.06791

0.32877

0.59687

3.52

0.00194

0.02918

0.16483

0.41405

0.39002

3.16
Expected Surviving Launch
Through 3 months

0.00026

0.00716

0.07384

0.33811

0.58063

3.49
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TABLE 8-4

RELIABILITY ESTIMATES - LAUNCH PHASE

Structural

Separation

Orbit Insertion

Stabilization/Orientation

Power

C ommunication

Data Processing &
Storage

Command and Control

TOTAL KT

Ps**(KT)

4 SATELLITES

KT

P **CKT)
S

(Bits)*

56

163

200

1774

9O7

2054

6041

2920

Radial Design

KT*** KT

95

15

15

15

15

15

15

15

0.000044

0.000024

0. 000030

0. 000266

0.000136

0. 000308

0. 000906

0.0OO438

0. O0215

0. 99738

0. 00861

0. 99143

Stacked Desl_n
KT KT

143 0.00007

63 0.00010

63 0.00013

63 0.00112

63 0.00056

63 0.00129

63 0.00381

63 0.00184

0.00893

0.99111

0.03512

0.96549

* Bits = Failures/108- Hours

** Ps (KT) = Probability of
Survival for

Time Required

T = 0.2 Hrs. (Radial)
0.2 Hrs. + 48 Coast (Stacked)

K = Failure F_ate _cceleration
Factor - For Launch:

Mechanical Items K = 800
Electronic Items K = 80

For Coast K = 1
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Apogee, the point of greatest excursion of an Earth satellite.

Conic section, the locus in a plane of all points having a constant ratio

(eccentricity) between the distance r from a fixed point F (focus) and the

distance d from a fixed line (directrix).

Eccentricity, see conic section.

Path angle, _ the acute angle between the velocity vector and the normal to the

radius vector.

Perigee, the point of closest approach of an Earth satellite.

Perio______dd,_/, the time required for a body to complete one complete revolution.

Phase_shi_, At, the time between two satellites closest approach to a given point.

Rotation angle, p, the angle between the initial orbit plane and the orbit plane of

the satellite after an out-of-plane maneuver.

Semi-major axis, a, the radius of the smallest circle which will circumscribe an

ellipse.

Semi-minor axis, b, the radius of the greatest circle which may be inscribed in an

ellipse.

Semi-latus rectum, p, the radius at 90 degrees true anomaly.

True anomaly, 8, the angle to the radius vector measured from the radius at

perigee.

G-1
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APPENDIX I

BURNER 12 FOR MULTI-SATELLITE MISSION

A cursory examination has been made of the applicability of the Burner II upper

stage to the multi-satellite mission. The conclusion is that this is a feasible

application, and should be further evaluated as an alternative approach.

1. BASIC MISSION CONCEPT

The basic concept that is recommended for the Burner II application to the

Satellite mission is as follows:

a. Boost (DSV-3L or SLV-3A with Burner II)

b. Burner H main propulsion burn

c. Burner II vernier for precise perigee velocity control

d. Burner II and satellites coast to apogee (approximately

24 hrs. )

(1) Burner II velocity meter and telemetry turned off

during coast.

e. Pre-programmed event turns command receiver and T/M

on prior to initiation of satellite deployment.

f. Command event initiates satellite deployment sequence.

g. Pre-programmed deployment sequence is a series of 14 events

as described in Section 3.

I-1
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2. FOUR SATELLITE ARRANGEMENT ON BURNER II

The configuration shown in Figure I-I is representative of the concept recom-

mended for use with the Burner IIdeployment scheme described herein. The

available solar panel area shown is about 75 percent more than the minimum

required. The greater area is shown to indicate the growth potentialwithin the

available envelope of the Nimbus shroud with the Burner H. The folded booms

shown will deploy to a radius of 63 inches from satellitecenter. Seventy-five

inch radius booms are stowable in the same manner but are not shown for the

sake of concept clarity. A minimum solar ceU area stack of four satellitescould

be 32 inches shorter than the one shown. The satellitewill be deployed sequen-

tiallystarting with No. 1. The separation concept involves V-band clamps with

a small spring to impart 1 ft./sec, separation velocity. A small solid rocket

provides the spin up torque after separation.

3. SATELLITE DEPLOYMENT O:)NCEPT

The satellite deployment scheme described here involves a tandem stack of four

satellites mounted on Burner 1I as shown in Figure I-2. The method of deploy-

ment described results in the satellites acquiring a 5 meter/sec, separation

velocity relative to a center point within the deployed array. The deployment of

the satellites is accomplished by providing the required velocity vector with the

Burner II H20 2 thrusters and then by attitude maneuvering to properly orient the

satellite spin axis prior to each satellite separation. The concept as sumes that

satellite separation is accomplished by V-band Joints and springs with spin up

accomplished by satellite mounted spin rockets.

A chronological description of the deployment concept shown in Figure I-2 is as

follows:

Starting Condition

Event No. 1

Event No. 2

= Longitudinal axis along flight path velocity vector,
payloads forward.

= 90 degree yaw, to point vehicle in direction to
align satellite spin axis perpendicular to orbit plane.

= Separate No. 1 satellite and ignite spin rockets on
No. I.

I-2
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Figure I-2 Burner H/Multi-Satellite Deployment Concept
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Event No. 3

Event No. 4

Event No. 5

Event No. 6

Event No. 7

Event No. 8

Event No. 9

Event No. 10

Event No. 11

Event No. 12

Event No. 13

45 degree roll down, to point vehicle for proper
velocity vector for No. 2 satellite.

AV 5_'2 m/sec, H202 thrusters.

45 degree roll up, to align satellite spin axis
perpendicular to orbit plane.

Separate No. 2 satellite and ignite spin rockets
onNo. 2.

135 degree roll down, to point vehicle for proper
velocity vector for No. 3 satellite.

= AV 5t/2-m/sec, H202thrusters.

= 45 degree roll down, to align satellite spin
axis one to orbit plane.

= Separate No. 3 satellite and ignite spin rockets
onNo. 3.

= 45 degree roll down, to point vehicle for proper
velocity vector for No. 4 satellite.

= AV 5 _- m/sec, H20 2 thrusters.

= 45 degree roll up to align satellite spin axis
one to orbit plane.

Event No. 14 = Separate No. 4 satellite and ignite spin rockets
on No. 4.

Some of the events in the above sequence require start-stop action so the start

of one action and the terminating of the preceeding one can be combined to reduce

the total number of events to be programmed on the Burner H intervalometer.

Programmed attitude changes on Burner II are made by initiating a rate, holding
I

it for the proper time interval, and then tern_.lnating the attitude change rate.

r

The deployment concept described refers to ,_rienting the satellite spin axis

perpendicular to the orbit plane. This is done i_or simplification in describing
/

the concept while being aware that it is desirable to have the spin axis approxi-

mately perpendicular to the ecliptic plane. Th41 attitude position angles of 45

degrees immediately prior to the satellite sepaiation events can be adjusted,

based on launch date to compensate for ecliptic _nclination of the orbit plane.
t
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Ac__curac__Spin Separation. A single small spring can be used to separate pay-

loads with 1 ft/sec AV. (Spring constant 26 Ibs/In. one inch stroke). The 1 ft/sec

will enable simultaneous sequencing of events as indicated above. Preload will be

26 Ibs. which, with 0.1-inch c.g. offseton the sping and a 2 second delay to free

spin-up will give only 0.5 degree pointing error, including the effectof the Burner

II N 2 attitude system limit cycle rates.

Spin-up by a small solid rocket requires tight tolerances on installation design

and rocket motor selection. Assumptions pertinent to the accuracy quoted here

are that the spin rocket is mounted so that less than 1 percent of the torque pro-

duced is in a cross axis and the products of inertia are such that the principle

axis is within 1 degree of the desired spin axis. Other assumptions were:

I s/I x = 1.5 before booms are deployed, 1.8 after boom deployment. Spin-up to

140 rpm (booms folded) to give 60 rpm (booms deployed) requires a solid motor

of approximately 0.9 lb. Calculated errors for the above assumptions with the

previously described deployment concept are:

Pointing = 3.3 degrees

Wobble = 2.2 degrees.

4. BURNER IIMODIFICATIONS

Reaction Control System. The reaction control system requires three changes

due to the Payload c.g. height above Burner II, the amount of H202 required to

complete the deployment maneuvers, and the coast time of 2_ hours to apogee.

Re Install 40 lb. thrust motors in place of the current 22 lb. thrust motors.

(The larger motors use the same valve as the current ones and are

available from the current motor supplier).

b° Install two 18 lb. capacity H202 tanks in place of the current two 9 lb.

H202 tanks (18 lb. H202 tanks are presently used in the Scout program

as are 9 lb. tanks so they are available from the current supplier).

D
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Co Install a low pressure regulator and valve in the N 2 system to provide

50 psia N 2 to the N 2 thrusters during the coast phase. The regulated

pressure currently is 420 psla. The new regulator would be pre-

programmed to be in the system only during the long coast. The cur-

rent N 2 tanks have adequate N 2 capacity for the 24 hours coast with the

addition of the low pressure regulator.

Electrical Power and Distribution System. The recommended Burner II configur-

ation for the multi-satellite mission would make use of available satellite power

during the coast to apogee. Power for the velocity meter and the T/M system

would be shut off after Burner II vernier burn at perigee. The T/M would be

turned back on at apogee for the satellite deployment data. The net increase in

Burner II battery weight is 3 pounds using this operational concept. Solar panel

illumination during coast is planned on the basis of rolling at six rev/hr, for gyro

drift cancellation.

Command Link System. A command link system and a tracking beacon will be

added, so that tracking can be used during the first half orbit to determine the

actual orbit, and to command initiation of the satellite deployment sequence at

the appropriate true anomaly.

Weight Effect of Bui_aer II Modifications. The weight additions to the basic Burner

II for the modifications discussed are:

319 lbs =

37 lbs =

Total 356 lbs =

Basic Burner with weight saving items presently planned
incorporated.

"Payload support increase to accommodate for four 80 lb.
satellites.

Battery addition

H202 Tank capacity increase

Low Pressure Regulator and Valve addition

H202 motor thrust increase

Tracking beacon and command receiver

_Misc. for power switching, wires and timer concept

Burn out weight of Burner H for multi-satellite missmn

I-7



5. PERFORMANCE

The payload capability for the DSV-3L/Burner 12 and the SLV-3A/Burner 12 to

70,000 n. mi. apogee is shown in Figure I-3. The data is plotted to show the

performance effect of perigee variation. The Burner H version in the performance

curve is as modified for the multi-satellite mission. Performance shown is for

launching due east at ETR.
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Figure I-3 Elliptical Orbit Capability, Apogee Altitude -- 70,000 N. Miles

6. SUBJECTS FOR CONTINUED STUDY

It is recommended that the following items be included in subsequent phases of the

multi-satellite studies:

a. DSV-3L/Burner II and SLV-3A/Burner II Error Analysis. This is

needed to accurately determine the range angle tolerances on apogee.

Determination of time to apogee predictability is vital to the concept
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of pre-programming _he start of the satellite deployment sequence,

which is a possible alternative method.

b* Trade Studies for Integrated Power and Electronic Systems. Studies

are required to e_tablish the optimum power tie between the satellites

and Burner II. Questions of telemetry requirements, tracking beacon,

and command link need further study.

c. Burner H/Satellite Interface Study. Structural and functional interfaces

need to be defined once the concept is established.
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